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ABSTRACT 
This report presents, results of a conceptual design and feasibility 
-study of-chemical propulsion ,stages that can serve as modular propulsion 
units, with little or no modification, on a variety of planetary orbit mis-­
sions, including orbiters of Mercury, Saturn, \and Uranus. Planetary 
spacecraft of existing design or currently under- development, viz. , 
spacecraft of the Pioneer and Mariner families, are assu ned as payload 
vehicles. Thus, operating requirements of spin-stabilized and 3 -axis 
stabilized spacecraft have to be met by the respective propulsion module 
designs. As launch vehicle for these missions (considered for the mid-. 
1980's or thereafter) the Shuttle orbiter and-interplanetary injection 
stage, or Tug, plus solid-propellant kick motor was assumed. Accom­
modation constraints and interfaces involving the payloads and the launch 
vehicle are considered in the propulsion module design. 
In this i Z-month study TRW evaluated the'applicability and' per­
formance advantages of the space-storable high-energy bipropellants 
(liquid fluorine/hydrazine) as alternative to earth-storable bipropellants 
(nitrogen tetroxide/in-onomethyl hydrazine). . The incentive for using this 
advanced propulsion technology on planetary missions is the much greater 
performance potential when orbit insertion velocities in excess of 4 kn/ 
sec are required, as in the Mercury orbiter. Possible applications also 
include ballistic comet rendezvous missions. A major part of the study 
effort was devoted to design analyses and performance tradeoffs regarding 
earth-storable versus space-storable propulsion systems, and to assess 
cost and development schedules of multi-mission versus custom-designed 
propulsion modules. The report includes recommendations as to future 
research and development objectives in this field. 
xviii 
i. INTRODUCTION AND SCOPE OF STUDY 
1.1 BACKGROUND 
Planetary expl6ration by orbiting spacecraft will be achievable at 
.reduced cost by introducing a modular system concept. This requires 
,-development of advanced chemical propulsion stages suitable for use 
with existing planetary spacecraft designs such as Pioneer (spin­
stabilized) or Mariner (three-axis stabilized). The propulsion modules 
are to be used in multiple mission applications, either for outer-planet 
or Mercury orbit missions. This avoids the necessity of developing a 
different propulsion stage for each orbiter mission contemplated. How­
ever, the configurations of propulsion'modules that would best accommo­
date spin-stabilized and three-axis stabilized payloads have not been 
defined, nor have technology requirements for developing such modules 
been identified. 
In this- study, the feasibility of developing multi-mission propul­
sion modules for these applications and their performance, weight, and 
cost characteristics were investigated in comparison with propulsion 
systems that would be custom-designed for each application. In addition, 
- the feasibility and potential performance improvements achievable by 
using 'space -storable rather than earth-storable propellants in these 
propulsion modules were investigated. 
Space-storable (fluorine/hydrazine) bipropellant systems -witha
 
specific impulse, Isp, as large as 375 seconds offer a significant per­
formance advahtage over conventional, earth-storable (nitrogen
 
tetroxide/mnonomethyhydrazine) systems having an I of only about
 
Z90 to 300seconds.
 
However, while earth-storable propulsion systems have been used 
extensively, for example, in the Apollo program and in the Mariner 9 
Mars orbiter mission (197f), space-storable systems still require addi­
tional development before they can be considered-ready for flight 
application. Liquid fluorine used as oxidizer also poses the design 
problem of 'storage at cryogenic temperature with no boiloff permitted 
i-i 
during the long trip time to the target planet. Nevertheless, the ex­
pected performance advantage of the space-storable propulsion system 
provides the incentive for its further development and use inxmissions 
like those considered- in this study. Performance and cost comparisons 
between space-storable and earth-storable bipropellant systems and 
estimates of the time required to bring these systems to operational­
status #vere a major study objective. 
A third factor of major concern in this study was the feasibility of 
using the Shuttle/Upper Stage as launch vehicle, since none of the mis­
sions considered would be flown before the mid-1980's. In addition to 
performance,' accommodation of the flight spacecraft onboard the Shuttle 
orbiter and safety considerations regarding the handling and stowage of 
a propulsion system with liquid fluorine as oxidizer were matters of 
interest in selecting the propulsion module configuration and establishinig 
system feasibility. 
i. Z MISSION CONSTRAINTS AND 
* PERFORMANCE REQUIREIENTS 
Exploration of the outer planets beyond Jupiter by orbiting. space­
craft becomes attractive and feasible only if mission times do riot exceed 
the expected lifetimes of components and subsystems of the spacecraft 
that are vital to the success of the mission. The greatest part of the 
mission is spent in transit from earth to the planet.. Reduction of flight 
times involves f) larger injection energies at earth and Z) increased 
arrival velocities at the planet. The first requirement reduces the thotal 
mass that can be injedted into the heliocentric trajectory to the planet 
by a given launch vehicle, The second requirement implies an increase 
in the mass of the retro-propulsion system used for orbit insertion at 
the target planet and, hence, an increase in the total injected mass for 
a given payload and designated orbit. -The two opposing requirements 
are reflected in Figure i -i by an upward sloping curve for launch vehicle 
injected mass capability and a downward sloping one for spacecraft total 
mass versus flight time. The combination of the launch vehicle capa­
bility and the performance of the spacecraft propulsion system deter­
mines the shortest.possible trip time to the'target planet, as shown by 
the intersection of the two performance curves. 
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Figure i-i. Determination of Minimum system capabilities. 
Trip Time 
Improved retro-propul­
sion performance will, in fact, be essential in many cases to make an 
orbiter mission feasible if limited launch vehicle capability or -a large 
'required payload mass would otherwise tend to preclude it. 
1.3 	 MISSIONS TO BE. PERFORMED BY THE 
MULTI-MISSION PROPULSION MODULES 
Missions to which the multi-mission propulsion modules are to be 
applied were specified by NASA to include the following: 
1) 	 1988 Mercury orbiter mission (744- and 8ZZ-day flight times 
with Venus gravity assist) 
Z) 	 Saturn orbiter' missions for a range of flight times and pay: 
loads and for both inilined and equatorial orbits about the 
planet 
3) 	 Uranus orbiter missions for a range of flight times and pay­
loads-and for inclined orbits only 
4) 	 Comet rende~vous missions (Eneke, Tempel 2 with two oppor­
tunities, Kopff,- Faye, and Perrine-Mrkos with two 
opportunitie s). 
Not all of these missions have the same priority rank, and a sci­
entific consensus'as to relative merits of these missions has not been 
developed. The targets were identified primarily to establish a diversity 
of mission profiles, environments and propulsion requirements to which 
the 	multi-mission propulsion module concept 'hould be adaptable. 
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The Uranus orbiter mission is problematic because of the ex­
'tremely ]on trip time required, "ranging from 8 to i0 or more years, 
so that arrival velocities at Uranus remain within reasonable limits 
(8 to I0. knxsec)..: For this reason the use of Jupiter or Saturn gravity 
" assist.to r'eduace trip time is incompatible with orbit insertion impulse 
r'equirem ent. 
The comet rendezvous missions listed under 4) are considered to
 
have a low'priority-and are included in the study primarily to demon­
strate the utility of a standardized propulsion module designed for use
 
in multiple missions of great diversity. Impulse requirements of the
 
comet rendezvous missions cover a wide range, the lowest being com­
mensurate with the Saturn missions, the highest with the Mercury
 
mission.
 
t.4 	STUDY OBJECTIVES 
The principal study objectives, as defined by NASA's contractual
 
vork statement, are the following:
 
i) 	 To develop a conceptual design for each of four-multi-mission 
chemical propulsion modules (two propellant combinations*, 
earth-storable, space-storable, and two sizes) and to assess 
the capability of each in a number of missions requiring major 
midcourse and terminal propulsion maneuvers 
Z) 	 To assess the cost, (recurring and nonrecurring) of these 
modules as a function of the number of missions they might 
serve, and to estimate total time and cost required to develop 
and bring the modules to operational status 
3) 	 To identifV and assess the cost effectiveness of any new tech­
nologies needed and to be developed in order to meet design 
requirements most effectively. 
Design activities and analyses conducted to meet the principal study 
objectives are subject to a number of study requirements and guidelines 
which are briefly outlined as follows: 
o 	 A common propulsion module is required that can be used 
practically without modification in different planetary 
orbiter missions specified, namely Uranus, Saturn and 
Mercury orbiters 
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o 	 This multi-mission module must be able to withstand the 
environmental extremes of close solar proximity and 
great distances from the sun 
o 	 Propulsion module designs are required a) for spin­
stabilized payload vehicles (Pioneer class) and b) for 
three -axis stabilized vehicles (Mariner class) 
o 	 The space-storable propulsion modules are to be com­
pared with earth-storable systems regarding the per­
formance of the specified missions 
o 	 The missions are to use the Shuttle.orbiter and an expend­
able upper stage as launch vehicle. Compatibility with 
Shuttle launch conditions and orbital operations must be 
as sured. 
The 	approach to be used in meeting the multi-mission commonality 
requirement is to use a module size with sufficient propellant capacity 
for intermediate impulse requirements, e.g. , as in the Saturn orbit 
mission. The much greater impulse requirement of the Mercury mission 
is met by using two propulsion modules in tandem. This not only avoids 
the weight penalty of overly large tank size and nearly 50 percent off­
loading for the lower energy missions, with attendant propellant sloshing 
problems, but also yields a major performance improvement inherent 
in two-stage orbit insertion at Mercury 
1.,5 	 RELATION TO PREVIOUS AND 
CONCURRENT STUDIES 
This study relates to and draws on several previous studies in­
volving the use of space-storable (LF 2 /N 2 H4 ) bipropellant propulsion 
systems. These studies were largely performed by JPL, with emphasis 
on application to Jupiter and Saturn orbiters (References i, Z, 3). 
A study was performed by TRW in 197Z under JPL contract to 
determine the thermal control methodology of using cryogenic fluorinated 
bipropellants as planetary 'orbiters (Reference 4). 
Several other studies performed at JPL, NASA:/Arnes.arid. TRW 
have defined design and performance characteristics .df plar;etary orbiters 
of the Pioneer and Mariner class (References 5, 6, 7Y. Some of these 
include requirements imposed by the use of the Shuttle/upper st).ge .as a­
launch vehicle for planetary missions. 
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A concurrent study performed by TRW under JPL contract 
(Reference 8) considered safety implications of carrying large quantities 
of liquid, fluorine as propellant on Shuttle-launched payloads. Safety 
requirements and constraints and methods to achieve a high level of 
safety in handling liquid fluorine prior to and during the launch phase 
were developed as a result of that study. These re-sults are directly 
applicable to the launch vehicle/propulsion module interface definition 
-tasks addressed.in the present design and feasibilitystudy, and were 
utilized in the formulation of the propulsion module design and handling 
concepts.
 
Mission analysis, as such, was not included in the study objectives. 
*The study did include an appreciable amount of performance evaluation 
including: 
a) 	 Launch performance of numerous Shuttle,/upper stage 
combinations 
b) 	 Orbit injection perfotmance-under various maneuver 
modes and constraints. 
In addition, the mission/system analysis effort usually associated 
with, planetary spacecraft system design had to be expended. However, 
TRW's analyses were aided by results from a.concurrent NASA/Ames 
study by D. W. 'Dugan (Reference 9) and by data from comprehensive 
Mercury orbiter mission studies performed by Martin Marietta 
10 and Ii).(References 
i. 6 	 ORGANIZATION OF REPORT 
-This report presents mission characteristics and propulsion re­
quirements (Section 2), and gives data on performance analysis and 
tradeoffs for various implementations and mission modes of the multi­
mission propulsion module (Section 3). Propulsion module design 
approaches and configurations for different payload vehicles, destina­
tions-and propulsion system types are covered in Section 4, while pro­
pulsion subsystem designs are defined in Section 5. 
With the design concepts thus defined the next sections of the report 
present system evanuations in terms of environmental factors and relia­
bility (Section 6); system performance (Section 7); development plan and 
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cost assessment (Section 8). Cost benefits of new technology introduced 
by the design concept and by the use of advanced space-storable propul­
sion are assessed in Section 9. 
Section 10 presents highlights of the results obtained in the study, 
lists recommendations regarding fhture development of the new tech­
nology, and outlines, areas recommended for further study. 
Appendixes included in Volume Ill of this report present additional 
material on propulsion system technology and design; structural analysis; 
launch vehicle performance; and orbit insertion maneuver optimization. 
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Z. MISSION CLASSES AND PROPULSION REQUIREMENTc 
Z. i SPECIFIED MISSION SET 
Primary missions •to be performed by the multi-mission propulsiona 
module, according to the work statement, are planetary orbiter missions 
to 
Mercury (1988) 
Saturn (1985) 
Uranus (1985). 
Rendezvous missions to the comets 
Tempel Z (1983 and 1984) 
Faye (1986) 
Kopff (i99i)
 
Perinne-Mrkos (1990 and 1991) 
Encke (1987)
 
may also be within the capability of the multi-mission propulsion module, 
but are to be considered as a secondary objective. 
These missions have in common a requirement for high impulsive 
-,energy,, but have very dissimilar characteristics otherwise: they re­
quire transit times ranging from 2 to 8 years or longer, are exposed to 
extremely different physical environments at solar distances ranging from 
0.3 to Z0 AU, and vary greatly in the utilization of propulsive capabilities 
and thrust phase sequences.
 
A priority ranking for the planetary orbiter missions has not been 
established. However, for reasons, of practical, realizability the Mercury 
and Saturn orbit missions should probably be ranked higher than the 
Uranus orbit mission since the latter with transit times of 8 years or 
more introduces unique problems of long-life reliability. 
Both Saturn and Uranus missions must use direct transfer trajec­
tories, since the use of Jupiter gravity assist would lead to high arrival 
velocities and, thus, high orbit insertion velocity requirements. Trans­
fer times are therefore quite long:and, in some cases, approach the 
duration of a Hohmann transfer. 
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Comet rbndezv$ts missions, as a class, are only being considered' 
to increae, Lie number of potential users of the high-performance pro­
pulsion module once developed. Thus, their AV requirements will not-be 
a criterion ih establishing propulsionmodule capabilities. In general, 
comet rendezvous 'falls in the class of "outbound" missions since transfer 
-trajectories with aphelion distances of 3 AU or greater are usually re­
quired to achieve rendezvous with ar" affordable total AV expenditure. 
2.2 SUMMARY OF MISSION PROFILES 
2. 	Z. i Mercury Orbiter 
Comprehensive mission analyses performed by Martin Marietta 
(References 10 and ii) have coveredthe spectrumof Mercury orbit mis­
sions in the late 1970's and 19801s in a search for mission opportunities 
with minimum velocity requirements that include single and multiple 
Venus swingby maneuvers. Figure 2-1 shows payload capabilities -cor­
responding to favorable opportunities and identifies 1988 as an optimum 
mission year. 
Two trajectory profiles were selected by NASA for consideration 
in this study. They both involve Venus swingby maneuvers as a means 
for reducing arrival velocity at Mercury, as shown by the two trajectory 
plots in Figure Z-Z. The trajectory shown in Figure Z-Za includes a 
Venus swingby approximately 13 months.after launch, followed by two 
complete revolutions around the sun for orbit phasing with Mercury, 
with the resultant total flight time of about 27 months. The other oppor­
tianity launched on March ZZ, 1988, includes two Venus encounters, with 
the first Venus swingby followed by two complete phasing revolutions of 
the spacecraft before the second Venus swingby. In addition, an extra 
phasing revolution is required prior to Mercury encounter. Figure Z-2 
identifies earth, Venus, and Mercury positions at the encounters and 
summarizes mission events. 
Table 2-1 lists principal trajectory characteristics of the two 
transfer trajectory options. The total reduction in ideal velocity require­
ment for the second mission mode is about 380 m/sec. The reduction 
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Table 2-1. 	 Characteristics of Two Earth-to-Mercury Transfer 
Trajectories (see also Figure 2-2) 
Option i Option 2 
Launch date 19 June 1988 12 March 1988 
Flight time (days) 82Z 744 
Launch energy, C3 (krn2 /sec) 36.8Z 25.82 
Arrival velocity V,, (krn/sec) 6.4 6.03 
Ideal retro velocity (krnfsec) 3.85 3.53 
(rp =f.208 RMI e =0.8) 
o Midcourse correction and poweredVenus swingby maneuver (km/sec) 
0.28 0.2 
of maneuver requirements is actually still greater when Mercury orbit 
insertion losses are taken into account. Note that in the second mission 
option the launch energy is only Z5.8 km z/sec compared to 36. 8 ki/ 
sec2 in the first option, and that flight time is reduced by nearly 80 days, 
corresponding to about one full revolution of Mercury around the sun. 
A low periapsis altitude and high orbital eccentricity are desirable 
,z'to minimize the orbit insertion maneuver. Study guidelines specify 
a 500 km periapsis. altitude of the Mercury orbit of 500 km and an 
eccentricity e = 0. 8. A lower periapsis altitude would make approach 
navigation too-difficult, and a higher eccentricity would adversely affect 
orbital stability.- The maximum eccentricity commensurate with orbital 
stability under solar gravity perturbation is 0. 9. 
The durafion of the orbital phase is assumed to be i to Z years. 
This permits a thorough exploration of the physical characteristics of 
Mercury and its, environment as-well as extended observation of solar 
phenomena from the vantage, point of Mercury's orbit. During at least 
three-quarters of the orbit mission life the spacecraft will be in a posi­
tion to observe phenomena on the far side of the sun that cannot be 
observed from earth. 
2. 2.2 Saturn Orbiter 
Representative transfer trajectory characteristics .and velocity 
requirements for the Saturn orbiter mission are listed in Table 2-2. 
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Table Z-Z. baturn Urbiter Missions 
Launch Date: 1/15/85 
"Heliocentric Distance at Departure: 0.985 AU 
Velocities ( l ) Trip Trajectory Data 
Time a e R (z) 
(days) arr 03 Relative Speed 2. 5 x 61.60 RS 2.5 x 7. 8R S 
(AU) (AU) (kn z/see)2 at Saturn, V AVI AV Z Vi AV z 
(km/sec) (n/see) (m/sec) (rn/sec) (m/sec) 
1250 9.86 0. 900z 10. 07 136 9.7396 246Q 541 2710 86Z 
N 
o' 1400 7.55 0.8699 10.07 130 8.3100 1930 593 Zi80 94Z 
1500 6.57 0.8506 10.07 126 7.Z378 1600 650 i6Z0 1010 
1750 5.95 0.8349 10.06 iZ3 6.Z250 1280 690 1550 1085
 
m[ viiVis impulsive maneuver requirement for orbit insertion. AVZ is orbit plane change to attain 
equatorial orbit. Actual AV requirements for nonimpulsige maneuvers and estimated requirements
for midcourse maneuvers will be taken into account in performance calculations. 
(Z)Based on 20-day launch window. 
Source: 'Planetary Flight Handbook, NASA SP-35, Vol. 7, Pt. A, B. 
Trip times are assumed to range from iZ50 to 1750 days (3.4 to 
4.8 years), and the C3 requirements vary from 136 to iZ3 krnz/sec
2 
,
 
respectively. Orbit dimensions to be achieved at Saturn are Z. 5 x 61.6
 
planet radii (R 8 This orbit has a period of 3Z days, twice that of the
s). 
satellite Titan and thus permits repeated Titan encounters. As an alter­
native, an orbit with dimensions Z. 5 X 37.8 RS and a ±6-day period will 
also be considered. Its velocity increments are also listed in Table 2-2. 
After the injection maneuver (velocity increment AVi) a second 
velocity increment, AV., is required near the apoapsis to change the 
inclined initial capture orbit into an equatorial orbit. The second 
velocity increment increases with trip time because of the increasing 
minimum orbit inclinations. 
In addition to the two velocity increments identified above, an 
apoapsis maneuver will be desirable to raise the periapsis altitude from 
the low value of 2. 5 RS at arrival to reduce the risk of particle impacts. 
An orbital lifetime of Z'or even 3 years is being contemplated to 
permit extensive planetary exploration and possibly close satellite en­
counters. A concurrent study by JPL has shown that repeated swingby 
maneuvers of the satellite Titan permit significant orbit modifications 
with a minimum of propulsive maneuvers in addition to repeated close 
observations of the satellite. These maneuvers permit changing the 
orientation of the apsidal line and orbital inclination. It is ancitipated 
that additional propulsive maneuvers, totaling about 100 rn/sec, are 
required for orbit trim and approach guidance corrections to exploit 
safellity gravity assist opportunities during the orbital lifetime. 
Z. Z. 3 Uranus Orbit Mission 
Representative transfer trajectory characteristics and velocity 
requirements for the Uranus orbit mission are listed in Table Z-3. Trip 
times are assumed to range from22560 2to 4360 days (7 to IZ years), and C 3 
requirements from 159 to 139 km /sec ,respectively. Orbit dimensions 
at Uranus are assumed to be i. i X 31.2 planet radii (RU). This orbit has 
a period equal to that of the satellite Titania. The orbit will be nearly 
polar in inclination because of the 97-degree tilt of the planet's solar 
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TableZ-3. Uranus Orbiter Missions 
Launch Date: Z/4/85
 
Telibodntric Distance at Departure: 0. 986 AU
 
.- " .Trajectory Data VelocitiesX" 
cr) Relative Speed Li x 3i.2Trip la R-

at Uranus, V Impulsive
Time 
" 2 Go for Orbit Insertion(days) (AU), (AU) (krn/sec (km/sec) (m/sec) 
2560 - 269.77 0.99635 19.51 159 9.9184 Z686 
2860 30.88 0.96764 i9.56 151 8.5780 2119 
3260 17.30 0.96394 19.63 146 7.2377 1620 
3660 13.69 " 0.92813 19. 69 14Z 6.2548 1305 
4360 11.47 0.91409 19.79 139 5.,2123 986 
(')Based on 20-day launch window 
( 2)Actual AV requirements for nonimpulsive maneuvers and estimated requirements for
 
midcourse and orbit trim maneuvers will be taken into account in performance
 
calculations.
 
Source: Planetary Flight Handbook, NASA SP-35, Vol. 7, Pt. A, B. 
axis which points approximately in the direction of the sun in the time 
period for which this mission is considered. No plane change at Uranus 
is contemplated. 
Close encounters with Uranus' satellites are made difficult by the­
large-inclination of their orbital plane relative to the incoming trajectory, 
and gravitational'assists from these satellites for orbital changes is not 
anticipated. However, as will be discussed in Section 5, there is the 
possibility of modifying the initial orbit by a reasonably small apoapsis 
maneuver to achieve encounters with satellites such as Titania, Ariel, 
and Oberon.
 
The guidance and navigation requirements for orbit insertion at 
a i. i R U periapsis distance may present difficulties because of the large 
ephemeris uncertainty of Uranus. One-sigma uncertainties in the planet's 
position along its orbit are estimated as about 10, 000 km (0.4 RU), based 
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on current ephemeris data. An onboard navigation sensor may be neces­
sary for accurate control of the close approach to the planet indicated by 
the desired orbital dimensions. It is anticipated that the knowledge of 
Uranus' ephemeris will be greatly improved (by a projected Mariner 
Jupiter Uranus flyby mission with launch date in i979 or 1980), although 
Uranus encounter would only take place after the launch date of the 
orbiter. To simplify the approach guidance problem a larger periapsis 
distance (1. 5 RU) may have to be considered. This would increase orbit 
insertion maneuver requirements by 160 to 385 m/sec for the range of 
approach velocities listed in Table 2-3. 
An orbital lifetime of about Z years is contemplated to permit 
comprehensive exploration of the planet and its physical environment. 
Of particular interest in this mission is the unusual configuration of 
Uranus' postulated magnetosphere with a magnetotail extending roughly 
along the polar axis. Observation of particles and fields in this environ­
ment over an extended period will provide important scientific data on 
the formation of planetary magnetospheres, in general, to augment the 
knowledge gained by magnetospheric observations at earth and Jupiter. 
2. 2. 4 Comet Rendezvous Missions 
Table 2-4 lists trajectory characteristics and AV requirements of 
the seven comet rendezvous mission opportunities defined in the study 
guidelines. Onboard propulsion requirements are comparable to those 
of Saturn and Uranus orbiters for Tempel 2, Faye, and Kopff, and to 
those of the Mercury orbiter for Perinne-Mrkos and Encke, and are 
therefore commensurate with capabilities of the planetary orbiter pro­
pulsion module, In a-typical mission profile with a major midcourse 
maneuver, AV2 will be performed in the vicinity of aphelion and a second 
major maneuver, AV3 , at destination. The midcoiirs6 maneuver is per­
formed to adjust orbital inclination and perihelion -radius and, thereby,' 
to reduce the terminal maneuver. These maneuver requirem nts are 
the results of three-impulse trajectory studies perforned bj E. L. Tindle 
of NASA/Ames Research Center with the aid of the "TOPICS". computert 
program. This program isdesigned to determine trajectories Nivth.­
minimum AV requirements for the spacecraft propnlsion ststem. 
Z-9
 
Table 2-4. Characteristics of Cornet Mission Transfer Trajectories 
Flight C3 AV AV (2) R (3) 
Comet Launch - Arrival - Time 2 2 2 3 arr 
(days) (km /sec) (km/sec) (k n/sec) (AU) 
Tempel 2 19 Jul 83 i Jn 88 1779 84.6 1.698 0.023 1. 6Z9 
Tenpel Z 31 Jul 84 10 Jun 88 1410 70.3 1.765 0. 814 1. 581 
Faye 30 Oct 86 i Aug 91 1746 67.42 2.220 1. 240 1.939 
Kopff 12 Jul 91 :3 Jan 96 1636 72.60 1.550 0.671 1.801 
Perrine-Mrlkos 19 Nov 90 9 Aug 95 1724 81.42 2. 104 0.678 i.358 
Perrine-Mrkos 14 Nov 91 18 Aug 95 1373 71.86 2.334 1.428 1.322 
Encke 13 Mar 87 22 Jul 90 1227 64.82 3.809 0. 101 1.810 
(1)Mijor midcourse maneuver 
(Z) aneuver at rendezvous 
(3)Radius a; arrival 
*Data furnished'by NASA/Ames Research Center 
Additional maneuvers, estimated in the 100 to 300 m/sec range, 
are required 
a) 	 For approach guidance correction, considering the large
ephemeris uncertainty of most comets 
b) 	 for exploration of the comet's nucleus, coma and tail. 
Typical relative trajectories near the comet achievable by these maneu­
vers are illustrated in Figure 2-3 (see also Reference iZ) . 
Depending on the target comet, the desired dwell time in its 
vicinity may extend to several hundred days, to permit observation of 
physical changes as the comet approaches and departs from its perihelion. 
2. 3 	 SUMMARY OF MANEUVER REQUIREMENTS 
The impulsive maneuver requirements identified in Section Z7. Z 
for each mission class are summarized in Figure 2-4. Estimated AV 
requirements for midcourse corrections, orbit trim, etc., are shown in 
addition to the major orbit insertion and plane change maneuvers, or 
their equivalent in the case of cornet rendezvous missions. This graph 
only serves to illustrate the wide range of maneuver capabilities to be 
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satisfied by the multi-mission propulsion modules without taking detailed 
performance aspects and orbit insertion losses ("gravity losses") into 
account. These will be discussed in Section 3. 
Figure 2-5 shows typical maneuver time histories for the various 
mission classes. For clearer illustration of the overall sequence of 
events, impulse sizes and time intervals are not drawn to scale. The 
graph shows the diversity of maneuver sequences and operational flexi­
bility requirements for which each common propulsion module must be 
designed. In some of the missions the propulsion system may have to 
be operated, starting at earth departure (to augment launch vehicle per­
formance), with long periods of dormancy between thrust periods. 
After the principal orbit insertion maneuver (an event which will take 
place only after 8 years or more of transit time in the Uranus mission), 
additional maneuvers are still to be performed during the orbital mis­
sion phase. 
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Z. 4 APPLICABILITY OF COMMON PROPULSION MODULE 
Maneuver requirements of the specified mission classes, ranging 
from about 2500 to 4500 m/sec, can be met by a common propulsion 
module with.fixed propellant capacity either by sizing it for the mission 
demanding the largest maneuver capability and using it partially loaded 
on the other missions; or by using two smaller modules in tandem for 
the most demanding mission and singly for the others. 
The MerNiry mission defines the tank size in either case, since 
even with two propulsion modules used in tandem it requires at least 
twice as much propellant as the other orbiter missions. Tandem use 
of two propulsion modules is also preferable from a performance stand­
point, since two-stage orbit insertion is much more weight-effective 
than a single-stage maneuver, when the total velocity increment is in 
the 4000 to 4500 rn/sec range. 
Comet rendezvous mnissions can be flown using the propulsion 
module either singly or in tandem, depending on AV requirements. 
The use of a common propulsion module in all missions of the 
specified set imposes in&rt weight penalties compared to-custom­
designed propulsion systems. because 
a) The module is oversized for some of the missions 
b) The module, designed for use in tandem application, is struc­
turally heavier than a module of the same size for single­
stage application. 
Performance penalties of the multi-mission concept can be par­
tially offset by the use-of available excess propellant capacity to augment 
launch vehicle performance and thus to reduce trip times of outer planet 
missions, especially in the Uranus orbiter case, 
Preliminary performance comparisons, without reference to 
specific missions, can be made conveniently with-the aid of Figure 2-6. 
This.nomograph shows usable propellant weight versus spacecraft dry 
weight with parametric lines of total AV capability and total injected- ­
weight. Solid AV lines correspond to earth-storable propellants
 
(Isp =Z95 sec), dashed lines to space-storable propellants (Isp = 375 see).
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EXAMPLE: MARINER OUTER PLANETS ORBITER 
AV=3 KWSEC 
7 3(ES) 
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WEIGHT - D% ( ,-
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igue 2-6. performance Mut-Msin pouso tg oof nc stom-Designed 
payload mass of 550 kg. The stage inert mass increases linearly with 
propellant mass, for a fixed value of 50 kg for zero propellant mass, at 
a rate of ±6 percent of the propellant load, i.e., ±6 kg for each 100 kg 
of propellant. The vertical line at the right indicates the corresponding 
characteristics for a multi-mission stage designed for the same payload 
and for a desired AV capability of 3 kmn/sec, assuming earth-storable 
propellants. The design point is indicated by the intersection (P) with 
the custom-stage .characteristic; at AV = 3 krn/sec. For a mission 
requiring a maneuver capability of only 2 kr!/sec the multi-mission 
stage uses 800 kg of propellant, and the total injected weight is 1700 kg, 
while the custom-designed stage uses 700 kg df propellant and requires 
a total injected weight of ±350 kg, i.e., a saving of 350 kg. Conversely, 
given an injected weight of ±700 kg the custom-designed stage achieves 
about 0.3 kmn/sec more Ci than the multi-mission stage. 
Note that the data presented by the nomograph are based on the 
assumption of impulsive maneuvers. 
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More exact performance comparisons that relate to specific mis­
sion requirements and take actual maneuver characteristics (including 
gravity loss, etc.) and systems weight into account will be presented 
in Section 7. 
2.5 PAYLOAD SPACECRAFT CLASSES 
Payloads specified for this study are' spin-stabiliied, Pioneer 
class, and three-axis-stabilized, Mariner class spacecraft. Depending 
on whether the destination is Mercury ("inbound" mission) or an outer 
planet or comet ("outbound" mission) the payload spacecraft of each 
class have different configurations, mass, and'operating modes. The 
inbound spinner is of the Pioneer Venus type, the outbound spinner of 
the Pioneer 10 l type. The inbound three-axis-stabilized vehicle is 
a derivative of Mariner Venus Mercury (1973), the outbound version a 
derivative of Mariner Jupiter Saturn (1977). 
Propulsion modules to be used with Pioneer class payloads will be' 
designated as Module A, those used with Mariner class payloads as 
Module B. 
In the study guidelines a range of payload weights for spinning 
and three-axis-stabilized spacecraft is called out, namely: 
340 to 408 kg (750 to 900 lb ) for spinnersIn 
550 to 680 kg (i23 to 1500 lbm) for nonspinners. 
Since the inbound versions of each payload vehicle class, typically, have 
a lower mass than the outbound versions the tentative weight allocations 
listed in Table 2-5 are assumed here for purposes of simplifie'd dis ­
cussion. However, performance characteristics to be presgented in 
Section 7 will take the specified range of-payload weights for each 
payload class into account. 
Figure 2-7 is a schematic illustration of the payload' vehicl~s' and 
their respective propulsion modules A and B, attached in tandem"for 
inbound missions and singly for outbound missions. Mi'ssions' to comets, 
not included in this illustration, may require tandem propulsioI-rnodula s 
with outbound versions of the Pioneer or Mariner spaceqraft, 
Key payload vehicle characteristics are surnmaried inTh]-e Z-6. 
Z-i5 
--
Table 2-5. 
Payload 
Spacecraft 

Class 

Pioneer 

Mariner 
PIONEER 
(TANDEMINBOUNDSTAGE A) 
SUN SHADE 
SOLAR ARRAY 
INBOUND Q, 
(TANDEM STAGE B) t _I:7Q 
Figure 2-7. 
Typical Payload Weights Assumed for
 
Inbound and Outbound Missions,
 
in kg (lbm)
 
Propulsion Mission Type
 
Module
 
Type Inbound Outbound
 
A 340 408
 
(750) (900)
 
B 550 680 
(1i3) (1500)
 
PIONEER
 
AYLOAD OUTBOUND (STAGE A) T 
PAYLOAD - RTG (2) 
a
 
,PAYLOAD 
 OUTBOUNDMARINEM
 
(STAGE B) 
0 
I ! 
. .% SUN SHADE 
Specified Payload Spacecraft Configurations 
(Schematic) 
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Table 2-6. PrinciPAl Features of Payload Vehicles 
Pioneer Class (Spinners) Mariner Class (Three-Axis Stabilized)
Characteristic Venus Outer Planets CVenus Mercury Jupiter SaturnOrbiter Spacecraft Flyby Spacecraft Flyby Spacecraft 
Weight 	 kg (lbm) 340 (750) 408 (900) 565 	 (1248) 680 (1500) 
Maximum lateral dimension, stowed cm (in.) 254 (100) 274 (108) 248 (98) 365 (144) 
Height, deployed cm (in.) 372 (147) 248 (98) 137 (54) 244 (96).
 
Center of mass location, deployed cm (in.) 99 (39) 76 (30) 60.5(23.9) 42.5(16.8) 
Cruise orientation Spin axis Lhelio- Spin axis points Centerline points Centerline points 
centric orbit to earth to sun to earth
 
Interface structure 
- Form/type Cone Cylinder 	 Octagon Decagon(8 hard points) (10 hard points)
-- - Dimensions/diameter 	 cm (in.) l14 (45) 63 (Z5) i5Z (60) 183 (72) 
Power source, type Solar cells, body-fixed 2 HPG type 	 Solar cells, 3 MHW type RTG's 
cylindrical array SNAP-19 RTG's 2 rotatable panels
 
Thermal control 
 Bottom louvers Bottom louvers 	 Front sun shade, Side louvers 
side louvers 
Hydrazine tank(s), diameter cm (in.) 4 at 34 (3.5) 48 (19) 71 (8) 71 (28) 
High-gain antenna
 
- Arrangement 
 Despun, one-axis Fixed Two-axis Fixed 
gimballed gimballed
 
- Size m (it) 
 1. 53 (5) 2.75 (9) 1.53 (5) 3.66 (12) 
Development status In development for Pioneer ±0/il, Z Mariner 10, In development for 
1978 launch launched 1972-73 	 launched 1973 1977 launch
 
iAbove payload spacecraft mounting flange, empty tanks
 
2Pioneer outer planet spacecraft design is 
 similar to Pioneer 10/li, with increased power, telemetry capability, etc. 
3. PERFORMANCE ANALYSIS
 
3.1 LAUNCH VEHICLE PERFORMANCE 
3. 1. 1 Diversity of Shuttle Upper Stages 
A large variety of Shuttle uper stage candidates are under con­
sideration by NASA and U.S. Air Force Agencies as part of ongoing 
efforts to project and definitize required launch vehicle capabilities in 
the Shuttle era._ Upper stage performance requirements have been de­
fined on the basis of "traffic models" for the time period of the 1980's 
and beyond, developed by Space Transportation System Working Groups 
at NASA/IvSFC and elsewhere. These requirements have been published 
and are being updated, e.g., in Reference 13. 
At the beginning of this study the principal upper stage candidates 
for planetary mission launches were assumed to be Centaur class 
vehicles (Centaur D-iS and several Centaur growth versions), used in 
the expendable 'launch mode to obtain maximum escape mission per­
formance. Several solid propellant upper stages of the size class of 
Burner II (2300 ibm) and larger were projected for planetary missions 
70 to 801kcm /sec .with C3 requirements'above 
In-the meantime, the planning for interim and ultimate Shuttle upper 
stages has evolved further, making a growth version of Transtage (in­
cluding the dual short Transtage) a likely candidate for planetary mis ­
sions with intermediate performance requirements, and the "all-up" 
Space Tug the'projected vehicle for missions with highest performance 
requirements such as Mariner Saturn and Uranus orbiters (References 13 
and i-4). 
In addition, a variety of solid propellant kick motors with capa­
btities greatly exceeding Burner IIand TE 364-4 have entered the pre­
liminary design/projected development stage and are to be taken into 
consideration. These include advanced kick stages APM-I and APM-IA 
with 1710 kg of solid propellant loading, with and without thrust vector 
control provisions, formerly termed SPM (1800), and the 4400-lb m solid 
'.%
 
In the body of this report the former term, SPM (1800), is retained. 
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kick 6taje pnojected fdr use with single or dual Transtages. Larger 
kick stizge's, such as Burner II (9000), are not weight effective for mis­
sions considered in-thi6 study and are omitted as candidates. 
Toward the end'of the study, the field of launch vehicle candidates 
identified by NASA/Anes for consideration in mission performance 
assessments of payload'mass and flight times was"broadened to include 
the following:' 
C
 
(kmZ/sec) Launch Vehicle 
S00-160 Space Tug/APM-I or APM-IA 
±00-160 Space Tug/BE (Z300) 
i00-160 Space Tug/PM (2300) 
i00-160 Space Tug/TE 364-4
 
±00-160 Centaur D-iS/APM-I or APM-IA 
±00-160 Centaur D-IS/BII (2300) 
100-160 Centaur D-iS/PM (2300)
 
±00-160 Centaur D-iS/TE 364-4 
100-160 Dual Short Transtage/Solid (4400 lbm 
Kick Stage
 
20-90 Dual Short Transtage 
20-90 Centaur D-iS 
20-90 Space Tug
 
Z0-90 Titan IIIE/Centaur D-LT/Bl (2300) 
20-90 Titan IlE/Centaur D-iT/TE 364-4 
A parametric approach was taken in this study to evaluate mission 
performance of the spacecraft propulsion rmodule with the various candi­
date Shuttle upper stages listed above. The method, originally suggested 
by D. W. Dugan of NASA, Ames Research Center, employs weight­
versus-flight time characteristics of candidate launch vehicles, as illus­
trated in Figure 3-i. Minimum flight times for a given payload and 
specified planetaiy orbit parameters are determined by the intersections 
between the weight capabilities curve of each launch vehicle (solid cuirves) 
and the weight requirements curve of the payload/propulsion module 
combination (dashed curve), as previously discussed in Section 1. 2 (see 
Figure 1-i).
 
This approach has the advantage of preserving the usefulness of 
data generated by this study even though projected performance charac­
teristics of launch vehicle candidates may still change appreciably in 
the near future. 
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0 Figure 3-1. 	 Paraxnetric Performance Evaluation 
for Several Launch Vehicles 
3. 1. Z Performance Evaluation 
Launch vehicle performance characteristics were determined by a 
computer program -developed for detailed launch phase simulations to be 
described in Appendix D. Inert mass and propellant mass data and 
specific impulse values specified for the different upper stage candidates 
.were used, including realistic departure phase performance penalties 
("gravity losses, " etc.). 
The effect of nonimpulsive expendables was included in these cal­
culatiqns to represent finite thrust losses accurately. To take non­
propulsive expendables into account the rocket equation is modified to 
take the form (see also Appendix D) 
AVIRC _"[g I sp/i. 0 + W exp/Wp)]loge[W 0/(W - Wp - W exp)] 
where 
AVR C = ideal stage AV capability 
W ex mass of nonimpulsive expendablesexp 
Wp= usable propellantsp
 
W = initial mass.
 
0 
The performance calculations also included specified or estimated 
weights for inert weight elements such as interstage adapters and spin 
tables. 
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.P-rforniance data obtained by these calculations represent capa­
bilitie oY 1h specified launch vehicles accurately, at least within
 
*tolerances.warranted' by the preliminary nature of the present system. 
feasibility study, particularly in view of the on-going evolution of 
interim andl .all*-up" tug configuration concepts. 
The results are in good agreement -with those obtained under the
 
same ground rules by NASA/Ames and other organizations conducting
 
-parallel launch vehicle performance studies.
 
3. 	 1.3 Performance Characteristics of
 
Launch Vehicle Candidates
 
Figures 3-2 and 3-3 show performance characteristics of the 
launch vehicle candidates for three-axis stabilized payloads with injec­
tion energies, C3, ranging from Z0 to 90 krnZ/secZ and from 100 to 
160 km 2 /sec2 , respectively. Figures 3-4 and 3-5 show the corresponding 
characteristics for spin-stabilized payloads; the weight of the spin table, 
assumed as 113.4 kg (Z50 lb ), was taken into account, see Appendix D. 
For comparison, the performance of the Titan HIE/CentaurD-1T/
 
TE 364-4 is shown as representative of the capability of an interim upper
 
•stage for the Shuttle. 
The lower range of C 3 values is used in the Mercury orbit and
 
comet rendezvous missions, the upper range in outer planet orbiter
 
missions. A solid kick motor is not required for Mercury orbiters
 
2 2with the low C 3 requirement of 25 to 35 km /sec . (The Pioneer Mercury 
orbiter does not require a spin table since the spacecraft can use its own 
spin-up thrusters after launch vehicle separation to attain the desired 
spin rate. ) The- only missions requiring a spin table are Pioneer outer 
planet orbiters, and possibly some comet rendezvous missions where
 
a solid kick motor must be used.
 
More complete data on launch vehicle performance evaluated in
 
this study, the assumed mass and I values are given, and data sources
sp 
listed, 	in Appendix D. 
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3. 	2 APPROACH TO PROPULSION MODULE SIZING 
Size determination of the propulsion module was based on propel­
lant requirements for the Mercury orbiter, with two identical modules 
used in tandem, as discussed in Section Z. 
The analysis required initial estimates on propulsion module inert 
weight as function of propellant mass, and selection of efficient maneuver 
modes during Mercury orbit insertion that would lead to minimum, or 
nearly minimum, propellant requirements. Restricting the 'size (and 
hence the inert weight) of the multi-mission propulsion module by 
selecting a near-optimum thrust mode at Merc.ury is essential to limiting 
weight penalties due to oversize in the outer planet missions. 
Figure 3-6 shows a flow diagram illustrating the principal inputs 
and steps involved in propulsion module sizing. They include the 
following: 
Item I Maneuver requirements, defined by trajectory charac­
teristics (arrival conditions) and thrust orientation mode 
Item 2 Specified weight of payload spacecraft 
Item 3 Scaling relation between propulsion module inert weight 
and propellant weight based on empirical values and 
subject to updating by design iteration 
Item 4 Assumed thrust level, selected by a tradeoff between 
maneuver efficiency (reduction of orbit insertion loss) 
and structural load tolerance of the deployed flight 
spacecraft 
Item 5 total flight spacecraft (payload and propulsion module) 
dry weight, based on Items 2 and 3 
Item 6 Propellant weight used to perform requiredmaneuvers 
with selected thrust level, thrust orientation mode and 
total spacecraft dry weight. Feedback to Itern,3 estab­
lishes stage inert weight. 
Item 7 Propulsion module 
Item 6 
sizing and design; based q4 inp't from-
Item 8 	 Structural and weight analysis of selected design; output 
to be compared to initial propulsion module inert kvigt 
assumptions (Item 3). Procedure generally r'equires..- ­
iteration. 
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Figure 3-6. Propulsion Module Sizing Flow Diagram 
This 	section only presents analysis of the initial part of the pro­
-cedure, Items I through 6. Items 7 and 8 will be discussed under system 
design (Sections 4 and 5). Updated performance characteristics, in­
volving Items 3, 5 and 6 will be presented in Section 7. 
3.3 	 INITIAL SCALING RELATIONS FOR 
PROPULSION MODULE INERT WEIGHT 
A linear scaling law was assumed relating the propulsion module 
inert weight W. to propellant weight Wi 	 p 
= 
- i C. Wp + C 2 
where Ci and CZ are empirical values based on previous design experi­
ence and assumed range of propellant weights. 
For the initial propulsion module sizing task the following coeffi­
cients were assumed: 
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C= 	 0. i5 to 0.25 for earth-storable and space-storable 
propellants 
27. Z kg (60 ibm) for earth-storable propellants 
36. 3_kg (80 ibm) for space-storable propellants 
These coefficients relate to other, nondimensional, parameters 
usually considered in propulsion stage performance studies, such as 
propellant miss fractionp (usable propellant mass/total stiae mass) 
and stage structure ratio a (structure mass/total stage mass) as follows: 
)pI 	 +G +G 2 /W p 
ai 	
-p 
Figure 3-7 shows the mass fraction p versus total stage mass 
parametrically for three values of the coefficient C The dashed line 
corresponds to empirical data used in concurrent NASA/Ames studies 
and is shown here for comparison. 
p = USABLE PROIRELLANT/STAGE MASS a = INERTS/STAGE MASS = I - p0.10 -	 0.90 7 
I2
 C2 27.7 KG (EARTH STORABLE)
 
363KG (SPACE STORABLE) 
0.15 	 0.85 
0 -LELRE 
< 	 1 
VAUE 	 USD.N REI 
-440.20 - 0.704 6PERF0RMAN14 	 S6UDY 
D-

STAGE MASS (102 KG)
 
DATA FOR SPACE STORABLE STAGE ASSUMED BY D.W. DUGAN QNASM!ARC).
 
Figure 3-7. Propellant Mass Fraction Versus Stage Mass 
"Bsed on past design experience, propellant mass fractions are 
-generally In th rnge of 0.80 to 0.83 for values 'of stage mass 
typical for .thig.application. It was therefore felt that a C i value of 0. 25 
.vas too con.servative and C, =-0.15 too optimistic for initial design 
-estimates. 
.Propellait Mass Dependence on C i and C2 
Analytical results relating the above scaling'law to-propellant mass 
requirements are of interest in assessing the influence of the coefficients 
C and C. The analysis shows that for single stage operation, the pro­
pellant mass is 
-
PWV W +0 
p -Z 
r-4l i 
where Wpl = payload mass 
AV/ISp g the mass ratio of initial mass to burnout mass 
AV = total velocity increment, including orbit insertion losses. 
Figure 3-8 shows the propellant ratio q as function of AV and r 
with Ci as parameter for both earth-storable and-space-storable pro­
pellants. Figure 3-9 shows the relative change of propellant ratio, in 
percent, by changing C I from .0.15 to 0.20 and 0.25, respectively. It 
is apparent that the value of Ci has a large influence on propellant re­
quirements for large AV or r values. The critical value of r is that for 
which the denominator in-the above equation is reduced to 'zero: 
crit 
thus a change of C i from 0. 15 to 0. 25 reduces the critical mass ratio 
from 7.67 to 5.0 and the critical AV value from 5.92 to 4.67 km/sec. 
These factors explain the strong dependence of W on the coefficient 
The relations characterize a regenerative weight growth: an in­
crease in propellant requirements increases the inert mass, which in 
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turn increases the propellant requirements, and so forth (see also the 
feedback path between blocks 3, 5 and 6 in Figure 3-6). 
Similar results are obtained for the"influence of coefficients C i 
and C2 in the case of tandem stage operation with equal stage size. The 
mass ratios of the first and second propulsion stages (and the corres­
.ponding AV values) have critical values 
crit 2C + i 
crit Ci
 
at which the propellant mass would theoretically increase to infinity. 
These values are analogous to the critical mass ratio for single stage 
operation. Figure 3-10 shows the influence of CG n propellant mass.i 

in the tandem 	stage application. 
(PROPULSION MODULES OF EQUAL SIZE) 
_2.0 1 
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Figure 3-10. 	 Propellant Mass for Two-Stage 
Mercury Orbit Mission 
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These results show the importance of keeping the proportionality 
factor C i as low as possible. The fixed-weight parameter Cz is much 
less critical, adding only to the proportional increase of propellant mass 
with payload mass. Mission-peculiar weight elements such as the sun 
shade required only for the Mercury orbiter are reflected in the parame­
ter C2 rather than C . 
3.4 ORBIT INSERTION PERFORMANCE AT MERCURY 
3.4. 1 Thrust Orientation Mode 
Optimum and near-optimum orbit insertion modes at Mercury were 
determined by a systematic performance optimization technique (see 
Appendix E) for given arrival conditions and a specified periapsis alti­
tude (500 kn), periapsis location and eccentricity of the capture orbit. 
Principal results of this investigation are these (see also Appendix F): 
i) Optimum time for thrust initiation is well in advance of 
closest approach, such that roughly h'alf of the retro-thrust 
maneuver occurs before and and half of the maneuver after 
closest approach. 
Z) 	 Fixed thrust orientation with optimal pointing of the thrust 
vector introduces only a small performance penalty (about i 
to Z percent) compared to a more nearly optimal variable 
thrust-pointing maneuver with the thrust vector pointing 
opposite to the velocity vector. 
3) 	 The optimum fixed thrust orientation is parallel (and opposite) 
to the velocity Vector at periapsis, i. e., at an orientation 
normal to the intended apsidal line orientation. Departures of 
more than 5 degrees from this orientation cause a rapid 
increase in maneuver propellant. For example, for a 
10-degree departure from the optimum propellant require­
ments increase by 0 percent for space-storable prbpellant 
and by 15 to Z0 percent for earth-storable propellants 
(assuming Pioneer class payloads spacecraft and a thrust 
force of 600 lbf, or 2730 N). " 
Mariner class spacecraft can implement a variable thrust poihting 
maneuver quite readily, using a stored.program of orientatioi coi) mand: 
and an attitude gyro. Pioneer class spacecraft preferably 'maintain a 
fixed attitude during the maneuver. The performance data obtained show 
that the greater simplicity of a fixed maneuver attitude in.thecas of. 
Pioneer class payload outweighs the performance gain.obtainable.by 
introducing the mor6 sophisticated maneuver mode. 
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3. 4. Z Effect of Thrust Level (Preliminary) 
Figure 3-11 shows the dependence of the minimum initial mass and 
the propellant mass on thrust level and compares the results to.impulsive 
thrust performance. A thrust level increase by 200 lb from 600 to 
800 lbf (2730 to 3630 N) increases the initial mass by 35 kg (77 lbm 
corresponding to a propellant mass increase-per module by 15 kg. 
(33 lbm). No account is taken here .of any penalties in weight because 
of larger thrust. A more complete treatment is used to 'select thrust 
levels in Sections 4 and 5. 
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Figure 3-11. 	 Minimum Initial Mass Versus Thrust Level 
for Mercury Orbiter (Tandem Stages) 
The peak acceleration occurring toward the end of second-stage 
operation with an 800 lbf thrust level (0. 7 g with Pioneer class and 
0. 5 g with Mariner class payloads) will cause high structural loads in 
deployed appendages (see Section 4). The possibility of using a lower 
thrust level in the second propulsion module in the interest of reducing 
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these loads was investigated and the resulting loss in. orbit insertion 
efficiency was evaluated. Results presented-in Figure 3-1Z show that 
such thrust level reductions can lead to unacceptably large performance 
penalties. With the second-stage thrust level reduced by 50 percent to 
400 lbf (1815 N) the performance penalty would be almost as large as if 
the same lower thrust level were used in both stages. Therefore the 
concept was not given any further consideration. 
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Figure 3-12. 	 Effect of First and Second Stage Thrust Level on 
Propellant Mass for Mercury Orbit Insertion 
(Space-Storable System, Module B) 
3.5 	 USE OF PROPULSION MODULE FOR LAUNCH-
ENERGY AUGMENTATION (PRELIMINARY) 
The multi-mission.propulsion module, sized for Mercury orbit 
insertion requirements, has a large excess propellant tank capacity in 
some of the outer planet orbiter cases and comet rendezvous missions 
considered above. This extra propellant capacity can be utilized in a, 
post-launch maneuver to increase payload capacity or reduce trip time. 
An analysis of launch-vehicle performance augmentation by the space­
craft propulsion module was conducted and is discussed in this section. 
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*L-i'order.to p erfo~rm this maneurer most effectively little or no 
time nust be alowed to elapse between launch-vehicle upper-stage burn­
out and ignition of the, bnboard propulsion module. The performance loss 
caused by delay'ing the"maneuver is due primarily to the decrease in 
spacecraft velocity .*ith increasing distance from earth. Figure 3-13 
shows the loss of maneuver effectiveness with increasing (nondimensional) 
earth distance, r/r, in terms of the ratio AV /AV and with V as 
. E, co I Go 
parameter where AVi is the magnitude of the augmentation maneuver. 
For example, for Voo = iZ km/see, typical for a slow trip to Uranus, 
the effectiveness ratio decreases from 1.37 at r/r E = I to 1.08 at 
r/r 5 and i.04 at r/r =10. 
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Figure 3-13. Maneuver Effectiveness Versus
Earth Distance 
At injection energies C3 ranging from iZ0 to 160 km /sec , typical 
for the outer planet missions being considered, the spacecraft reaches 
distances of 5 earth radii 37 to 42 minutes after injection at 160 km 
orbital altitude and 10 earth radii in 78 to 87 minutes. Even a few 
3-16 
minutes of thrust initiation delay will cause a significant reduction in 
maneuver effectiveness already penalized by the lowthrust level used 
in the outer-planet orbiter version of-the propulsion module. 
Examples of C3 augmentation by expenditure of spare propellant 
1 4 are given in Figures 3 r and 3-15. A thrust of 900 N (200 lbf) is 
assumed for outer-planet propulsion modules. Gravity losses are in­
cluded in the integration. The first of these figures shows AC 3 for two 
gross spacecraft weights (1000 and 1500 kg) as function of propellant 
expenditur- AW with Centaur D-iS/SPM (1800) used as launch vehiclep 
upper stage. The upper two graphs represent space-storable, the lower 
two earth-storable propellants. The second figure'shows the corres­
ponding results with the Space Tug/SPM (1800) used as upper stage.-
The effect of elapsed time between upper stage burnout and propulsion 
-:module ignition is shown parametrically for 0, 3 and 6 minutes of coast. 
Even a delay of only 6 minutes can reduce the achievable AC3 increment 
by 20 to 50 percent. 
The maneuver is much less effective for earth-storable than for 
space-storable propellants. This reflects the tradeoff between onboard 
propulsion-module versus launch-vehidile upper-stage performance- The 
tradeoff is favorahle in the case of space-storable propellants (Isp = 
376 seconds) versus the solid propellant kick motor (Isp = 290 seconds), 
but unfavorable in the case of earth-storable propellants with approxi­
mately the same I as the solid motor. 
sp 
Figure 3-16 shows augmentation of the Centaur D-iS/SPM (i8O0)­
and Space Tug/SPIVI (1800) launch capability by expenditure of 100, 300 
and '500 kg of space-storable propellants. Zero coast time is assumed. 
An injected.payload mass increase of-more than 100 kg and a AC 3 of 
2. 2ragofitrs5-to 10 kin /sec achievable by this technique in the C3 range of interest 
can significantly improve the-Saturn and Uranus mis-sions (see Section 7). 
However, use of the technique with earth-storable propellants appears 
hardly worthwhile. 
3-17
 
SPACE STORABLE 
6 
W= 1000 KG 
0 (2256 L ) 
W,= 150oKG 
w (3308 LB) 
U6 
2 
40 
3 
6 
COAST TIME, 
MINUTES' 
3 
0 
LA 0 I r I _ _ _ 
_ _ 
_ _ 
_ 
_ _ 
_ _ 
0o 
4 
2 
0 
3 
63 
EARTH STORABLE 
0 
66 
0 
I 
0 
I 
200 
I 
$400 
I 
400 
I I00. 
BOO 
PROPELLANT 
0 
I 
0 
EXPENDITURE AWp 
200 
I08 
400 
I 
400 
I4080L 
800 
KG 
m 
LB m 
Figure 3-14. C3 Augmentation by Propulsion Module Versus AW 
(for Centaur/SPM (1800) Upper Stages 
SPACE STORABLE 
6 
W 
0 
O1000KG 
(2205 LBM) 6 W 0 =1500KG' @308 LBM) 
4 
2 
0 
3 
60 
COAST TIME, 
MINUTES 
4 
2 3 
,, 
I .. 
2 
EARTH STORABLE 
2 
I I I I 0III 
'-6 3 0 / 
•-2 J - I 1 1 -2 1 1 1 1 
,0. 200 400 0 200 400 
' ' 400 800 0400 B00 
PROPELLANT EXPENDITURE Awp 
Figure 3-15. C3 Augmentation by Propulsion Module Versus AWp(for Space Tug/SPM (1800)Upper Stages) 
KG 
LB 
KG 
1750 \ 
LBm5 
350D 
SPACE TUG/ 
SPM (1800) 
1500 
3000 
1250 
'. 
\ 
CENT)UR 15I/ 
PM (1800) 
100 (221) 
POO (662) 
500(l 103) 
, 
.­ 2500 
o 
42 1000 
Z 
oN '-. . 
2000 Too 
03- 5'0N 
1500 
750 
SPACE STORABLE PROPELLANTS, 
ZERO COAST TIME 
100 100 120 140 
C. (KM2/SEe) 
160 180 
Figure 3-16. C3 Augmentation by Propulsion Module 
4. PROPULSION MODULE CONFIGURATION 
This section discusses propulsion module design approaches and 
alternate configuration doncepts considered during the study and de­
scribes the preferred design adopted for use with Pioneer aid Mariner 
class payload-spacecraft. It also discusses propulsion-module interfaces 
with these payloads and with the Shuttle/upper stage launch vehicle, and 
summarizes payload design modifications made necessary by propulsion 
module accommodation. 
Dbsign characteristics of the propulsion subsystem, as part of the 
propulsion module, will be described separately in Section 5. 
4. i 	 CONFIGURATION GUIDELINES AND CONSTRAINTS 
Principal configuration constraints are imposed by the requirements 
of multi-miss,ion applicability, conformance with the specified payload 
vehicle designs (i. e., Pioneer -class -and Mariner class), and accommo­
dation ohboard the Shuttle orbiter during launch. The use of space­
storable bipropellants, -fluorine and hydrazine, also imposes design 
constraints different from and more stringent than those for earth­
storable-bipr.opellants,_ nitrogen tetroxide and monomethyl hydrazine, 
especia:lly in the areas of thermal control and safety provisions. 
These consideratiohs lead to design requirements-which are sum­
marized as follows. 
Multi-Mission Applicability 
o 	 Compatibility with both inner-planet (Mercury) and outer­
planet versions ofthe sarhi' spacecraft- class 
o 	 Adaptability to the physical environment of the inbound and 
outbound missions, especially thermal control 
characteristics 
o 	 Applicability in single or tandem configurations: singly 
'for the outer planet missions, in tandem for the Mercury 
mission (and some of the comet missions) with appropriate 
structural and interface design, features 
o 	 Conformance with mass distribution requirements of either 
the, spinning or three-,axis controlled payload spacecraft 
4-i 
"	clsls in single and tandem stage arrangements, during 
all phases of deployment, operation and propellant 
depl&tion 
Conformance with maneuver modes and operational 
.sequences of the inbound and outbound versions of each 
-class of payload vehicle, during the transit phase and 
at destination 
. .o'mpatibility with requirements of engineering subsystem 
an~d scientific instrument operation of the inbound and out­
bound versions of each payload spacecraft, e. g.,. avoidance 
of unduly severe field-of-view obstruction of onboard sen­
sors, high-gain antennas, etc. 
Launch from the Shuttle Orbiter 
o 	 Compatibility with payload accommodation constraints of 
the Shuttle orbiter, including those of size and weight, 
center-of-mass location, and structural dynamic loads 
occurring during launch and abort. 
o 	 Compatibility with thermal environment and interface cri­
teria of the Shuttle 
o 	 Convenient integration -with the Shuttle upper stage and 
installation in the Shuttle cargo bay during the time-limited 
Shuttle turn-around and prelaunch preparation phase 
0 	 Compatibility with Shuttle safety requirements in ground 
handling, loading, storage, launch and orbital operations, 
abort and emergency landing 
o 	 Capability of performing a rapid propellant dump during the 
orbital phase, while stowed in the Shuttle cargo bay, in 
the event of a leak or other hazards involving the propul­
sion module, or in preparation to Shuttle abort for other 
reasons.
 
In addition, several general design guidelines and criteria related 
to cost effectiveness and reliability are to be observed. These include: 
o 	 Minimum or no changes in configuration of the multi­
purpose propulsion module developed for each payload 
class when applied to different missions 
" 	 Flexibility of adaptation to different mission requirements 
o 	 Flexibility of operating modes, permitting change from 
nominal maneuver sequences under unexpected conditions 
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o 	 Maximum use of existing technology 
o 	 Simplicity of design and operation 
o 	 Ease of payload integration with minimum impact on the 
payload spacecraft in terms of design modifications and 
special interface requirements 
o 	 Ease of handling and integration with the Shuttle orbiter 
and its upper stages, and avoidance of special interface 
requirements if possible 
*...Moderate requirements by the propulsion module on 
mission control support during all mission phases 
o 	 Compatibility with long mission life by provision of high­
reliability design features, or by including redundancy of 
critical components. 
4. 2 DESIGN APPROACH 
The design approach followed in this study was aimed at satisfying 
the different propulsive energy requirements of the various missions by 
a single baseline propulsion module design. An important consideration, 
while meeting the design criteria and constraints listed above, was to 
avoid imposing excessive weight penalties and functional complexities 
on one mission class as a result of conforming with the special require­
ments of another. For example, the Mercury mission requires a sun 
shade for thermal protection, but such a device is designed sa that it 
can be readily removed when using the propulsion module in outer-planet 
missions where it is not needed. 
The baseline propulsion module was designed to conform with 
different sizes and shapes of a) the inbound and outbound versions of each 
class of payload vehicle, and b) ofthe various Shuttle upper stages by 
appropriate design of interstage adapters. 
Among the more difficult problems in design commonality that 
have to be addressed are those of propellant-tank sizing, mas-. proper­
ties 	control, thrust-level selection, and thermal control implementatioi. 
The 	following paragraphs will discuss the approaches used to resolve 
these questions. 
4-3
 
4. 2. 	1 Pr opulsioh Modul Sizing 
As previously discussed, the propellant-mass requirement of the 
Mercury orbiter is more than twice that of the outer-planet orbiters. To 
use a baseline propulsion module with a common tank size for single­
stage orbit injection at all planets appeared impractical and weight­
ineffective. The preferred approach is to use two propulsion modules 
of equal size for the Mercury orbiter for two-stage orbit insertion. The 
advantages are: 
i) 	 More weight-effective orbit insertion at Mercury 
Z)-	 Reduced inert weight of the individual propulsion module, 
giving improved performance of the outer-planet orbiter 
mis sions 
3) 	 Reduced ullage due to propellant offloading in the outer­
planet orbiters and, hence, reduced propellant sloshing 
during launch. 
Propulsion tank sizes determined from the preliminary perfor­
mance calculations discussed in Section 3 are presented in Table 4-i 
for Mercury orbiters using Module A or B, with earth -storable or 
space-storable propellants. These data were used to proceed with pre­
liminary propulsion module designs, subject to subsequent weight and 
size iterations as explained in connection with Figure 3-6. 
4. Z. Z Mass Properties Control 
Center-of-mass locations and moments of inertia: of the payload 
spacecraft are fundamentally changed by the addition of the large propul­
sion module in single or tandem stage arrangement. 
This is of concern primarily in the case of the (spin-stabilized) 
Module A application. The combined configuration tends to have An 
unfavorable mrnoent-of-inertia ratio. Long-term spin stability requires 
that the spin moment of inertia (IZ) .be at least i. i times greater than the 
maximum transverse moment of inertia (Ix or Iy ) . 
The design approach taken in the study was to keep the height of 
the propulsion module as low as possible while placing the spherical 
propellant tanks at a radial distance large enough to achieve a moment­
of-inertia ratio of I. i\or larger, starting with separation from the launch 
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Table 4-i. Mercury Orbiter Propellant Requirements forPreliminary Stage Sizing; Weigbts in kg (lbm 
Stage 
Module Usable Stage Spacecraft Total Tank 
Type Propellant, 	 in3Inert Weight, Initial Dry Voum iter Each Stage Each Stage Weight Weight (in. 3) 
A, earth-storable 1159 259 3176 599 1.33 85 
(Z556) (571) (7003) (13Z1) (81,000) (33.5) 
space-storable 612 160 1884 500 0.79 69 
(1349) (353) (4155) (1103) (42, 700) (Z7. 2) 
B, earth-storable 1961 4Z0 5312 970 2.1i 100 
(4324) (926) (11713) (2139) (129,000) (39.4) 
space-storable 991 234 3006 784 1.15 8Z (ZI85) (516) (6615) (17Z9) (90, 000)" (32.3) 
As suxnptions: 
o 	 Four spherical tanks, 15 percent volume margin 
* 	 Thrust force 600 lbf (2730 N) . 
o 	 Revised scaling law Wi = 0. 20 W + 7. 2 kg (60 Ibm) for earth-storable, or 
+36.3 kg (80 lb.) for space-storable propellants 
o 	 Mission No. I (launch date 19 June 1988) 
o 	 Module A uses fixed thrust, Module B variable thrust pointing 
" 	 Maneuver requirements include 500 rn/sec for Earth-Mercury transit phase 
(-300 m/sec) and Mercury orbit phase (-200m/sec). 
vehicle upper stage. This lateral separation of propellant tanks is bene­
ficial also from a'thermal isolation standpoint for the fluorine/hydrazine 
combination, by suppressing conductive heat transfer through the support 
truss. 
The use of at least four tanks is essential in the spinning con­
figuration for proper mass balance of the dissimilar oxidizer and fuel 
weights, which differ by a ratio of about 1. 5:1. Previous design studies 
(References i9 and 20) have- shown that transverse center-of-mass shifts 
occurring in a two-tank configuration due to propellant. depletion is 
difficult or impractical to compensate. This shift tends to produce an 
angular tilt of the principal axis of inertia which' causes the geometrical 
center line of the spacecraft and, hence; the axis of the-high-gain antenna 
beam, to describe a conical motion around the instantaieods-spin axis. 
The resulting degradation of the spacecraft-to -earth cormunication link 
would be unacceptable. 
4-5 
In the four -tank configuration the unequal oxidizer and fuel masses 
are located on diaz6trically opposite sides of the propulsion module. 
This assures a continuously balanced mass distribution even if the pro­
pellant depletion is not uniform which would be the case if a portion of 
the hydrazine fuel is expended as monopropellant. 
Toroidal tanks were also being considered for the spinner as a 
possible design option having the advantage of providing symmetrical 
propellant distribution around the spin axis at all stages of propellant 
depletion. However, this alternative was subsequently discarded pri­
marily since tanks of an extremely low tube cross-section (tube 
diameter/mean toroid diameter ratio of about i:5) would be required to 
satisfy the spin stability requiremeht with a minimum moment of inertia 
ratio of i. i in the tandem and single stage configuration of Module A. 
This and other reasons for discarding the toroidal-tank design. concept 
will be discussed in greater detail inSection 4.3. 
Small residual center-of-mass -deviations from the geometrical 
center line and small thrust axis misalignments (of the order of 0. Z5 cm) 
are acceptable if the resulting spacecraft nutation during thrust phfases 
is limited to less than about i degree ii the outer-planet missions and 
2 degrees in the Mercury mission. This can be achieved by increasing 
the spacecraft's angular momentum by a spin-up maneuver prior to each 
thrust phase. Typically, the spin rate will be increased from the nomi­
nal value of 10 rpm in the cruise mode to 30 rpm in the case of the 
Mercury orbiter and from 5 rpm in cruise to i5 rpm in the outer-planets­
orbiter. The increased spin rate also provides greater structural stiff­
ness of deployed appendages against relatively large axial acceleration 
due to thrust. . The maximum thrust acceleration is about 0. 7 g in the 
Mercury-orbiter case, but only about 0. 15- g for the outer-planets 
orbiter with the propellant tanks nearly empty and the thrust levels of 
800 and ZOO pounds (3580 and 900 Newtons) adopted for these missions, 
respectively. 
Mass properties, spin dynamics and thrust level selection will be 
discussed below in greater detail. (See also Appendix G. )-
In the case of the (nonspinning) Module B design,- mass properties 
control is not as critidal as with Module A, since changes of center-of­
mass location can be met within reasonable limits by thrust-vector 
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gimballing. Nevertheless, a four-tank configuration has the advantage 
of more precise mass balance at all stages of propellant depletion com­
pared with a two-tank configuration, especially with space-storable 
(F 2 /NH 4 ) propellants, since in this case it is desirable to use a signifi­
cant portion of the hydrazine fuel in the monopropellant-thrust mode for 
small AV maneuvers and for attitude control. The design of the propul­
sion module tends to place the combined center-of-mass rather close to 
the main engine gimbal joint such that even a few inches of lateral c. m. 
displacement from the center line would require an undesirably large 
steady-state gimbal deflection. 
4. 	Z.' Thrust-Level Considerations 
Thrust-level selection involves a trade between performance gains 
attainable by high thrust acceleration (because of a resulting reduction 
of orbit-insertion loss) and weight penalties accruing from the increased 
structural load on deployed spacecraft appendages and from larger 
engine and other inert weights. This tradeoff is quite sensitive since 
orbit insertion performance at Mercury depends strongly on thrust-phase 
duration-which in turn is inversely proportional to thrust level. Fig­
ure 4-i illustrates this fact by the large increase in the orbiter's gross, 
initial mass as the thrust level is reduced. The data shown are typical, 
representing. results of orbit-insertion performance analysis for a 
Mercury arrival velocity of 6.4 kmisec, with payload spacecraft mass 
shown as parameter, and with the inert-mass coefficient (C change of 
inert mass per unit change of propellant mass) assumed as 0. Z. Fig­
ure 4-2 shows principal mass-element changes with a thrust level 
change from 600 to 800 pounds as function of the payload mass. 
W ight penalties accruing. from increased thrust level include in­
creases due to the size of the thruster and associated propulsion system 
hardware and the required structural strengthening of weak appendages 
such as solar panels, sun shades, experiment booms in the case of the 
Mercury orbiter, and RTG deployment arms and experiment booms of 
the outer planet orbiters. Assessment of these weight penalties depends 
on design details to be considered later. 
In addition to the weight factor, per se, there are also considera­
tions of the cost elements involved in redesigning the payload vehicle to 
4-7
 
0 
"',"02 3.0	 0.075 10.10" 

THRUST.ACCELERATION (G's) 
55 
LSoo 
o~~~25 -d o/,._ 	 ' _. 
STAG INR MAS 	 W.=02W 7K 
PAYLOAD / P 
MASS (KG) / 
350II
2.Oo 

10300 	 500 700 
LB£F
 
1low 	 200 3000 
THRUST FORCE (NEWTONS) 
Figure 4-1. 	 Influence of Thrust Level on Initial Gross Mass 
for Mercury Orbit Insertion 
strengthn deployed appendages. Optimization of the propulsion system 
performnance must not .ignoreeffects on the payload spacecraft design. 
However, a full evaluation of the entire design impact tends to be outside 
the scope of this study. 
It is interesting to note that the deployed solar panels of Mariner 
Venus M~ercury as originally designed cannot withstand axial accelera­
tions exceeding 0. 01 g. 'The use of any reasonable thrust level of at 
least 10 times that figure requires a redesign, possibly the use of guy 
wire support of the deployed panels, since retraction of the panels prior 
to each main thrust application as an approach to resolve the problem 
would be impractical. 
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Figure 4-Z. 	 Effect of Thrust-Level Increase from 600 to 800 lb 
on Weight Elements for Mercury Orbiter (Space-
Storable -Piopellants; Preliminary Inert-Weight 
Scaling). 
Further analysis shows that the thrust-level requirements of the 
Mercury hission are not rteally compatible with those of the outer-planet 
orbit missions. This, is. best explained by comparing the design Zharac­
teristics of the payload-spacecraft classes that are to accommodate the 
multi-mission propulsion modules. The matrix shown in Table 4-Z sum­
marizes key thrust-level selection constraints for the spinning and non­
-spinning payload vehicles in inbound and outbound missions. 
In the multi-mission propulsion system design anymajor per­
formance. penalty incurred in the, Mercury orbiter- due to low thrust,'level 
greatly increases the required propellant tank capacity and hence module 
size and inert weight. This in turn can penalize the performance of the 
outer-planet missions severely. 
As an acceptable compromise it is preferred to allow a modification 
of the thrust level by exchanging the engine selected for the Mer'cury.orbit 
module for a smaller engine in missions to the outer planets. The design 
- 4-9 
Table 4-2. Principal Thrust Level Selection Constraints 
Mission Constraints Module A Payload 	 Module B Payload (Spinning) 	 (Nonspinning) 
Mercury Orbiter: 	 a Pioneer Venus orbiter class a Mariner Venus/Mercury 
flyby class
 
Incurs major performance a Designed to withstand up to
 
penalty for low thrust level, 8 g thrust acceleration * Deployed solar panels
 
" (solid motor) in Venus orbit designed for accelerations 
mission 0.01 g 
a 	 Can readily accommodate a Solar panel support must be 
desired large thrust level redesigned in any case to 
(600 to 800 pounds) accommodate orbit'inserton 
thrust
 
Outer Planet Orbiters: a Pioneer 10 and i Jupiter I Mariner Jupiter/Saturn 
flyby class flyby class 
Can accept low thrust level 
with small performance loss a Designed to withstand only * Instrument and RTG support 
up to 0. 1 g thrust accele;a- arms can tolerate up to 
tion 0. 2 -g 
* 	 Retraction of RTG and ex- a Long experiment booms can 
periment booms prior to be retracted prior to thrust 
thrust initiation impractical initiation 
o 	 Minor redesign can accom­
modate up to 0:2 g. Ac­
celeration level >0.4 g 
requires more significant 
design changes 
impact of this approach on the multi-mission propulsion system can be 
minimized if the propellant feed system is designed to accommodate the 
larger propellant flow rate to be-used with the full size (Mercury orbiter 
version) engine, and the system uses common elements such as valves, 
injector assemblies, and combustion chambers of equal diameter in the 
full-size and reduced-size engine applications. The accruing small weight 
and cost penalty is felt to be acceptable in exchange for the significant 
performance improvement of the common system to be gained by this 
approach.
 
4.2.4" Thermal Control Design Approach 
Thermal design approaches for the earth-storable and space­
storable propulsion systems are fundamentally different. In the earth­
storable system both oxidizer and fuel tanks are to be maintained within 
a temperature range of 70 to iZ0 0 F. Conventional techniques of thermal 
insulation against undesirable external heating afid against heat losses to 
cold space can be applied. The storage tanks as well as the propellant 
lines and externally mounted thruster control valves require the use of 
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.i ie:ncnts 
the nropelI:its, a technique used successfiully on Pioneer 10 a:td I I. 
Ther.al interface p:roblerns withi the pay load spacecr;ft niu:it bc addresst:d 
electr;(-a and/or radioisn)topv' heatr c to prevcitrlezin4 of 
to pernli" adequate payloac! waste-heat dissipation in those ca s( S .ere !he 
attachmnent of the propulsion module(s) obstructs the view of cold space by 
heat reJection surfaces provided in the original nay!o.tc spacecraft desig:. 
The quiestion o^ irnial protecti(on ag int. the ifl(TnfSf! solar heat flux in 
the Mer:-zry orbit mission as well as agailnst the potnti.t. ly significont 
re racitted heat flux from the dayside of the planet, itnelf wiil be dis­
cussed below. 
In the space-storable system the cryogenic oxidizer (1,F) Tank 
must be maintained between about -306 and -Z30 0 to avoid cessive 
therrnal exuansion and vaoor pressure, while the warmi fuel (Nh.) tank 
-120	 1-%ihc!nals to 	b held in th.e te peratret rang. of 70 to '. control 
of the(o tFd t''k,; requires the following approach wfhichl deWfined 
in a 	previous TRW clesign study (Re -:rrnc'' 4): 
a 	 Mininize heat leaks into tl: tank since at the spe cified 
low storage temnperature the tonks Cill radiate excess 
heat only at a very low rate. 
o 	 Povide an ;idcquatcly Ia rg solid an (%.:ew factor) for 
radiation of heat fron: te cold tank to cole spacC to 
assure thermai :>tlance at the s:)CcAftc I0o.v t;tOrae ter. 
'Ie.his rcuien.nt affects thv relative l.-cation 
of "he cold tanks and the stin sh.ade rec!lqirctd :1I tile 
Mercury orbit mission. 
0 	 Oiit 'hernial i su;tlation of the cold tank to fitiiitat,: its 
hat rejecctin to cold space. 
o 	 Provide thermal (oatltings of atppropr:attly '.li.gh ,:niissivity 
and low /tbso:ptAnce. 
: 	 ""; ; . ... a ro ec the tank ' .: .. 
,..aditt.o.. ,..ithi:n th :'~oflu!Siotinlo,,llh a:n.. t*Ul" tl"tb 	 11.'an. 
pay)ad by ahpropr'ite :;hnll.lg. W.i,: tanks that can 
be s,:c n by tit: co.d tanks . )(t eff-c!:ivl! ;:nsuL.ttCd. 
,r:,A iat:O, nl )! 	 tile 
o 	 Prevvnt co:tdictive he;:t tralinfer to ,he cold ta,'ns. e.g. 
from te ,arii or other %w.r:.nsy.ir.it ..wt, tai.ks nlon:):I.nS 
by "Sing sufficiently lo ""gano thin-wa.,'bd su,;K .str.u.s. 
.i tie c:ase of the Mercur- o t t y. so ,...... ,s'' ' 
the attached t)ronutlsion Iflor tiltes require thernial )" ttcti, '.y a sun 
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shade in order to survive the solar flux which at Mercuryls perihelion 
distance (0. 307 AU)increases to a value 10.6 times greater than at 
earth. Exposure to the IR flux from Mercury's hot surface during day-' 
side traverses must be kept to an acceptable level. This can be accom­
plished by appropriate control of the closest approach distance to the 
subsolar region of the planet, e.g., selection of the orbital mission 
profile and by an orbit change maneuver to raise the periapsis distance 
in advance of the onset of seasonal subsolar region overflights. 
These requirements and othei factors involving thermal pr6tection 
of the Mercury orbiter will be discussed more fully in Section 6. 
Short exposures to direct solar illumination during the launch phase 
and during midcourse maneuvers (e.g., near Venus) can be accepted 
without causing a prohibitive cold-tank temperature increase. 
In the outbound missions the propulsion module is generallyprb­
tected against prolonged solar illumination by the large high-gain-antenna 
dish acting as a sun shade (outer-planet Mariner payload) or by added 
sun-shade extensions to augment the smaller antenna dish size in the case 
of the outer-planet Pioneer payload. Prolonged side-sun illumihation that 
would occur during the first two months of the outbound cruise with the 
high-gain antenna pointed at earth can be avoided by using medium- and 
low-gain antenna. coverage instead since high data rate telemetry will 
not be required during this mission phase. 
4. Z. 5 Structural Design Approach 
.The major loads to be supported by the propulsion module structure 
are the module's own propellant tanks and the mass of the vehicle (or 
vehicles) located above the module. The structure transfers the combined 
load to the launch vehicle upper stage adapter. Load characteristics vary 
greatly depending on the missi6n to be flown. 
The worst-case condition for which the structure must be designed 
is presented by the Mercury orbiter mission. In this case the external 
load to be carried consists of the payload spacecraft plus the fully loaded 
upper propulsion module, mounted in tandem. Since bpth modules to be 
4-i2 
used in this configuration are to be of identical design, a heavier struc­
ture is required than if the modules were designed individually. The 
resulting weight penalty affects not only the Mercury mission performance 
but also those of the outer-planet orbiters which will make use of the same 
structural design. It is essential that this weight penalty be minimized 
by using an efficient structural design approadh. 
Dynamic loading conditions occurring during Shuttle launch and 
abort phases are listed in Table 4-3 (from the current issue of "Space 
Shuttle System Payload Accommodations, " Reference Zi) . 
Table 4-3. Shuttle Payload MaximumDesign Accelerations (g's) 
Upper 
Condition Stage a a a y ZLoading 
Lift-Off Full -2.9 +1. 0 +1. 5 
High Q boost Full -2.0 +0.5 i0.6 
Booster end burn Full -3.3 - 0. 2 i -0275 
Orbital operation Full -0.2 ±0. 1 -0.1 
Entry and descent Empty 0.75 ±;1.25 ' 1.0 
Landing Empty +1.0 ±-0.5 2.8 
Crash (ultimate load) Empty 9.0 =+1.5 -4.5 
Sign convention: 
+x forward 
+y left 
+z upward 
Shuttle safety requirements demand that the total payload consisting 
of the propulsion module (or modules) and the payload spacecraft remain 
structurally intact under conditions of a survivable crash landing, with 
an ultimate longitudinal acceleration of 9 g. However, as a factor that 
alleviates this condition it is reasonable to assume that all propulsion­
module propellants will be dumped as a safety measure prior to the 
abort and entry phase (see Section 4.8.3 and Appendix B). In conse­
quence, the critical load conditions occur during liftoff and boost with the 
fully loaded tandem stack of propulsion modules. 
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in the.as& ofto ter-planet orbiters the peak load' occurs at burnout 
of the splidkick.mot6r. The thrust force is about 15, 000 lbf (68, 100 
"-Newtons).,' With a' maximum acceleration of about 5 g (for a total mass 
of 3000 lb (i360.kg))-the resulting compressive and buckling stresse's 
m 
are more seve're than those occurriig during the Shuttle ascent phase 
(3.3. g). 
A detailed analysis of load characteristics and structural designs 
adopted for the rhulti-mission propulsion module is presented in 
Appendix C. 
Several structural design concepts were investigated during the 
study that use different approaches to tankage support, principal load 
transfer and load path separation. The alternatives included shells and 
trusses as main structural elements. The structural concept which 
appears to offer the most efficient load-carrying capability under the 
existing configuration constraints is illustrated in Figure 4-3. It is 
a hybrid structure comprising a cylindrical shell in the center and 
support trusses for each of the four peripherally arranged spherical 
propellant tanks. Its principal design advantages include the following: 
o The central cylinder is an efficient load transfer struc­
ture considering the fact that more than 70 percent of 
the total load to be transferred is the axial load from the 
upper module and the payload vehicle. 
" .The cylindrical shell is better suited than a truss in appli­
cations involving distributed loads above the interface 
--(Pioneer inbound and outbound configurations transfer 
the loaa through a shell structure) or below the interface 
(cylindrical interstage adapter to the solid kick motor). 
o A cylindrical shell conforms better with a V-band 
(Marman clamp) separation joint than a truss structure. 
V-band separation joints require fewer explosive separa­
tion devices to assure failure-free operation than truss­
work separation joints. 
o Individual trusses used to support the propellant tanks are 
readily integrated with the central cylinder by attachment 
at the separation interface rings, at the top and bottom of 
the module. 
c The central cylinder permits convenient attachment of 
the conical main engine support structure. The cone is 
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Alternate design approaches -will be discussed and evaluated in 
Section 4.3. The selected structural designs for Modules A and B will 
be shown in greater detail in Sections 4.4 and 4. 5. 
4. Z. 	 6 Retention of Propulsion Module at Destination 
The question of whether to retain or to jettison the propulsion 
module after completing orbit insertion at the target planet (or in comet 
missions, after completing the rendezvous maneuver) is of appreciable 
importance in the definition of the module design, functional capabilities 
and 	operational sequences. System implications of retaining the propul­
sion module for the duration of the planetary orbit phase (or in comet 
missions, thd time interval of close proximity to the comet) were investi­
.gated, and relative advantages versus disadvantages were assessed in 
qualitative terms as follows: 
i; 	 Retention of Propulsion Module 
Advantages 	 Disadvantages 
o Increased flexibility of 	 a Exposure of propulsion 
orbital 	phase module to increased 
meteoroid impact 
o 	 Ability to make signifi- hazard 
cant orbit trims late in 
the mission (desirable 0 Extended electrical power 
from scientific requirement for propul­
standpoint) sion module heating 
* 	 Ability to use main pro­
pellant supply for
 
auxiliary propulsion
 
(performance gain)
 
o 	 Propulsion module
 
shields spacecraft rear
 
side against meteoroids
 
2) 	 Staging of Propulsion Module 
Advantages 	 Disadvantages
 
o 	 Reduced mass and a Possible malfunction of 
moments of inertia tin- pyrotechnic separation 
prove auxiliary pro- devices after long transit 
pulsion performance time introduces- failure 
mode 
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a Elimination of some 
science instrument and o Required increase in pay­
antenna field-of-view load spacecraft propulsion 
obstructions capability in lieu of using 
spare propellant capacity 
of the propulsion module 
could be potentially 
costly (tank size) 
The tradeoff between performance advantages of using the main 
propulsion-system propellant supply to handle auxiliary propulsion func­
tions (if the propulsion module is retained) versus performance ad­
vantages gained by staging does not provide a decisive argument for or 
against propulsion module retention i4 terms of weight differences only. 
However, it appears that the advantage of providing a more flexible 
mission strategy in unknown environments (safety, scientific mission 
yield) by utilizing the spare propellant capacity will justify retention of 
the module. 
In the Saturn orbiter mission the major plane-change maneuver re­
quired after orbit insertion to achieve a low-inclination orbit should be 
performed as late as possible to permit extension of exploration at higher 
latitude and to minimize exposure to ring-particle impacts. The plane­
tary environment can be explored more effectively with the aid of swingby 
maneuvers of the satellite Titan. These options are the subject of a 
concurrent study by JPL' which shows the wide range of mission options, 
including plane changes and apsidal rotations, available in a largely 
nonpropulsive mission sequence. An ample propellant margin provided 
by the multi-mission propulsion module will add flexibility and corrective 
maneuver capability. Orbital lifetimes of up to 3 years are being 
contemplated. 
This philosophy implies a multiple restart capability for. an in­
creased' number (IG to ±5)'of successive thrust events. The expected 
increase in propulsion system development'and test co'st to-meet this 
requirement is offset by the greater scientific mission potentiil. 
A report is currently in preparation by Dr. Phil Rlbtbt2:ts (-pe-tsonal 
communication), Reference 30. 
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At Uranus the use of extra propellant will significantly enhance 
the scientific exploration scope by permitting periapsis altitude and 
apsidal orientation changes. Close encounters of the inner satellites 
Miranda and Ariel or the outer satellites Titania and Oberon will thus 
become feasible. The unusual pole-on inagnetospheric configuration re­
sulting from Uranus' polar axis tilt offers interesting scientific explora­
tion possibilities that can be fully exploited only by extended orbital life 
and maneuver capabilities. 
At Mercury, an extension of orbital life to several (earth) years 
would permit observation of changes in Mercury's geophysical environ­
ment due to changes in solar weather during and after the peak of solar 
activity which will occur in 1990. This again implies increased orbit 
control maneuver requirements. As a side benefit of an extended 
Mercury orbiter mission the spacecraft remains at a most favorable 
vantage point for close-distance solar observations. During three-fourths 
of its orbital phase it can view far-side solar activity unobservable from 
earth. During the prolonged eclipse seasons that will occur in 40-45 day 
intervals it can make use of Mercury as occultation disk for observation 
of the solar corona. These observations can be performed twice per 
orbit in relatively rapid succession. 
Similarly, in comet rendezvous missions, an adequate maneuver 
propellant margin (100 to ZOO m/sec) for in-situ coma and tail explora­
tion is essential for a maximum scientific data yield. 
Performance considerations which favor retention of the propuilsion 
module are felt to outweigh the two principal disadvantages associated 
with retention, namely longer exposure of propellant tanks to possible 
and extended use of electrical heater powermicrometeoroid penetration, 
for propellant tanks and feed lines during the orbital mission phase. 
The micrometeoroid impact protection problem will be addressed 
in Section 6. Granted that the micrometeoroid flux rate tends to be 
greater in the vicinity of the target (e. g., -Saturn and Mercury) than 
during the transit phase, the risk of losing the mission because of a 
penetrating impact on one of four propellant tanks is reasonably small. 
If such an impact should occur it would affect only a small amount of 
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residual propellant, not the entire remaining propulsion capability. 
Means to prevent loss of either all remaining propellant or oxidizer 
through a single penetration leak must be provided in any case to safe­
guard against loss of the mission before reaching destination. The use 
of four rather than two propellant tanks in the case of Module B (where 
both options are acceptable) provides some degree of functional redun­
dancy if the necessary isolation valves in the pressurization and: feed 
system are added. 
The second concern, i.e., extended use of power for propulsion 
system thermal control and for propellant management valves at a time I) 
when power reserves are continually diminishing, is a matter for
 
detailed spacecraft system design tradeoffs exceeding the scope of this
 
study. To alleviate the power drain due to retention of the propulsion
 
module a design approach was taken that relies to a large extent on
 
radioisotope heating, as in the Pioneer 10 and ii spacecraft and the
 
Pioneer Jupiter orbiter design (Reference 6).
 
4. Z. 	 7 Auxiliary Propulsion Functions 
If the propulsion module is. retained in the orbital mission phase it 
can be used to perform auxiliary propulsion functions (orbit corrections 
and attitude control maneuvers.) if addition to the primary high-thrust 
maneuvers. The fqllowing configuration and performance aspects favor 
this design option: 
i) 	 A common propellant supply can be used for auxiliary and 
primary propulsion. This simplifies the design, avoids 
- ropulsion hardware duplication and reduces unusable 
(residual) propellant mass. 
2), 	 A.perfbrmance advantage- can be gained, particularly, if 
the auxiliary propulsion system can utilize the same bi­
propellant as the main engine rather -thanmonopropellant 
hydrazine.
 
3) 	 If the auxiliary system uses monopropellant hydrazine 
from the common propellant supply (in the case of space­
storable propulsion) it will operate on regulated pressure 
rather than in the blowdown mode, with higher average 
specific impulse. 
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4) 	 If't-e auxiliary system uses hydrazine only which is drawn 
fr:om the'common propellant supply (in the space-storable 
case) the mixture ratio of the bipropellant main engine is 
thereby improved if equal-volume tanks for fuel and oxi­
dizer are used, as will be discussed in Section 5. 
5) The hydrazine storage tank(s) of the payload spacecraft would 
.require enlargement to meet increased auxiliary propulsion 
requirements of the heavier flight spacecraft and the longer 
mission life. Generally this would -require some change of 
.the payload's central equipment compartment layout. This is 
avoided by using the propulsion module tanks as a common 
propellant source. The weight thus saved partly offsets the 
weight increases due to strengthening deployed appendages 
against greater accelerations or other modifications. 
It should be noted that an auxiliary thruster rearrangement 
on the payload spacecraft would be required, in any case, 
* because of the addition of the propulsion module(s) at the 
aft end. 
6) 	 Integration of all propulsion functions into the propulsion 
module implies simpler assembly and test operations and 
hence lower program cost compared to a system where 
both the payload and the propulsion module carry propul­
sion system elements. 
7) 	 Placement of auxiliary thrusters on the propulsion 
module, in many instances, helps to reduce or avoid 
unwanted inter-axis coupling torques caused by the large 
center-of-mass offsets along the spacecraft centerline. 
This reflects in propellant savings and simpler maneuver 
sequences.
 
A notable exception to the use of common propellants by the auxili­
ary 	propulsion system and advantages that might be derived from that 
option occurs in the case of Module B with earth-storable propellants. 
The 	three-axis stabilized flight spacecraft requires much smaller mini­
mum impulse bits in the limit cycle attitude control mode than those 
achievable, in general, with bipropellant (N 2 0 4 /M-MH) auxiliary thrusters. 
Propellant requirements to maintain a spacecraft of given design 
and 	moments of inertia within a specified limit cycle deadband are pro­
portional to the square of the minimum impulse bit. The Mariner outer­
planets spacecraft uses monopropellant thrusters of 0. Z lbf (0.89 Newton) 
thrust force operating at minimum pulse lengths of 30 msec. Even with 
the 	larger moments of inertia of the Mariner orbiter configuration the 
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thrust force should not exceed 0. 5 lbf (Z. 2 Newtons): The available tech­
nology of auxiliary bipropellant thrusters does not' permit efficient or 
precisely controlled operation at these small thrust levels and short 
pulse lengths. Minimum impulse bits are at least one order of magni­
tude too large. In consequence, for Mariner orbiters that use propulsion 
Module B with earth-storable bipropellants, a separate monopropellant 
supply is needed and can be provided by the hydrazine tank (or tanks) 
carried by the payload spacecraft, but appropriately enlarged for this 
application. Relocation of the auxiliary thrusters into the propulsion 
module is still the preferred design option, mainly for reasons explained 
under items 6) and 7) of the above list. 
Table 4-4 summarizes the preferred design approach used to 
implement auxiliary propulsion functions with the different payload 
spacecraft and propulsion technologies under consideration. 
In addition to the small auxiliary thrusters used by the flight space­
craft, a set of larger thrusters is required during the launch phase of 
outer planet orbiters to provide thrust vector control for the 15, 000-lbf 
(67, 000-Newton) solid-propellant kick motor. The system design retains 
the arrangement used in Mariner Jupiter Saturn with four il15-lbf 
( 5i2-Newton) main TVC engines and four smaller (5-lbf ZZ. 2-Newton) 
roll 	control thrusters , supplied either by the -hydrazine or bipropellant 
tanks of the liquid propulsion module. After solid motor separation the 
control circuits in the payload spacecraft are reconfigured as in the case 
of Mariner Jupiter Saturn to meet the different attitude control require­
ments of the flight spacecraft. 
4.3 	 PROPULSION MODULE DESIGN EVOLUTION 
AND, SELECTION RATIONALE 
Numerous propulsion module design alternatives were investigated 
and compared in the process of selecting preferred configurations 
(which will be described in Sections 4.4 and 4.5). Some of the alterna­
tives will be discussed in this section to outline the design evolution and 
the selection rationale. The.alternatives considered included primarily 
the shape, number and arrangement of propellant tanks and various 
support structure concepts. 
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Table 4-4. Auxiliary Propulsion Implementation I, 
Propulsion Propellants Forb Thr~ut P es"sure,ProulsonForce Minimiumn	 ... 
Module for Main fThrust 	 Pressure Sp RTypo Ellns (NewType Pulse (psi) (see) Remarks 
Engine (Newton) (sec)
 
A N2 0 4 /MMH 2 to.5 Bipropellant 0.5 	 300 260-280 a Bipropellant thrusters (9. 1 to 22.3) NZ0 4 /MMH (regulated) most efficient; within 
state of technology 
FZ/N'24 i to 2 Monopropellant 0.03 300 	 i80-zz0 * Uses spare fuel tank 
(4. 	5 to 9. 1) NZH 4 (regulated) 'capacity (provided to 
improve main engine 
p. 	 mixture ratio) 
N 	 B N20 4 /MMH 0.3 to 0.5 Monopropellant 0.03 150-300 170-ZZ0 a Requires separate 
(1.4 to 2.3) N2F114 (blowdown) hydrazine tank(s) on 
payload spacecraft(bipropellant thrusters 
would have larger than 
acceptable minimum 
impulse bit) 
FZ/NZIq4 0.3 to 0.5 Monopropellant 0.03 300 	 180-Z20 o Uses spare fuel tank (1. 4 to Z.3) NZH- (regulated) 	 capacity4 

Notes: 
* All but Module B (earth storable) use auxiliary propellant from own propellant supply 
0 Auxiliary thrusters on propulsion module in all cases 
" Optimum mixture ratio (I. 5:1) in space-storable case implies eitra fuel tank capacity if equal volume tanks are used 
4.3. 1 Propellant Tank Configurations 
The alternatives included spherical, cylindrical and toroidal pro­
pellant tanks. 
Four rather than two spherical or cylindrical tanks per module 
appear preferable because of the balanced (symmetrical) mass distribu­
tion and lower propulsion module height, as previously discussed. In 
the case of spin-stabilized spacecraft a balanced mass'distribution is a 
requirement. 
Cylindrical tanks are a viable alternative to -spherical tanks to 
conserve propulsion module height since they can be mounted with their 
long dimension perpendicular to the spacecraft centerline. 
Spherical tanks with a conical extension on one side, also known 
as "teardrop" tanks, are preferred in the spin-stabilized configuration 
since this shape facilitates passive propellant acquisition without the 
aid of capillary devices (see below). 
Toroidal tanks, in principle, provide a favorable mass balance in 
spin-stabilized spacecraft. Design studies and model tests were per­
formedby Martin-Marietta Corporation (References 22 and 23) to deter­
mine'weight and, cost data; materials requirements; ease of fabrication; 
passive propellant acquisition characteristics using capillary devices; 
and dynamic characteristics, including spin stability and slosh damping. 
These studies indicated favorable characteristics on all counts, but pro­
jected de'velopment costs as slightly higher than those of spherical tanks. 
Figure 4-4 illustrates lateral tank spreading requirements for 
attaining moment-of-inertia ratios sufficient for long-term dynamic spin 
stability. As, previously stated; the' ratio of spin moment of inertia to 
the transverse moments of inertia, IS/hT, should not be less than i. i. 
The diagrams indicate inner boundaries, corresponding to S/IT 
on the placement of tanks in single or tandem arrangei .ehit." The 
-boundaries are nearly conical (actuallj? they are hypetboioids' of revolu-" 
tion) kvith half-cone angles .depending on the ratio p- o1stage-.mass to-­
payload mass. 
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Figure 4-4. 	 Dynamic-Stability Constraints on Tankage for>Tandem
 
Stage Configuration (Pioneer Mercur.y Orbitei)
 
-Mass centers of the cross-sections of stacked toroidal tanks (at 
the right in Figure 4-4) must be placed farther awaay from the centerline 
than those of spherical tanks (left side) to satisfy the dynamic stability 
criterion S/IT i. i. The boundaries shown correspond to mass ratios 
=4. for two fully-lbaded tandem modules, and-p = Z for a fully-loaded 
single inodule. (They-correspond to a simplifying assumption of the 
stage mass being-approximately equal to the propellant mass.) The 
diagram indicates that the toroids would be so slim (aspect ratios of 
less-than i:5) as to make passive propellant acquisition somewhat 
doubtful. 
Arrangement of two toroids concentrically in each propulsion 
module has been considered as an alternative to overcome the aspect 
ratio problem. It has the disadvantage of requiring development of two 
toroids of different dimensions. 
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4-24 OF POOR QUJALITY 
In addition to the problem of small tube diameters some questions 
regarding toroidal tank mounting, support, and the thermal isolation of 
alternately mounted warm and cold tanks remain unsolved. 
For nonspinning spacecraft toroidal tanks pose problems of pro­
pellant sloshing and attitude-control stability that would need more 
detailed analysis. Figure 4-5 illustrates the basic destabilization prob­
lem due to thrust application and propellant sloshing in a nonspinning 
toroidal tank. Assume in a partially empty tank the propellant mass 
center is located to the left of the centerline. The combined mass center 
is then also on the left. If the thrust vector is initially aligned with the 
centerfine the vehicle will start rotating counterclockwise driving the 
propellant farther to the left (acceleration a). If the thrust vector is 
aligned with the vehicle mass center to null the torque then the propel­
lant will be accelerated to the right (acceleration a+). The destabilizing 
effect increases with the magnitude of the thrust acceleration. However, 
it can be reduced by addition of slosh-suppression baffles. Three­
dimensional effects, not included in the above simplified model, tend to 
aggravate the problem since a strong coupling of the two transverse 
motions is unavoidable. The problem is analagous to balancing a steel 
ball in the center of a convex plate. 
SPACECRAFT 
CCMM
 
COMBINEDOCMIE 
r~~, ",,',T(.

CmC
PROPELLANT THRUST PROPELLANT
 
CM MASS ELEMENT
 
Figure 4-5. 	 Propellant Sloshing in Nonspinning 
Toroidal Tanks 
Another factor of concern is the relatively short separation, 
typical for the configurations being contemplated, between engine gimbal 
and vehicle center-of-mass locations. This means that relatively large 
transient thrust vector deflections are required to counteract perturba­
tions to restore equilibriun. 
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4. 3. Z Structural Concepts Alternatives 
Figure 4-6 illustrates some of the'-lternate structural design con­
cepts considered in the study. 
Figure 4 -6a shows a trusswork of eight upright main support 
struts and diagonal stabilizers. The four propellant tanks are supported 
between main strut pairs. The configuration is intended primarily for 
non-spinning spacecraft (Module ]B) with tanks located relatively close 
to the centerline. Tank pressurizationand expansion tends to cause a 
bending force on the main struts. Load paths for upper vehicle -support 
and tank support combine in the main struts. The structure is held 
together by relatively heavy rings that form the separation joints. 
Separation is effected by a large number of explosive bolts. 
Figure 4-6b shows a basket truss arrangement as main support 
structure. The main truss is outside of the propellant tank locations. 
The design is primarily for nonspinning applications because of tank 
placement constraints imposed by the outer truss. Uppc.r and lower 
support rings are provided to facilitate stacking of modules and stage 
separation. Again, as in the prededing case, a large number of ex­
plosive separation bolts is required. The diameters of the outer truss 
and ring'structures are relatively large, and structural weight-is­
comparatively heavy. Additional trusswork is required inside the 
basket truss to support the propellant and pressurant tanks and the 
center -mounted- engine. 
6Figure 4 - c sbows a reversal of the preceding structural concept 
with slanted -main support trusses partly inboard of the tank locations. 
Auxiliary trusses are used to support the outriggered tanks -individually. 
The concept is primarily intended for spinners. End support rings are of 
comparatively small diameter, compatible with the use of Vee-band 
separation joints, provided they are made strong enough to limit deforma­
tion due to discrete kick loads. This structure is relatively compact 
and weight-effective. Load path separation is similar to that of the 
hybrid structure (see Figure 4-3) in which the main support truss is 
replaced by a cylindrical shell but outriggered tank support trusses are 
retained. The shell structure provides a more efficient transfer of the 
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distributed loads from Pioneer spacecraft adapter rings above and into 
the second propulsion mnodule or the solid kick-stage support structure 
below. 
Other alternatives (not shown here) were considered that include 
shell structures for equatorial propellant tank support and truss struc­
hires holding a tank support pallet of four rings on which the tanks also 
are mounted equatorially. These concepts did not promise a weight­
effective structural design and presented difficulties as to effective 
isolation between warm and cold tanks against conductive heat transfer. 
Note that the truss configurations shown in Figure 4-6 all lend them­0 
selves to effective thermal separation of tanks. 
4.3. 3 Kick Stage Support Structure 
Several design alternatives for supporting the-solid kick motor 
were investigated. To prevent the heavy spacecraft/propulsion module 
combination from transferring structural loads into the kick stage motor 
case (with the design characteristics of the future SPM (1800) kick stage 
still quite undefined), a preferred design approach is one that isolates' 
the kick stage altogether from the principal load path between the payload/ 
propulsion module. combination and/the Shuttle/Tug. The kick stage is 
snspended by the structure that connects it to the payload/propulsion 
module stack. Separation is effected by a Vee-band separation joint. A 
cylindrical shell supports the payload/propulsion module combination 
and connects it 'to the Shuttle/Tug adapter truss. Care-is exercised to 
provide a sufficiently large fly-out angle (about 15 degrees is desirable) 
for the kick motor during separation from the Shuttle upper stage., 
.4.3.4 Summa-ry of Prefer-red Design Rationale 
Figure 4-7 summarizes the. steps involved in selecting the pre­
ferred design concept for propulsion Module A. The principal design 
alternatives are listed and the rationale for the selected design is 
briefly indicated at each step of the selection process. 
Figure 4-8 is a similar block diagram summarizing the selection 
rationale for propulsion Module B. 
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* 4.4 SELECTED DESIGN FOR MODULE A 
(SPIN-STABILIZED PAYLOAD) 
4.4.1 Configuration for Mercury Orbiter 
Figure 4-9 shows the selected propulsion module design for spin­
stabilized payloads (Module A), arranged in tandem configuration for the 
Mercury orbiter mission. The side view shows the stowed configuration 
in the Shuttle cargo bay, with the vehicle attached to a Centaur-class 
upper stage. A solid kick motor is not needed for this mission. The 
rear view is shown on the right. This version of Module A: is designed 
for space-storable propellants. 
The payload is a modified version of the Pioneer Venus orbiter, 
with the cylindrical solar array replaced by a conical array having a 
half angle of 30 degrees. This solar array configuration is comparable 
to that of the Helios (1974) spacecraft, designed for solar distances as 
close'as Mercury's perihelion (0.31 AU). 
In the cruise mode the vehicle's spin axis is oriented perpendicular 
to the plane of motion and, hence, the sun line. In this orientation the 
despun antenna can always be pointed at the earth with only small eleva­
tion angle- changes from the nominal 90-degree position. 
Departures from the cruise -attitude are necessary during the 
Mercury orbit insertion and other maneuvers and are permissible ts long 
as the side-sun orientation is maintained to assure continuous protection 
of the propulsion module by the deployed sun shade.. 
The propulsion module consists of four outriggered teardrop-shaped 
propellant tanks and four pressurant tanks, a central cylindrical support 
shell, and four-identical truss' structures that tie the propellant.tanks to 
the central cylinder. The 8 0 0 -lbf (3560-Newton) main engine is mounted 
inside the cylinder, enclosed by a radiation shield and supported by a 
3Z-degree thrust cone. The large 8 0 0-lbf engine is the one selected for 
the Mercury mission; a smaller engine is used in the outer-planets 
-orbiters. 
The support truss for each propellant tank is attached to the tank 
at two mounting bosses. The attach point locations on the tank sides are 
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3-inch (7. 6 cm) closed-cell foam layer is used to enclose the cold 
oxidizer and pressurant tanks to prevent frost from forming on these 
tanks prior to launch. 
All tanks are enclosed by secondary tank walls at about I -inch 
(2. 54 cm) interwall spacing. The outer container serves 
a) 	 As a safety measure against spillage of propellants 
(especially fluorine) into the Shuttle cargo bay, or at 
the launch site, in the event of a leak and 
b) -To provide additional shielding against meteoroid impact. 
This will be more fully discussed in Section 5. Neither the foam layer 
nor the secondary wall have an appreciable effect on the radiation 
characteristics of the cryogenic tank to cold space. 
Another safety provision (not shown in the design drawing) is the 
addition of propellant dump lines to permit rapid disposal of propellants 
either in the event of a leak while the vehicle is being carried by the 
Shuttle orbiter, or -in'preparation of a Shuttle abort due to other reasons. 
The teardrop s hape of the propellant tanks was adopted as a design 
feature that provides passive, bladder-free propellant acquisition. This 
saves weight and increases system reliability. As a result of centrifugal 
action the propellant is always located in a tank region that is adjaccnt to 
and includes the conical outlet, regardless of the state of propellant 
depletion, with or without ixial thrust (Figure 4-10). Thus, the teardrop 
tank design assures gas-free propellant acquisition in any mission phase. 
It also facilitates complete propellant drainage if required while on the 
launch stand. 
In addition, the, teardrop tank tends to reduce propellant sloshing 
.nd increases wobble damping in the fully deployed spacecraft 
configuration. 
4.4.3 Sun Shade Design and Operation 
The Mercury orbiter must always be oriented with its spin axis 
perpendicular to the sun line as required by the payload spacecraft 
design. The concept of a spin-deployed cylindrical sun shade for the 
propulsion module featured in the selected configuration of Module A is 
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The sun shade 	consists of a thin sheet ofillustrated in Figure 4-i. 
Beta cloth dispensed in window-shade fashion from four roll-up 
mandrels.. Initially, i. e.,,. in the stowed configuration, the shade is 
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SHADE 
Figure 4-i.i. Deployment.Sequence of Cylindrical Sini.Shade,. 
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tightly wrapped around the tandem-mounted two propulsion modules, 
supported by the roll-up mandrels and the propellant tanks. Deployment 
in radial direction takes place under centrifugal action as soon as the 
motor-driven roll-up mandrels begin to release the stowed sheet. When 
fully deployed the sheet assumes a nearly circular cylindrical configura­
tion, held in at four locations by the support arms and a web of lanyards, 
or cables, extending radially from the roll-up mandrels. This is shown 
in the design drawing (Figure 4-1Z) in side and end views. 
The deployed sun shade, in addition to shielding the propulsion 
module fully against solar illumination also provides at least partial 
protecion of the cold tanks against the infrared heat flux from Mercury 
during passes over the day side. Appreciable temperature increases of 
the LF 2 tanks due to unshielded residual heat flux can be avoided by 
appropriate choice of orbit orientation and closest approach distances 
in view of the very short exposure time during each Mercury dayside 
passage (see Section 6). 
The large deployed sun shade shown in the drawing with maximum 
dimensions'of 34 feet (10.4 in), is based on the thermal radiation require­
ment of the upper propulsion module's cold tanks. Since the cylindrical 
height. of the. shade is 95 inches (242 cm) to assure full side-sun protection 
the presence"of the shade accounts for a major part of the radiation field­
of-view blockage, hence the large diameter. Even this size allows only 
a Z5 to 30 percent viewing factor for the cold tanks, the lowest values 
consistent with thermal balance at the upper limit of the specified 
cryogenic temperature range (--2500 F) for liquid fluorine. 
A more attractive, smaller deployed diameter of about Z5 feet 
(,7. &in-) could probablytbe achieved by reducing the-propulsion 'module 
height, e.g., by shortening the engine assembly as will be discussed in 
Section 5. A shorter stack height reduces the height of the sun shade, 
which in turn permits shade diameter reduction in about the same pro­
portion. To improve the design this and other possibilities of size 
reduction will be further investigated below. 
The design drawing (Figure 5-12) also shovs the much smaller 
deployed sua shade appropriate for the earth-storable propellant version 
of Mddule A. The maximum diameter is only Zi. 6 feet (6.6 m) in this 
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case since thermal radiation blockage from the propellant tanks is of no 
concern. Sun shade deployment is simplified by eliminating the web of 
retention cables and two of the roll-up mandrels. The sheet is held by 
four radial supports, as in the case of the space-storable version of 
Module A, but two of these are fixed attachment booms in the earth­
storable system. 
In both the space-storable and earth-storable versions of Module A 
the sun shade must be retracted to the stowed position before executing 
main thrust maneuvers, since the deployed sheet would not be rigid 
enough to withstand the axial thrust acceleration, even at increased spin 
rate. Therefore high reliability of the repeated deployment and retrac­
tion sequences required with each main thrust application is absolutely 
essential for mission success. This is a potential weakness ofthe 
design. 
Low-thrust AV maneuvers and precession maneuvers can be exe­
cuted with the sun shade remaining in the deployed configuration. The 
precession maneuvers must be performed at a sufficiently slow rate to 
avoid excessive sun shade deformation, especially with the large diameter 
configuration used in the case of space-storable propellants. 
The dynamics of the sun shade deployment, stability and attitude 
-will be further discussed in Appendix G.control characteristics 
A promising design alternative in which heat pipes are used for 
thermal control of the cryogenic tanks was conceived toward the end of 
this study (see Section 6). With this design approach a much smaller 
sun shade diameter would be adequate for thermal protection of the 
module, and deployment and operation would become much simpler. 
Further study of this concept is recommended. 
4 4.4 Module A Configuration for Outer Planet Orbiters 
Figure 4-13 shows the outer-planet orbiter applicati6n of Module A 
with space-storable propellants. The payload is the Pioneer 10/i clasE 
outer-planets spacecraft. The Shuttle/tipper stage combination assumed 
the Centaur D-IS/SPMIS(80. ­here for a Saturn orbiter mission is 
SPM (1800) is the designation of a currently proposed new kick no.or 
with 1800 kg (3969 pounds) of solid propellant mass and motor case. 
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An inter stage adapter truss supports the kick motor and the flight' 
spacecraft on the 10-foot (3. 05-m) Centaur interface mounting ring.' A 
spin 	table is provided to spin up the kick motor and payload prior to 
separation from Centaur. The higher performance Space Tug/solid kick 
motor combination would be required for Uranus orbiter missions. The 
adapter truss design in that case is the same as for the Mercury orbiter, 
but 	with an added spin table. 
The propulsion module is structurally identical to the tandem 
version used for'the Mercury orbiter but requires the following modifi­
cation of components: 
0 
* 	 Replacement of the 800-lbf (3560-Newton) main engine by 
the smaller ZOO-lbf (890-Newton) unit, as necessitated by 
the lower structural load tolerance of deployed appendages 
(RTG support arms and magnetometer boom). 
* 	 Addition of a four-leaf sun shade extending beyond the 
high-gain antenna diameter, parallel to the X-Y plane, 
to protect the propellant tanks against solar heating. 
o 	 Omission of the sun shade and roll-up mandrels and two 
of four support arms. The two remaining support arms 
with their upper and lower mounting fixtures reversed 
are used to support two auxiliary thruster assemblies. 
* 	 The thruster assemblies (five thrusters on each arm: 
two fore/aft, two spin/despin and one radial thruster) 
are modified from the configuration used on the Mercury 
orbiter to conform with the modified support structure 
and 	to match the different center-of-mass locations. 
Spacecraft operation is constrained to avoid prolonged side-sun 
illumination of the propellant tanks at angles greater than 15 degrees 
from the Z axis, because of limited sun shade coverage. During some 
time intervals occurring twice in the early transfer phase the earth­
spacecraft-sun angle exceeds 15 degrees. As a compromise dictated 
by propellant-tank thermal control requirements, downlink communica­
tion via the high-gain antenna is interrupted during these periods but 
can be maintained either via the low-gain or medium-gain antennas 
since communication distance is still reasonably small. High bit rate 
telemetry is generally not required during these periods in any case. 
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Enlargement of the sun shades to cover a greater range of side­
sun angles and, thereby, to reduce the constraint on communications 
coverage, is hindered by Shuttle cargo bay size limitation. An 
extension of the sun shade by deployable skirts would be feasible if 
further study should establish a firm requirement. 
4.4.5 Mass Properties of Module A 
Tables 4-5 and 4-6 list mass-property characteristics of Module A 
for space-storable and earth-storable propulsion systems, respectively. 
The upper half of each table gives data for the tandem arrangement of 
propulsion modules in the Mercury orbit mission with the Pioneer Venus 
spacecraft as payload. The lower half gives corresponding data for the 
single stage application in outer planet orbit missions, with the Pioneer 
outer-planet spacecraft as payload.* 
Full propellant tanks were assumed in the outer-planet application, 
although actually because of limited earth launch-vehicle capabilities 
some of the propellant would probably be off-loaded or used during launch 
to augment injection energy. 
Mass properties of the payload vehicles assumed in the analysis 
are those specified by NASA at the beginning of the study. They do not 
necessarily represent the most up-to-date values for each vehicle. 
Weight and mass-distribution estimates for the propulsion modules are 
based on values derived from structural analysis (see Appendix C). 
Subsequent performance iterations of each vehicle (to be presented in 
Section 7) give some reduction of propulsion module inert and propel­
lant masses that are not reflected in Tables 4-5 and 4-6. 
The results, show that both the space-storable and earth-storable 
versions of Module A satisfy the principal spin-stability criteria in 
single stage and tandem stage arrangements, namely: 
a) 	 For short-term stability in the initial (stowed) configuration 
the moment-of-inertia ratios Iz/I and Iz/ly must both be 
.
either greater or smaller than i.0. 
Weight summaries of Modules A ana B will be presented separately,
 
see Section 4.9.
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Table 4-5. Module A -Space-Storable Propellant 'Configuration Mass-Properties Characteristics t 
Moment of Inertia Inertia Ratio 
(slug-ft)W(1 gCondition (in.)o) Ix Iy Iz IzI x Iz / y ZIz/IX+Iy(Spin) 
2 
- Inbound ConfigurationModule A 
At separation 4 stowed 4182 -26,1 2733 2743 2937 1.07 1.07 1.07
 
At 6epaiataon - deployed 418Z -26.1 2911 Z904 3265 1.iZ 1.12 1.12
 
At first module burnout - deployed 2836 -8.8 1629 1840 2056 1.Z6 I. IZ 1.19
 
At second module ignition - deployed 2490 -1.2 1305 1524 1945 1.49 1.Z8 1.38
 
At second module burnout - deployed 1144 18, 640 64Z 736 1.15 1.15 1.15
 
Separated spacecraft - deployed 3 750 39.0 175 168 265 1.51 1.58 1.55
 
Module A - Outbound Configuration 
At separation - stowd . 7050 -49.8 3051 3Z43 1478 0.48 0.46 0.47 
At solid stage burnout - stowed 3050 -14.1 1359 1550 1262 0.93 0.81 0.88
 
After solid stage jettison - stowed Z600 -4.0 903 1095 1199 1.33 1.09 1. 20
 
At liquid module ignition - deployed 2600 -4.0 1211 1560 1973 1.63 1.26 1.43
 
At liquid module burnout - deployed 1254 15.9 6Z4 807 1045 1.67 1. 29 1.46
 
Separated spacecraft- deployed 4 900 30.0 430 605 946 2.20 1.56 1.83
 
Notes: 
Ltongitudinal center of mass (Z) referenced from the spacecraft/propulsion module separation plane. Minus 
values are below the reference plane; positive values are above this plane.
 
ZTo miinimize large differences in the transverse inertias (I , I ), the fuel and oxidizer tanks in the first
 
module are rotated 90 degrees relative to the fuel and oxidzerytanks in the second module
 
Pioneer Venus configuration.
 
4 Pioneer 10/i modified for outer planet missions. 
3 
Table 4-6. Module A - Earth-Storable Propellant Configuration Mass-Property Characteristics 
Moment of Vnertia Inertia Ratio 
(slug-ft )Weight Z-1 Condition (ib) (in.) 	 y Iz Iz/1 x Iz/ I Y I XIy(Spin) 
Module A - Inbound Configuration2 
At separation - stowed 6900 31.4 4281 4290 5295 1.Z4 1.24 1.Z4
 
At separation - deployed 6900 3 1. 4 4383 4376 5478 .Z5 1.25 t. 25
 
At first module burnout - deployed 4350 13.2 2100 Z681 3188 1.52 1. 19 1.33
 
At second module ignition - deployed 3850 6.8 1679 2276 2977 1. 77 1.31 1.51
 
At second module burnout - deployed 1300 -14.2 642 651 687 1.07 1.06 1.06 
Separated spacecraft - deployed 3 750, -39.0 171 164 261 1.53 1.59 i.56 
Module A - Outbound Configuration 
At separation - stowed 8400 43.6 	 3913 4533 295Z 0.75 0.65 0.70 
186Z Z481 2736 1.47 1.10 1.Z64 At solid motor burnout - stowed 4400 1, 3 
After solid module jettison - stowed 3960 6.7 1424 2044 2675 1.88 1.31 1.54 
At liquid module ignition - deployed 3960 6.7 173Z Z510 3449 1.99 1.37 1,63 
At liquid module burnout - deployed 1410 -12.9 700 891 1159 1.66 1.30 1.46 
946 2.20 1.56 .1.83 Separated spacecraft - deployed 5 900 -30.0 430 605 
Notes: 
iLongitudinal center of mass (2')referenced from the spacecraft/propulsion module separation plane. Minus 
values arc below the reference plane; positive values are above the plane. 
2To minimize large differences in the transverse inertias (I , I ), the fuel and oxidizer tanks in the first module 
are rotated 90 degrees relative to the fuel and oxidizer tans 	iny the second module. 
*Asses 	 a spin-stabilized Pioneer Venus configuration 
from <. 0 to >i. 0 during solid burn.nrequire attitude control and dynamic analysis since inertia ratio goes 
Pioneer 10/ii modified for outer planet missions. 
b) For lonig-term stability in the deployed configuration these 
ratios must be greater than 1. 0 in all stages of propellant 
depletion. In general, the ratio should be at least i. I to 
provide a 10 percent margin for small distribution changes 
in flight and other uncertainties. 
To achieve these results several changes in propellant tank loca­
tion became necessary during the propellant module design iteration. 
The final configurations are those shown in the design drawings, 
Figures 479, 4-1Z, and 4-13. The tanks are placed as far from the spin 
axis as possible within the diameter constraints of the Shuttle cargo bay 
allowing space for a payload shroud (see Section 4. 8), and as high on the 
module in the Z direction as possible without interfering with payload 
vehicle design features.
 
To minimize differences in the transverse moments of inertia (I
x
 
I) due to the difference in oxidizer and fuel mass the two modules 
mounted in tandem for the Mercury mission must be rotated relative to 
each other so that the fuel tanks of the upper module are stacked above 
the oxidizer tanks of the lower module, and vice versa. Adverse 
thermal control .consequences due to the proximity of cryogenic and non­
cryogenic. propellant tanks in the space-storable case must be prevented 
by adding more thermal insulation to the fuel tank covers. With the 
nearly equal Ix and Iy values that can be achieved in this manner, dy­
namically unstable conditions during which one of the moment-of-inertia 
ratios (Iz/IX) is greater than i and the other one (Iz y) less than 1, or 
vice versa, can be circtumvented. 
Transition from the stowed to the deployed configuration- can 
generally not be accomplished without passing briefly through an unstable 
conditibn, with I I-I > i and-!I'I/I < i,or: vice versa. Transients 
z x z y 
occurring during the. transition phase, including the effects of the despin 
thrustmnaneuver and appendage deployment, and the destabilizing effects 
on mass distribution of non-rigid appendages require further analysis. 
Further mass distribution improvements are possible by reduction 
of the propulsion module height. This would permit reduction of lateral 
dimensions at least in a i:1 ratio. It would also reduce the total center­
of-mass shift along the Z.axis which amounts to almost 4 feet (I. 2 m) in 
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the tandem configuration assuming that the second propulsion module is
 
retained. Reduction of center-of-mass shift simplifies auxiliary thrust
 
requirements.
 
A shorter propulsion module height would also be desirable to 
reduce the inert mass (the reduction factor is about 5 pounds pen inch, 
or 0. 89 kg per ncmper module) and to decrease the size of the deployed 
sun shade. A principal factor in adopting the height of 45 inches (114.3 
cm) was the length of the 8 0 0 -lbf thruster assembly. A side-mounted 
engine valve assembly and a possible shortening of nozzle length (at 
some reduction of engine performance) are being contemplated as options 
for further design tradeoffs. " 
4.4. 6 Arrangement of Auxiliary Propulsion Thrusters 
In the selected design the auxiliary small thrusters required for
 
precession control, spin rate control and small AV maneuvers are re­
located from the payload spacecraft and placed on the propulsion
 
module, using tw6 support trusses attached on opposite sides of the
 
central cylinder, as illustrated schematically in Figure 4-14. Five
 
thrusters are mounted on each support arm:
 
5•2 
2 
1,2 PRECESSION CONTROL AND FOREWAFT AV CONTROL 
3,4 SPIN/D ESPIN AND REDUNDANT LATERAL AV CONTROL 
5 PULSED LATERAL AV CONTROL (CANTED FOR CM - SHIFT COMPENSATION) 
Figure 4-14. Schematic of Auxiliary Thrusters on Module A 
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a A pair of thrusters for precession control and fore-aft 
ANV maneuvers 
0 A pair of thrusters for spin/despin maneuvers, and 
e a - One radial thruster for lateral maneuvers, operating 
in the pulsed mode. 
Compared with the complement of six auxiliary thrusters on 
Pioneer 10/1i this configuration adds 
a) 	 Redundant spin/despin thrusters, necessitated by the 
greatly extended mission life and frequent spin rate 
changes
 
0 
b) Redundant radial thrusters for lateral AV maneuvers. 
Use 	of these thrusters or pairs of spin/despin control 
thrusters for lateral maneuvers obviates spacecraft 
reorientation from the nominal earth-pointing position, 
and thus permits uninterrupted downlink communication 
to earth. 
Placement of the auxiliary thrusters on the propulsion module 
rather than the payload spacecraft permits reduction or elimination of 
cross-coupling effects in the radial thrust mode caused by a large 
center-of-mass offset along the Z axis and thus simplifies the maneuver 
sequence. Performance penalties associated with cross-coupling com­
pensation, maneuver.s in the case of large center-of-mass offsets are also 
being avoided by this thruster relocation. 
The 	locations and thrust axes of the radial thrusters are selected 
such that their lines of force bracket the total range of center of-mass 
locations along the Z-axis. This is illustrated in Figure 4-15. The 
thrusters are controlled to operate with differential pulse lengths in 
accordance with the predicted mass--centex location so that the resultant. 
net thrust -force per spacecraft revolution always passes through the 
mass center and unwanted precession torques are cancelled. This tech­
nique is similar to one used in TRW's Pioneer Jupiter Orbiter/Probe 
spacecraft design (Reference 7) to meet the radial thrust'vector align­
ment problem associated with center-of-mass shifts due to propellant 
depletion and entry probe separation. In the present design the lateral 
thrust is generally not purely radial but is oriented at a cant angle that 
varies with the state of propellant depletion, as a function of time. 
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As shown in the design drawings for the Mercury and outer planet 
orbiter propulsion module configurations (Figures 4-9 and 4-13) the 
radial thrusters are canted to meet the thrust offset cancellation objec­
.tive. In the Mercury orbiter configuration the auxiliary thrusters are 
placed at the upper and lower ends of two of the sun shade deployment 
mandrels at opposite sides of the propulsion module. In the outer-planet 
orbiters, the thrusters are placed at the end of two support arms which 
are attached to 'the central cylinder. The support arms are identical to 
those used for the sun shade deployment mandrels, but with their upper 
and lower ends reversed. 
The auxiliary thrusters on the space-storable propulsion module 
use monopropellant hydrazine making use of the module's spare fuel 
tank capacity as explained in Section 5. These thrusters are of the 
i-lbf (4.45-Newton) type flown on Pioneer 10 and ii. The earth-storable 
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system uses the larger (2- to 5-lb, 8.9- to 2 2 .3-Newton) AJiO bipro­
pellant thrusters being currently developed by Aerojet under a USAF 
contract. (See also Table 4-4.) 
4.5 	 SELECTED DESIGN FOR MODULE B 
(THREE-AXIS STABILIZED SPACECRAFT) 
4. 5. 	1 Configuration for Mercury Orbiter 
Figure 4-16 shows the selected space-storable propulsion module 
design for three-axis stabilized payloads (Module B) arranged in tandem 
for the Mercury orbiter mission. The side view shows the stowed con­
figuration in the Shuttle cargo bay, attached to the projected Space Tug. 
A solid kick motor is not needed for this mission. The end view is 
shown on the right. 
The 	payload is the Mariner 10 Venus Mercury flyby spacecraft 
(MVM) which was launched in 1973 and performed three successful close 
Mercury encounters in 1974/75 separated by 176-day intervals. Like 
the Mercury orbiter, the MVM spacecraft is designed for closest solar­
approach distances of 0.31 AU, i.e., Mercury's perihelion. Several 
small design changes of the payload spacecraft had to be adopted to 
accommodate the propulsion module. Primarily, these changes are 
related to the spacecraft orientation mode which requires that the thrust 
vector and, hence, the spacecraft centerline (Z axis), be pointed per­
pendicular to the sun line. The frontal sun shade used by MVM is not 
compatible with the required thrust orientation during the Mercury orbit 
insertion maneuver and other major maneuvers; a side sun shade is 
used 	instead. As a consequence, the side-sun orientation is maintained 
in cruise as well as in the thrust phases. 
During the cruise phase the axis of the solar array (spacecraft Y 
axis) is normal to the plane of motion. The articulated high-gain antenna 
therefore has an unobstructed view of earth most of the:time. The-nomi­
nal cruise orientation is resumed after the orbit insertion r'aneuiver. 
Spacecraft, thrust vector, solar array and antenna pointing i-'quirene nts 
will 	be discussed in greater detail in Section 4.6. : 
' "The propulsion module configuration is quite similar tolthat o -
Module A, using a hybrid structu:e consisting of a centi cqylinder and. 
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lateral tank support trusses. Although lateral spreading of the propel­
lant tanks, required in Module A for proper mass distribution, is not a 
consideration in Module B, the. arrangement is nevertheless preferable 
for effective load transfer from vehicles placed above the propulsion 
module to those below, in addition to handling loads contributed by the 
propellant tanks that form part of the module. The multi-mission 
commonality requirement and the application of the module in single 
and tandem stage arrangements are additional factors to make this con­
figuration the preferred design. 
The choice of four spherical tanks was previously discussed as 
preferable to0make the tank diameters and, thus, the module height as 
small as possible. As in Module A, each propellant tank support truss 
is attached to the tank at two lateral mounting bosses for efficient 
tank-to-truss load transfer. The dimensions (length and tube wall 
thickness) of the struts assure effective isolation of the cryogenic LF 2 
tanks from the warm N 2 H 4 tanks. 
The main struts and diagonal stabilizers are attached to the re­
infotcement rings at the upper and lower ends of the support cylinder. 
These' rings distribute the discrete truss loads evenly into the cylindrical 
shell and across the separation jQints. 
The double -girnballec 800-lbf (3,560-Newton) main thrust engine' is 
mounted inside the central cylinder, enclosed by a radiation reflector 
and supported by a thrust cone of 45-degree half angle. The cone is 
attached to the support cylinder along a reinforcement ring half-way 
between the two separation rings that close off the cylinder at each end. 
The large 800-1bf engine is the one selected for the Mercury mission; 
a smaller one is used in the outer-planets orbiters. 
Vee-band separation joints are used to connect the tandem modules 
to each other and to the launch vehicle adapter truss as in the design 
adopted for Module A. 
4. 5. Z Propellant and Pressurant Tanks 
The same design as in Module A was adopted to attach the four 
helium pressurant bottles in pairs to the LF Z tanks and provide thermal 
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.Aecr 
coupling in the case of space-storable propellants. (In the earth-storable 
propulsion system design the four pressurant tanks are mounted indi­
vidually near the propellant tanks.) 
Fuel tank thermal insulation is provided by multilayer super-insu­
lation blankets. No insulation blankets are used on the cold oxidizer 
tanks to permit effective radiation to the outside of heat accruing from 
unavoidable sources and, thus, to maintain proper thermal balance at 
the specified cryogenic storage temperature. Again, as in Module A, 
the cold tanks and nearby propulsion system components are enclosed by 
a foam layer to prevent frost formation during ground hold. 
The tanks are enclosed by secondary walls (see Section 4.4. 2) as 
a safety measure and for added meteoroid impact protection. 
Propellant acquisition is effected passively through capillary 
devices in the N H 4 tank. This tank supplies auxiliary thrusters that 
are operated initially in the propellant settling mode, prior to the bipro­
pellant "engine ignition. This method is more reliable in long life 
missions than using positive expulsion bladders, and permits propellant 
acquisition for the LF tanks without capillary devices (screens, etc.) 
thereby avoiding potential materials compatibility problems (see also 
Section 5). 
4.5.3 	Sun Shade Design 
The sun shade shown in the design drawing (Figure 4-17) provides 
continuous protection of both the propulsion module and the payload space­
craft against side-sun exposure in the cruise and maneuver attitudes. 
Shaped in the manner of'a "keystone" with a narrower upper par.t, 
it leaves the solar panels unshaded provided the spacecraft Z-axis/' 
orientation remains nearly normal to the sun line. 
Prior to launch the hinged side sections- of the sun shade'are' 
stored by inward deflection to fit within the available cargo bay .envdlope. 
After launch the side sections ate spring-deployed outward, <bya 
70-degree rotation, to increase the cold space viewing factor of.the 
cold tanks (especially the tank of the upper propulsion mod-ale). and thus 
4-50
 
SOLAR PANEL 
NEAR EARTH 
NEAR MERCURY 1, 
T 
I 
+7' 
CABLE SUPPO)RTBOOMIj t -
\ 
_7 
BQOM,SUPPOI1.T 
CABLE 
. 
- • i 
z=o 
PLAN VIEW 
)OLDOUT AM 
(2EACH MODULE)
 
/ 	 (2EACH MODULE) 
MMH-TANK 
I~ 	 'I 
LOOKING 	 FWD. 
Figure 4-j 
'4 TANK 
MODULE) 
NK 
JMTANK 
CH MODULE) 
LOOKING FWD. 
Figure 4-17. Sun Shade Configura­
tion of Propulsion 
Module B for Mariner 
-U]T FIRAN Mercury Orbiter 
4-51 
to permit effective heat radiation from these tanks to maintain the speci­
fied cryogenic temperature. The sun shade uses Beta cloth, backed by 
Kapton and multilayer aluminized Mylar, which is stretched over the 
fixed and movable frames that support the sun shade. 
4.5.4 Other Heat Shields 
Several other heat shields are required to prevent exposure of the un­
insulated cold tanks to Ii. radiation, primarily from the solar panels and 
from the surface of Mercury during day-side passes. 
As shown in the design drawing, two conic-segment shields are 
provided for each LF tank to block heat radiation from the solar panels. 
These shields leave a sufficient cold space viewing factor to the tanks 
for outward heat radiation. 
In addition, a local heat shield is provided for the upper LF Z tank 
mounted on the side opposite the sun shade (spacecraft X-axis) to protect 
it against Mercury dayside heat flux. The lower tank needs no shielding 
since it is jettisoned along with the lower propulsion module before 
Mercury orbit insertion is completed. It will ' therefore not be exposed 
to the dayside IR radiation flux. 
The shields consist of tubular frames -over which flexible sheets of 
Beta cloth backed by an insulation blanket are stretched. Like the sun 
shade, the Mercury heat shield is supported by a lightweight truss 
attached to the central cylinder end rings. The side shields are directly 
attached to the cylinder walls. 
In the earth-storable version of the module these auxiliary heat 
shields can be safely omitted. 
4.5.5 Module B Configuration for Outer Planet Orbiters 
Figure 4-k'8 shows the outer planet orbiter application of Module B 
with space-storable propellants. The payload is a Mariner MJS class 
outer-planets spacecraft. The Shuttle upper stage combination required 
for these missions is the Space Tug/SPM (1800). 
The interstage adapter truss supports the kick motor and the flight 
spacecraft on the 14. 5-foot (4. 4Z-m) diameter Space Tug, payload 
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mounting flange. The adapter truss design is the same as for the 
Mercury orbiter where the solid kick stage was omitted. 
The propulsion module is structurally identical to the tandem 
version used in the Mercury mission except for these minor modifications: 
o 	 Replacement of the 800-lbf main engine by the smaller 
200-lbf unit, as necessitated by the low structural 
load tolerance of deployed appendages (RTG support arm, 
scientific platform support arm, and experiment booms) 
o 	 Omission of the large sun shade and other shields that are 
required only in the Mercury mission 
o 	 Addition'of small sun shades to protect the LF Z tanks 
individually against direct sun illumination at times when 
the sun is off the spacecraft Z axis and the tanks would 
no longer be shaded by the high-gain antenna dish. 
Spacecraft operation is constrained to -avoid Z-axis orientations 
at angles more than 15 degrees from the sun line in the plane containing 
the fluorine tanks. At some time intervals occurring twice during the 
early transfer phase, the earth-spacecraft-sun angle exceeds 15 degrees. 
As a compromise dictated by thermal control requirements, downlink 
communication via the high-gain antenna is not continued during these 
intervals,, but can be maintained via the low- or medium-gain antennas, 
since communication ranges are still reasonably small. High bit rate 
telemetry is generally not required during these periods, in any case. 
4.5.6 Mass Properties of Module B 
Tables- 4-7 and 4-8 list mass properties of Module B for space­
storable and earth-storable systems, respectively. The first part of 
each table gives data for the tandm arrangement of propulsiont modules 
in'the Mercury orbiter; the second part give-s corresponding data for 
the 	single-stage outer-planet orbit missions.* 
Assumptions made in the Module A mass properties analysis (si .. 
,Section 4.4.4) also apply in the Module B analysis. 
Weight summaries are presented separately in Section 4.t9"&:.." 
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Table 4-7. 	 Module B- Space-Storable Propellant Configuration 
Mass-Property Characteristics 
Moment of Inertia 
Weight Z-1 (slug-ft2 )Condition (lb) (in.) I 
x y z 
Module A - Inbound Configuration 
At separation - stowed 6600 -30.1 3269 3678 2858 
At separation - deployed 6600 -31.6 3090 3550 3250 
At first module burnout - deployed 4420 -13.8 1691 1920 2026 
At second inodule ignition - deployed 3928 - -7.5 1305 1521 1886 
At second module burnout - deployed 1748 11.3 549 572 673 
Separated spacecraft - deployed 1248 23.9 302 344 518 
Module B - Outbound Configuration 
At separation - stowed 8590 -47.5 3372 3049 2062 
At solid stage burnout - stowed 4590 -21.9 1753 1430 1849 
At liquid module ignition - deployed 4172 -8.0 3833 1453 4000 
At liquid module burnout - deployed 1992 7.8 3009 643 2778 
Separated spacecraft - deployed 1500 16.8 2816 452 2640 
Notes: 
ILongitudinal center of mass (Z) referenced from the spacecraft/propulsion module 
separation plane. Minus values are below the reference plane; positive values are 
above this plane.
2 Fuel and oxidizer tanks of both propulsion modules are oriented along the same 
transverse axes. 
Table 4-8. 	 Module B -Earth-Storable Propellant Configuration 
Mass-Property Characteristics 
Moment of InertiaWeight Z1 Condition (18) (in.) (slug-fIt) 
I I I 
2
 
Inbound Configuration
Module B -
At separation - stowed 11240 -36.1 5956 5947 6505 
At separation - deployed 11240 -37.0 5750 5791 6894 
At first module burnout - deployed 6926 -18.0 2541 3271 3973 
At second module ignition - deployed 6248 -12. 9 2001 2789 3706 
At second module burnout - deployed 1934 8.4 630 684 789 
Separated spacecraft - deployed 1248 23.9 302 344 519 
Module B - Outbound Configuration 
At separation - stowed 10950 -42.2 4809 3971 3899 
At solid motor burnout - stowed 6950 -22. i 2941 2103 3684 
After solid module jettison - stowed 6510 -19.0 2655 1817 3622 
At liquid module ignition - deployed 6510 -13.2 4882 2379 5835 
At liquid module burnout - deployed Z196 5.3 3111 744 2911 
Separated spacecraft - deployed 1500 16.8 2816 452 2640 
Notes: 
Longitudinal center of mass (Z) referenced from the spacecraft/propulsion module 
separation plane. 1/inus -values are below the reference plane; positive values 
are above this plane. 
ZFuel and oxidizer tanks in lower module are rotated 90 degrees relative to fuel 
and oxidizer tanks in the second module. 
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4.5.7 	 Arrangement and Use of Auxiliary
 
Prbpursion Thrusters--

In the selected design the small auxiliary propulsion thrusters re­
quired for attitude control and trajectory corrections are relocated from 
the payload spacecraft and placed on the propulsion module support arms 
attached to the fuel tanks on opposite sides of the propulsion module. 
With four clusters of four thrusters mounted on support arms on
 
opposite- sides of the propulsion module (see end view in the design
 
drawing, Figure 4-16) the total number is the same as in the original
 
Mariner spacecraft design. The thrusters are arringed to serve.par­
tially redundant functions in pitch, yaw, roll and AV maneuvers.
 
The radial thrusters used for lateral AV maneuvers have small 
cant angles such that their respective lines of force bracket the total 
center-of-mass shift due to propellant depletion and staging,. Thus, 
lateral 	thrust maneuvers can be performed with little or no effect on 
pitch or yaw control channels by appropriate combination of radial 
thruster pairs, i. e., by a-tetchnique similar to that devised for lateral 
•maneuvers in the case of IModule A (see Section 4.4. 5). 
The propulsion module alignment with the X and Y body axis of 
the payload spacecraft differs by 45 degrees in the -Mercury and outer 
planet orbiters. This is dictated by different tank location criteria in 
the "inbound" and "outbound" configurations. In the inbound configura­
tion the cold LF tanks are placed on the sunward and anti-sun side of 
the spacecraft for best thermal protection. A 45-degree change of, 
module alignment relative to payload spacecraft X and Y axes is neces­
sary in the outbound configuration to provide space for' the-RTG and 
experiment platform support arms in the stowed configuration. The 
auxiliary thrusters are arranged geometrically in a configuration that 
is compatible with the different propulsion module alignments in the two' 
mission classes. 
Note that the thruster assemblies are configured to avoid any ex­
haust plume impingement in both applications.
 
In the tandem arrangement of two propulsion modules used in the 
Mercury mission the auxiliary thrusters and their support structures are 
omitted from the lower module. 
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4.6 DEPLOYMENT AND OPERATING MODES 
Principal deployment and operating modes of propulsion Modules A 
and B in inbound and outbound missions will be discussed in this section 
to the extent required to show mission feasibility. Emphasis in the dis­
cussion will be placed on the space-storable propellant version of the 
propulsion modules. Reference to specific mission profile requirements 
and constraints is required especially for the Mercury orbiters, to 
explain deployment and operating modes adequately; this mission 
(subsection 4.6. 1 and 4.6.3) will therefore be covered in geater detail 
than the others. 
4.6. 1 Module A Inbound Mission 
The Mercury orbiter configuration differs from the •outer-planet 
orbiter primarily in using two propulsion modules in tandem and re­
quiring deployment (and occasional retraction) of the large cylindrical 
sun shade. 
Separation of the burned-out first propulsion module during Mercury 
orbit insertion is similar to the separation from the launch vehicle upper 
stage employing identical Vee-band separation devices. The lower­
module separation must be performed with minimum loss of time because 
of the critical influence of any delay on the insertion maneuver efficiency. 
With a nominal thrust level of 800 lbf the propellant mass penalty due to 
a delay in first module separation and second module thrust initiation 
is about 25 kg per minute. 
Deployment of the cylindrical sun shade by centrifugal action must 
be performed at earth departure, immediately after separation from the 
Shuttle. upper stage and completion of the spacecraft spin-up maneuver. 
With a nominal spin rate of 10 rpm desired in the cruise mode the pre­
deployment rate must be slightly higher (about i1. 2 rpm) to allow for the 
rate reduction caused by the sun-shade deployment, 
The sun shade must be retracted to the stowed c-ondition ptior to 
.all'main thrust maneuvers and redeployed after the maneuver Upon 
completion of Mercury orbit insertion, with only one propulsion nodule 
remaining, the shade no lo!nger requires deployrnert to the nyaxiIurn 
radius as previously discussed. This has the. advantage of reduced 
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shade deformation during precession maneivers and more effective 
protection of the LF2 tanks against Mercury day side thermal 
radiation. It also reduces solar pressure unbalance. 
During dayside passages withmaximurn heatflux, i.e., passages 
near the subsolar region of the planet, which occur seasonally about 
every 3 months, LF$ tank protection can be further improved by nearly 
complete sun shade retraction. Further analysis is required to deter­
mine whether these additional retraction and deployment sequences are 
actually necessary. 
The configuration selected for Module Ameets all orientation re­
quirements of the Mercury orbiter. mission with regard to 
o Thrust pointing for effective orbit insertion 
a Thrust pointing for secondary maneuvers 
o Thermal protection 
o High-gain antenna pointing 
o Scientific instrument pointing. 
The required orientation modes and sequences are described below.* 
Cruise Mode 
During the transfer and planetary orbit phases nominal spin axis 
orientation-is normal to the heliocentric plane of motion (Figure 4-19). 
This assures effective thermal protection by the sun shade and permits 
unobstructed earth pointing of the despun antenna dish within a sfihall 
range of elevation angles. Maximum positive or negative elevations 
(E13 degrees) occur when the spacecraft (and Mercury) is at inferior 
conjunction relative to earth and, at the same time, at maximum northern 
or southern heliocentric latitude. Owing to Mercury's orbital inclination 
these latitudes are ±7 degrees. The Pioneer Venus despun antenna is 
designed for elevation angles of ±20 degrees. The sun shade, even when 
fully deployed, gives the antenna an unobstructed downward view of 
about Z0 degrees. After orbit insertion, with the shade only partially 
deployed, this. increases to 30 degrees downward. 
rSee also Appendix G. 
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Off-nominal spacecraft orientations are acceptable provided that 
side-sun thermal protection and high-gain antenna coverage of earth are 
not lost as a result. Figure 4-Z0 illustrates the relevant three­
dimensional pointing requirements in spherical projection. The space­
craft spin axis, Z,, is. constrainedto be in the plane normal to the sun 
line, shown in the spherical diagram by the circle C . In the left dia­
gram the spin axis is in the nominal orientation, normal to the helio­
centric orbit (Ci) at point Z.. In this orientation the ±i3-degree zone of 
possible relative earth positions is fully covered by the ±Z0-degree high­
gain antenna deflection range. If the spin axis is tilted by an angle 6 
from the nominal orientation Z to position Z I as shown in the diagram0 
on-the-right,. the high-gain antenna provides coverage only as- long as 
earth's relative position is in a limited range of longitudes on both sides 
of the intersection of the two circles C and CZ formed by the sun line. 
This means that earth must be close to inferior or superior conjunction. 
The range of earth's longitudes and, therefore, the time interval during 
which the spacecraft may remain in the off-nominal attitude without 
losing high-gain antenna coverage, depends on the tilt angle 6 and on the 
earth's relative heliocentric latitude-north or south of the spacecraft's 
orbital-plane (circle Ci). For example, with a-45-degree tilt angle and 
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and Off-Nominal Cruise Orientation for Pioneer 
Mercury Orbiter 
earth close to 	C the range of relative longitudes for which earth cover­
age is provided by the -Z0-degree antenna elevation angle range amounts 
to ±28 degrees. With earth 10 degrees north or south of C I the range of 
longitudes reduces to ±17 degrees from the sun or anti-sun line. 
These factors are relevant for any spacecraft operations that re­
quire off-nominal orientation, e.g., for orbital maneuvers or scientific 
observations. 
Orbit Insertion Mode 
The orientation required for Mercury orbit insertion differs from 
the nominal cruise orientation. Thrust vector pointing options are 
related to the choice of approach trajectory for a given hyperbolic 
approach velocity V . Figure 4-21 shows a set of approach hyperbolas 
and periapsis locations for an approach velocity vector pointing slightly 
more than 90 degrees from the sun which is typical for the mission 
options being considered in this study (SPA > 90 degrees). The aim 
angle 8 AIM indicated in the B-plane, at left, determines the inclination 
of the approach orbit. 
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Figure 4-Zi. Mercury Appr.oach, Targeting Options 
Figure 4-22 illustrates the three-dimensional relations between 
approach-trajectory options, retro-thrust pointing options, and side-sun 
protection constraints, in terms of a spherical projection. -The space-' ­
craft is assumed to be at the center of the diagram. The sun line (-S), 
the projection of the ecliptic (E), the north ecliptic pole (NE), the 
approach velocity-vectox, (V_), s:evexal approa:ch trajectory traces,,. their 
aim angles ( 6AIMy -and periapsis locations are indicated on the sphere. 
(The projection shown covers mostly the anti-solar side of the space­
craft.) The side-sun protection constraint is indicated bf the circle C o 
normal to the sun line. The spin axis- Z (and the thrust vector In must 
be located on Co, and should also be in the plane of motion for most 
effective orbit insertion. 
Adapted from Reference 10. 
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Figure 4-ZZ. 	 Pioneer Mercury Orbiter Trajectory Traces 
and Orbit Insertion Geometry ' 
Since a fixed thrust orientation is adopted for the spinning space­
craft, as discussed in Section 3, the optimum orientatioh is tangential 
to the approach hyperbola at periapsis. In Figure 4-22 this is indicated 
by a locus of points 90 degrees from the respective periapsis locations 
of the trajectories associated with the given V vector. This locus, a 
small circle C4 arQund V, usually intersects the circle C and, -if so, 
defines two possible thrust orientations, (1) and (2), that satisfy both 
the thermal protection and optimurn fixed thrust pointing criteria. 
Orientations indicated by circle C 4 are actually those of the negative 
thrust vector, -T. These characteristics are representative of orbit 
injection conditions which would occur with a transfer trajectory launched 
on 19 June 1988. 
The selected mission opportunity (launch iZ March 1988, arrival 
26 March 1990) has encounter characteristics shown in Figure 4-Z3 that 
differ somewhat from the usual conditions described above. With the 
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Figure 4-23. 	 Encounter and Orbit Insertion Geometry for
 
Mercury Orbiter (Mission Option II)
 
orientation of V given by SLA = 104. 5 degrees and an optimum thrust 
vector locus (circle C4) of only 9-degree radius, the two loci-C 0 and 1 4 
db not-intersect in this case. The thrust vector must therefore- be offset 
from the optimum orientation by a small angle in order to comply with 
the side-sun protection constraint C . This rneans that the thrust is 0 
tangential at a point about 5 degrees beyond the periaisi oi'.th6 approach 
hyperbola as illustrated by the trajectory diagram at th-e lox.6r right in 
Figur6 4-23. The resulting maneuver performance penalt# is-abbut 
Z percent for space-storable, and 2. 5 percent for' earth-storanl& proM 
pellants for the systems"investigated. 
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If a polar orbit were chosen:, the performance penalty would be­
nearly 6 percent, since an appreciable out-of-plane thrust component 
is required to meet the side-sun protection constraint under these arrival 
conditions. 
The selected aim angle and thrust orientation identified in Fig­
ure 4-23 correspond to an orbit inclination of ZZ degrees, and a peri­
apsis located almost exactly above the anti-solar point. The apoapsis 
is located above the subsolar point. With this orientation of the apsidal 
line and the large distance at apoapsis (Z6,300 krn for e = 0. 8) thermal 
radiation from Mercury during dayside passage is of no consequence 
in the initial orbit phase. However, with the -rotation of the sun line 
relative to the line of apsides, thermal flux affecting the spacecraft 
during dayside passages changes seasonally and reaches a maximum 
within 44 days, i.e., after half a period of Mercury's orbital revolution, 
when the sun line orientation is reversed. Therefore, a major orbit 
change maneuver is required'in advance to prevent a build-up of unac­
ceptably large flux levels (see below). 
In the selected orbit insertion mode earth communication is dis­
rupted because of a) the occurrence of earth occultation -during part of 
the insertion maneuver, and b) the antenna gimbal angle limitation dis­
cussed previously in connection with Figure 4-Z0. At the arrival date 
earth is about 30 degrees west of the sun and close to the spacecraft's 
plane of motion. With the spacecraft in the thrust attitude, tilted nearly 
70 degrees from the nominal cruise orientation, earth elevation in 
spacecraft coordinates is -27 degrees, thus exceeding the gimbalcangle 
range of the despun antenna. 
It should be noted that even by selection of a polar orbit, to avoid 
earth occultation during the orbit entry phase, downlink communication 
cannot be maintained since earth elevation angles in the tilted spacecraft 
coordinates are -Z5 and -Z9 degrees for approaches over the north or 
south pole, respectively. 
Other Maneuver Modes 
Periapsis altitude must be increased by at least Z00 km to 
reduce the exposure to heat flux during dayside passages, requiring an 
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apogee maneuver of about 120 rn/sec. ror best efficiency the maneuver 
should be performed with a thrust orientation normal to the apsidal line, 
i.e., the same as the retro-thrust orientation at orbit insertion. Since 
the sun line orientation changes at a rate of 6.Z degrees per day it is 
necessary to perform the apogee maneuver soon after arrival to assure 
side-sun protection during the maneuver. With the lower, propulsion 
module jettisoned the sun shade (in the retracted configuration) permits 
sun angles of up to 20 degrees off the normal side-sun orientation without 
exposing the propellant tanks to direct illumination. Incidence of re­
flected sunlight limits the off-normal sun orientation to values of about 
±0 to 150degrees. This means that the apoapsis maneuver must be exe­
cuted within a few days after arrival to minimize performance penalties. 
Downlink communication via the high-gain antenna will again be 
disrupted during the apoapsis maneuver since earth elevation in space­
craft coordinates exceeds the gimbal range and changes at a rate of 
about -3 degrees per day. 
Other main thrust maneuvers of limited magnitude may be desired 
during the mission to vary orbital characteristics in accordance with 
scientific observation objectives, e..g. , to change sequences and timing 
of solar'corona observations oi entering, or exiting from-solar eclipse, 
The above discussion has shown the nature of the pointing constraints. 
that affect maneuver capabilities. 
The velocity matching maneuver required during the first Venus 
swingby (see Reference ii) involves a total velocity change of about 
ZZ0 m/sec in a direction 30 to 45 degrees from the sun line. In this 
instance the spacecraft can be safely reoriented to the desired maneuver 
attitude for-the shorttime interval involved., At-Venus' solar distance 
(0. 7Z AU) the rate of tank temperature increase does not exceed 1. 70C pe 
hour, even with direct solar illumination in the required maneuver 
orientation. 
Small orbit corrections in the vicinity of Mercury require thrust 
orientations that cannot be predicted. in order to retain the side-sun 
protection a combination of axial and radial thrust must generally be 
employed in these maneuvers to meet arbitrary orientation requirements. 
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.Expe inent Pbitting 
*Thr xxoninal cruise attitude is consistent with typical experiment 
pointing objectivesat Mercury, 'especially at the low orbit inclination 
selected*for the.fieference mission. Spin-scan observation of the plane­
tary suifac6 -is -most effective in this attitude. However, off-nominal
 
attitudes can"also be employed at times provided that earth coverage
 
can be maintained by the high-gain antenna (see Figure 4-20).
 
4.6. 2 Module A Outbound Missions 
No special deployment sequences are required for the propulsion 
module in the outer-planet orbiter application. However, as in the 
orbiter case, higher-than-nominal spin rate is required during 
main thrust phases to increase attitude stability and stiffen the deployed 
spacecraft appendages. Previous Pioneer orbiter studies have shown 
.spin rates of 10 to 15 rpm to be appropriate during thrust phases with 
equivalent thrust levels. ­
-Mercury 
In contrast with the Mercury orbiter application, the outer planet 
missions use a solid kick motor for interplanetary injection, spun up to 
60 rpm by a spin table on the launch vehicle interstage adapter. After 
separation from the burned-out solid motor and before deployment of 
Pioneer spacecraft appendages a departure velocity augmentation maneu­
ver is performed by the propulsion module using available excess-pro­
pellant capacity. After the maneuver the spin rate is reduced and 
spacecraft appendages are deployed to initiate the cruise phase. 
Cruise Mode 
Duringthe transfer and orbital mission phases the spacecraft 
maintains a nominal cruise orientation, with the spin axis pointing at 
earth to maintain continuous communication coverage via highrgain 
antenna. The only exception occurs during the early part of the transfer 
phase when earth pointing would cause side-sun exposure of the propel­
lant tanks. Thus,, during the first 60 days of transfer and again, during 
the interval between 100 and 230 days from launch, the spin axis orienta­
tion is restricted to an angle of 15 degrees from the sun line, and com­
munication coverage is provided by the low-gain or medium-gain 
antenna. 
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Orbit Insertion Mode at Saturn 
Orbit insertion at Safurn can be performed in the earth pointing 
mode by proper targeting of the approach trajectory, thereby minimizing 
performance losses due to non-tangential thrust. 
The approach trajectory and hence, the initial planetary orbit at 
Saturn are inclined 30.to 40 degrees relative to the planet's equator. 
This permits planetary exploration at intermediate latitudes and out­
of-plane observation, e.g. , polarization and opacity measurements, of 
.Saturn's rings. 
Apoapsis Maneuver at Saturn 
Because of the low periapsis distance selected for orbit insertion 
(Z. 5 Saturn radii), an apoapsis maneuver is required to increase this 
distance and, thereby, to avoid spacecraft exposure to excessive ring 
particle flux in the subsequent mission pha.se, after the inclined orbit 
is changed into a near-equatorial orbit. The apoapsis maneuver can be 
executed in the same (earth-pointing) mode as the orbit insertion maneu­
ver. The.nominal initial orbit dimensions of Z. 5 X 61. 6 Saturn radii 
(-RS) imply a LV expenditure of 206 m/-sec to raise the periapsis to 4 RS, 
or 33Z m/sec to raise it to 5 R. 
Orbit Plane Change at Saturn 
A major AV expenditure (600-900 m/sec) is required to perform 
the plane change to a near-equatorial orbit. This maneuver will also. be 
performed at or near apoapsis (the optimum location depends on several 
orbital parameters), and with a thrust orientation nearly normal to the 
initialorbit plane.. Communication coverage is not possible dLiring, this 
.maneuver phase, since the high'-gain antenna is-pointing nearly 90.de ­
grees from the earth line. 
Other Maneuver Modes 
Combination of axial and radial thrust by auxiliary propulsion 
thrusters permits small &V maneuvers in arbitrary directions while 
nominal cruise orientation is maintained. The combined thrust mode 
will be used during midcourse corrections and orbit trim maneuvers at 
Saturn. 
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Use of repreated swingby of the satellite Titan will permit orbital 
plane changes as well as apsidal rotations. Thus the particles and fields 
environment of the planet can be explored more effectively. Data 6f a 
concurrent study by JPL' show the utility of these encounters in a 
largely nonpropulsive mission sequence. An ample propellant supply 
carried by the propulsion module will add flexibility and corrective ­
maneuver capability to these encounters. Generally, se'veral AV ma ­
neuvers are required per encounter i). for approach.guidance, Z) for 
post-encounter corrections. All correctiors can be perforned in the­
cruise attitude. 
Uranus Mission Modes 
The cruise and thrust phase operating modes for the Uranus mis­
sion are comparable with those of the Saturn mission except for different 
orbital entry options at Uranus and the omission of'an--orbital plane 
change requirement. Also, because of the less known ephemeris of 
Uranus, approach guidance maneuver requirements will probably be 
larger than atSaturn. Close encounters with Uranus satellites will 
also be more difficult to accomplish. 
Figure 4-24 shows two orbit orientation options at Uranus-that 
offer different exploration opportunities of the unusual physica.l environ­
ment of the planet caused by the 97-degree polar axis tilt. The orbits 
shown in the diagram can be achieved by posigrade (I) or retrograde (II) 
orbital entry. Both are approximately in the ecliptic plane*. However, 
only one of these (orbitjI) permits orbit injection in the earth-pointing 
mode. A comparative assessment of the two options indicates the 
following: 
o Option I permits two distinct passes through the postulated 
'bow shock and magnetopause configuration in addition to 
the initial passage by the arrival hyperbola. 
o Option I is better for close observation of the 
of the planet. 
dayside 
Personal communication by Dr. Phil Roberts of JPL. 
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]Figure 4-24. 	 Two In-Plane Options of Uranus Orbits 
for Given V00-Orientation 
o -Option IIprovides less interesting passages because of
 
its nearly symmetrical orientation relative to the sun
 
line.
 
o 	 Option IIoffers the possibility of expanding the.orbit 
toward, close encounters with at-least Miranda at 
4..8 Uranus radii, perhaps even Ariel (7.1 RU). Sig­
nificant orbit modifications via satellite encounters are 
probably impractical in any case. 
4.6.3 Module 	B Inbound-Mission 
Deployment
 
After launch and separation from the Shuttle, upper stag? the .append­
ages-of the:.M-V-M payload space-craft and the movable. se.ctions- of the side.-, 
sun shield are deployed. The appendages remain deployed during main 
thrust application -with guy wires providing support to the 'weakest struc­
tures (solar panels and magnetometer boom). 
St aging of the 	lower propulsion module during th Mercutj orbit 
insertion phase is accomplished routinely. Howeveri'zco.avoid a per­
formance penalty the time elapsing between first stage b'rnout and­
second stage ignition must be held to a minimum. 
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As in the MVMmission the solar panels are rotated for thermal 
protection from the initial orientation normal to the sun (at i AU) to a 
maximum deflection angle of 75 degrees on closest solar approach. Re­
arrangement of the solar panel rotation joints from the MVM configura­
tion provides the same range of rotation in the Mercury orbiter, shifted 
by 90 degrees to accommodate the nominal side-sun orientation of the 
spacecraft. The supporting guy wires are attached on the back of the 
solar panel to avoid solar cell shading and mechanical interference. 
The, guy wires are deployed 'rom a common reel held by-a support mast 
on top of the spacecraft. 
Cruise Mode 
In the noninal cruise orientation used in the transfer phase and 
Mercury orbit phase the spacecraft Z-axis is normal to the sun line. The 
axis of the solar array (X-axis) is normal to the heliocentric plane of 
motion. With the long dimension of the side-sun .shield extending in Z­
axis direction this orientation provides a more unobstructed high-gain 
antenna view to earth than the cruise orientation used in the MVM mis­
sion where the Z axis was pointed normal to the plane of motion. In 
principle, both orientations are acceptable in the Mercury orbiter mis ­
sion.- The final choice depends on the preferred orientation of the stellar 
reference sensor. A disadvantage of north-south orienfation of the solar 
panels is the potential stray light interference with Canopus or Vega 
tracking by the star sensor. 
Mercury Orbit Insertion Mode 
C 
The Mercury arrival geometry discussed in Section 4.6. i permits 
two 	orbit insertion alternatives for the non-spinning spacecraft: 
a) 	 Insertion into a low inclination orbit with the same thrust 
pointing mode as the spinning Pioneer orbiter 
b) 	 Insertion into a polar orbit approaching either over the north 
or south-pole (with aim angles 6 AIM = -90 or +90 degrees). 
The first mode requires a fixed thrust with 5-degree offset from 
the optimal orientation with a small performance loss, as discussed in 
connection with -Figure 4-Z3. 
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The second mode permits the use of a nearly optimal variable
 
thrust pointing program suitable for onboard storage and execution by
 
the Mariner attitude control system. As a general rule, avoidance of
 
" 	performance losses in Mariner missions is even more important than in 
Pioneer missions because of the large payload weight difference of the 
two spacecraft families and the sensitivity of propellant requirements 
and, hence, propulsion module sizing to such losses. Consequently, 
insertion into a polar .or near-polar orbit is to be preferred if this is 
consistent with thermal control requirements. 
As discussed in Section 4.6. 1 (Figures 4-21 and 4-23) the approach
'3 
velocity vector V of the selected reference trajectory is oriented 
104.-5 degrees from the sun line., The declination of V is ZZ degrees. 
Orbit insertion into a polar or near-polar orbit requires a deviation of 
the Z axis from the exact side-sun orientation by a iZ-degree rotation 
about the X axis in order to avoid a performance loss due to non-coplanar 
thrust. This i.Z-degree offset can be accepted without adverse thermal 
effects, since with the selected propulsion module configuration the 
fluorine tanks remain shielded against direct sun illumination, while only 
a small section of'the upper fuel tanks is exposed. 
Compared with-the low-irnclination orbit adopted for the Pioneer 
orbiter, the polar orbit adopted for Mariner permits better coverage of 
surface features and environmental phenomena by the scientific instru­
ments, especially magnetosphetic phenomena at high latitudes. 
The two arrival options, north or south polar, result in the Mercury 
orbits illustrated in Figure 4-25. The northern appioach places the peri­
apsis near the north pole,(77 degrees north latitude), the southern ap­
proach place-s:itat.61 degrees- south latitude. Bothoxbits are, oftequal. 
value scientifically, and are subject to nearly the same thermal flux at 
the time of subsolar passa'ge, about Z0 days after arrival. 
Earth-occultation is avoided during orbit insertion and begins only 
one week after arrival at.Mercury. 
4-71
 
APSIDAL LINE (2) APSIDAL
~LINE (1) 
SOPTION I 
.22 
OPTION2 
Figure 4-25. 	 Two Arrival and Orbit Orientation 
Options for Mariner Mercury Orbite3 
Apoapsis Maneuver 
An increase from the initially selected 500-km periapsis altitude 
is necessary to alleviate the thermal flux from Mercury during subsolar 
passages that occur about Z0 days after arrival and subsequently at 
40- to 60-day intervals. With periapsis locations near the north or 
south pole (see Figure 4-Z5) the spacecraft altitude at subsolar passage 
would be at least 1500 to 2000 km even if no periapsis-raising maneuver 
was performed. Thus, maneuver requirements tend to be smaller (at 
least initially) than for the low-inclination orbit selected in the case of 
Pioneer. A periapsis altitude increase of about 1000 km, requiring a 
60 m/sec velocity increment at apoapsis is considered adequate in the 
Mariner case. The maneuver should be performed immediiately after 
arrival to avoid out-of-plane thrust losses due to sun-line rotation and 
maneuver attitude constraints if the maneuver was delayed, as explained 
in the Pioneer 	orbiter case.
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Actually, changes in periapsis altitude due to solar gravity per­
turbation affect the apoapsis maneuver requirement and must be taken 
into account. Based on results from the Martin Marietta study 
(Reference jO) shown in Figure 4-Z6, the north-polar approach option 
=6AIM[ 270 degrees) results in an orbit in which periapsis altitude in­
creases at an average rate of about 9 km per day; the south-polar option 
(0 AIM = 90 degrees) produces a periapsis altitude decline of about 5 km 
per day. The latter case requires a larger apoapsis maneuver not only 
to avoid excessive dayside heat fluxes, but also to prevent surface im­
pact. Repeated periapsis raising maneuvers at intervals of 44 or 88 days 
may be preferred to retain the initially established orbit characteristics, 
e. g., for effective in-situ exploration of geophysical (hermiophysical) 
phenomena close to the planet. 
Figure 4-Z6 also shows that for the low-inclination orbit 
(0AIM = 0 degree) that was selected for the Pioneer orbiter the evolu­
tion of periapsis altitude has no appreciable effect on apoapsis maneuver 
requirements. 
Antenna Pointing 
Earth view by the high-gain antenna is restricted-in the -Z direc­
tion by the propellant tanks and the Mercury heat shield, and in the -Y 
direction by the upper extension of the sun shield. The unobstructed field 
of view to earth in the Y-Z plane is shown in Figure 4-16. Spacecraft 
reorientation by a iSO-degree rotation around the sun line places the 
antenna in a position where about 120 degrees of additional heliocentric 
longitude is opened for earth viewing. This spacecraft reorientation 
must be performed twice per earth-Mercury synodic period, i.e., at 
intervals of 58 days on the average, ta per.mit nearly uninterrupted 
communications coverage by the high-gain antenna. 
A residual iiO-degree angular range in the Y-Z plane remains 
inaccessible for earth viewing when earth and Mercury are near superior 
conjunction due to field-of-view obstruction by the sun shade. Fig­
ure 4-27 shows earth maximum and minimum obscuration times as 
function of obscuration angle, corresponding to spacecraft locations at 
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Figure 4-Z7. 	 Com0munication Gap in Vicinity of Earth-Mercury 
Superior Conjunction 
Mercury aphelion and perihelion, respectively. These times range
 
between 5 and 16 days for an obscuration angle of 10 degrees. 
Note that some of this communication gap is due to inability to 
receive useful radio signals within ±h3 degrees of the center of sun's disk 
because of corona effects. A wider range of earth -spacecraft -sun angles 
perhaps as large as ±il0 degrees is excluded to avoid focusing sun rays 
on the antenna feed, depending on design details. It can therefore be 
concluded that a significant communication gap is to be expected, not 
necessarily related to propulsion module accommodation and viewing 
geometry constraints. 
4.6.4 Module B Outbound MViss-ions 
Deployment 
The flight spacecraft is injected into the -interplanetary trajectory 
by the solid kick motor SPM (1800) under the control of thle-,pi2yload. 
spacecraft's attitude control subsysteml. T11i5 mnethod-, altrad r adopted 
for the MiJS i977 .spacecraft, saves wveight and cost .foriredundanL 
guidance and control subsystem components but requires.-iricorporation 
of an additional control mode into the system s attit"Ide-eont)rol coluunputer. 
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After separation from the solid kick motor the flight spacecraft' 
remains in the stowed configuration to perform a departure energy aug­
mentation maneuver. Subsequently, the hinged RTG and experiment 
platform support arms and the ,experiment booms are deployed, and the 
vehicle assumes the cruise orientation. 
Cruise Mode 
In this mode the spacecraft is oriented with the Z axis (and hence, 
,the 	fixed high-gain antenna-diih) pointing -atearth, and the X- 'and Y axes 
in a roll attitude corresponding to star sensor alignment with respect to 
Canopus as reference star. 
The spacecraft maintains this attitude throughout the mission 
(transfer and planetary orbit phases) except for interruption by main 
thrust maneuvers; by roll maneuvers required for planetary observation; 
and 	during the early part of.the transfer - pha'se when 'side-sun illumination 
of the propellant tanks is to be 'avoided t(see discussion of 'Module A out­
-bound mission cruise mode in-Section 4..6.2). 
Orbit-Insertion Mode 
In principle, the spacecraft can perform orbit insertion at Saturn
 
and Uranus in the earth-pointing mode, thereby retaining uninterrupted
 
communications coverage before and during the maneuver, similar to
 
the Pioneer outer-planet orbiter (Reference 6).
 
If desired for more effective orbit insertion or mission flexibility, 
e.g.', for an orbital mission profile not consistent with earth pointing
0 
during orbit insertion (see Figure 4-24, Uranus orbit option 11), the 
maneuver can be performed in any other attitude. For this it uses pitch 
and roll gyros to control departure from and return to the nominal cruise 
attitude, and to hold the commanded off-earth orientation during the 
maneuver phase.
 
Other Maneuver Modes
 
Major maneuvers using the propulsion modlile main engine include: 
o 	 An apoapsis maneuver at Saturn to raise periapsis alti­
tude prior to orbital plane change. (Titan swingby 
maneuvers can be used to assist in orbit modifications.) 
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o A plane change maneuver at Saturn to convert the initial 
inclined orbit into a nearly equatorial orbit 
e Maneuvers associated with satellite encounters 
possibly also at-Uranus. 
at Saturn, 
Reorientation from the cruise attitude is generally required except in the 
case of the periapsis raising maneuver at Saturn. 
Small maneuvers for midcourse corrections, approach guidance 
and orbit trim can generally be performed through combined use of 
axial and lateral auxiliary thrusters, thereby avoiding repeated reorienta­
tion and loss of communications coverage. 
4. 	6. 5 Dynamics and Attitude Control of Module B 
- Dynamic characteristics and attitude control requirements of the 
three-axis stabilized system were analyzed to identify operating modes 
peculiar to the combination of payload vehicle and propulsion module(s), 
,and to determine propellant mass allocations. The results presented 
in 	this section include: 
O Limit-cycle characteristics 
o Compensation of solar pressure unbalance 
o Propellant mass. settling and balancing 
" Thrust vector gimbailing requirements. 
Limit-Cycle Operation 
In the long-life missions considered here the propellant mass 
,required for sustained limit-cycle operation exceeds other attitude-con­
trol propellant requirements, namely. 14 those for spacecraft alignment 
with the changing earthor sun~line and 2) those for orienting the space­
craftto and from a desired main-thrust maneuver attitude. 
The propellant weight for pulsed attitude control thruster opera­
tion to maintain spacecraft orientation within a specified limit cycle 
deadband ±@LC is given by 
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F t Z A 
AtlviSF
PLC. 
= LCspi

1 
for each axis of control, -denoted by the subscript i, where 
F= thrust force (each thruster) 
t.- pd!se duration 
I = moment arm of thruster pair
 
tM = mission duration (in seconds)
 
I - = specific impulse for pulsed thrust
 
sp 
J.1 = moment of inertia around X, Y, Z axis, respectively. 
Equation (1) applies to a symmetrical limit cycle with no external 
perturbing torque. The number of cycles is given by 
Ft Ai LC. F ( 
4 m ? M (2)J7-
LC LC t 
where eLC is the rate of change of B between pulses. Each limit cycle 
includes two thrust applications. 
Table 4-9 lists representative propellant expenditures and the 
number of limit cycles for typical Saturn and Uranus orbiters using 
either earth-storable or space-storable propellants, based on the fol­
lowing system characteristics, with hydrazine assumed as propellant: 
F =.0.Z lbf (0.91 N) 
t = 0.03 seconds 
A = 12.8 ft (3.9 m) 
LC = 0. 25 deg for fine pointing limit-cycle rotations0. 75 deg for coarse pointing around X, Y axes 
(during cruise) 
= 0. 50 deg for fine pointing rotation around 
= i. 0 deg for coarse pointing Z axis 
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Table 4-9. 	 Limit-Cycle Characteristics of Mariner/Module B 
in Typical Saturn and Uranus Orbit Missions 
Propulsion Number of Limit Cycles Total Limit-Cycle 
Mission . System per Axis (X j03) Propellant 
Type X Y z kg (ibm) 
Saturn Earth-storable 51 160 Z9 Z3.8 (52. 4) 
Orbiter 
Space-storable 66 Z09 37 30.0 (66.2) 
Uranus Earth-storable 56 i5 33 23.9 (5Z.6) 
Orbiter 
- Space-storable 80 213 
 45 3Z.3 	(71.2)
 
Assurptions: 	 a Saturn orbiter: 5-year transfer, 3-year orbit 
a Uranus orbiter: 8-year transfer, Z-year orbit 
Limit cycle deadband: 
Coarse pointing X, Y axis 0.75 deg Z axis 1.0 deg 
Fine pointing 0. 25deg 0.5 deg 
o 	 Coarse pointing during cruise and 90 percent of orbit phase 
Fine pointing during 10 percent of orbit phase 
o 	 Minimurn impulse bit: 0.2 lbf thrust X 0.03 sec = 0. 006 lb-sec 
(0.027 N-sec) 
o 	 -Monopropellant hydrazine thrusters operate at i10 sec specific 
impulse in 30 millisec pulse mode. 
I 1i0 sec (for 0.03 sec pulse length)
 
sp
 
Jx."Jy, %zas 	defined in Table 5-9. 
For the Saturn mission a 5-year transfer time and 3-year orbital 
life is assumed; for the Uranus mission a transfer time of 8 years and 
orbital life of 2 years. Fine pointing is used during 10 percent of the 
orbital mission phase. Propellant expenditures range from 24 to 3Z kg 
(5Z to 71 lbm). The number of limit cycles around the axis with the 
lowest moment of inertia (Y axis) is 209, 000 and Z13, 000 for the two 
mis,sions, res.pectively. 
To limit the propellant expenditures and the number of-pulses, a 
low thrust force and pulse duration was assumed. As noted in equa­
tion (1) the propellant mass increases with the square of the impulse 
bit, F • tlF. Thus if both the thrust force and pulse duration were in­
creased by 50 percent, with the impulse bit increasing from 0. 006 lb sec 
(0.'0Z7 N sec) to 0. 0135 lb sec (0. 061 N sec), the propellant expenditure 
would increase by a factor of 5 and thus become prohibitively large. 
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Compensation of Solar-Pies sure. Unbalance Torque 
In the Mercury orbiter mission, limit-cycle oscillations around 
the axis of the solar array (X axis) are affected by the strong solar 
pressure unbalance torque due to the offset of the sun shade center-of­
pressure from the mass center. The limit cycles are no longer sym­
metrical and require only one pulse per cycle, i.e., equation (I) does 
not apply in this case. The propellant consumption is given'by 
W, sP&-tM 	 (3)PsP I 
P~p xpP
where 
MSP = Adiff " S • Zoffset = solar-pressure unbalance torque 
= moment arm of thruster pair 
Adiff = differential area of sun shade and .solar -array-varying 
with solar array rotation off the sun line 
zoffset = 	varying center-of-pressure offset from center of mass, 
due to propellant depletion and staging 
2 
S = solar pressure = Sio/r, with 
- 7 7S o = 0.92 X io lb/ft2 (2.18 X 10 - N/m2 ) at i AU. 
The propulsion module design data give average solar-pressure unbalance 
torques of 0.32 X i - 4 ft-lb during the transfer and 1.413 X H - 4 ft-lb 
during the orbital phase (0.44 X 10 - 4 and 1. 96 x 10 - 4 m-N) for the space 
storable system; 9.41 x i0 4 and 1.-71 X 1 0- 4 ft-lb (0.57 X 10 - 4 and 
4Z.37 x 10 - m-N) for the earth-storable system, respectively. Table 
4-10 lists the propellant consumption for symmetrical limit cycles 
around the Y and Z axes, and for solar pressure unbalance compensation 
around the X axis for a Mercury orbiter with Z-year transit time and., 
2-year orbital life, assuming that fine pointing is required during 
20 percent of-the orbital life. Solar pressure compensation accounts 
for up to 50 percent of the total expenditure. 
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Table 4-10. Limit Cycle and Solar Pressure Compensation
Propellant (in kg and lbm) for Mariner/ 
Module B Mercury Orbit Mission 
Propulsion Transit Phase Orbit Phase
 
System Solar Pressure SymTetrical Solar Pressure Symmetrical otal
 
Type Compensation Limit Cycles Compensation Limit Cycles Propellant 
(X Axis) (Y, Z Axes) (X Axis) (Y. Z Axes) 
Earth-storable 1.37 0.91 5.70 9. 25 17. 23 
(3.0) 	 (2.0) (12. 6) (20.4) (38.0) 
Space-storable 1.08 1.95 3.96 13.79 20.78 
(2.4) 	 (4.3) (8.7) (30.4) (45.8) 
Assumptions: 0 Z years in transit, Z years in orbit 
o Thrust force 0.2 lbf (0.91 N), pulse duration 0.03 sec 
o Specific impulse 110 sec for 0.03 see thrust duration 
o 	 Limit cycle deadband (Y, Z axes): coarse pointing 1.0 deg (during cruise and 
80 percent of orbit phase) 
fine pointing 	 0.5 deg (during 20 percent 
of orbit phase) 
Propellant Mass Settling and Equalization 
A short period of low-thrust operation by the auxiliary (forward
 
thrusting) axial thrusters is required to assure propellant settling prior
 
to initiation of main axial thrust. This is necessary because
 
a) 	 Initially the propellant mass may not be located over the 
drain vent, e. g., as a result of previous low thrust 
maneuvers in opposite direction 
b) 	 There may be a major initial mass unbalance between the 
twd oxidizer or the two fuel tanks. This can be corrected 
by the propellant settling maneuver. 
Even with the propellant mass located on the tank side opposite the
 
drain vent, capillary ducts ("galleries") in the N2I- tank are sufficient
 
4.
 
to initiate auxiliary thrust operation by the monopropellant thrusters.
 
In the fluorine tanks the use of capillary ducts is avoided because of
 
potential material corrosion problems in long life missions. "'Thus .the.
 
propellant settling mode is mandatory in the' space-Storable.application
 
but also desirable in the earth-storable application.for reasons stated
 
under b) above.
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Thrust Vector Gimballing 
Thrust vector misalignment torques around the X and Y axes are 
nulled through activation of the two main-engine gimbals. With four 
propellant tanks adopted for Module B the largest gimbal deflections are 
required to compensate for unbalance of the propellant masses in 
opposite tanks. Conceivably an extreme condition could occur due to 
a slow propellant shift from one to the other tank, assuming the tanks 
are partially empty. Normally, the manifold lines between the tanks 
are closed off during main-thrust dormancy periods., However, they 
are interconnected in preparation for a main thrust maneuver. These 
conditions can be minimized by a propellant settling and equalization 
maneuver as discussed in the preceding paragraph. 
Figure 4-28 illustrates the thrust vector offset angle required to
 
control propellant mass unbalance. The angle is defined by
 
=tan- i p 

c G T 
where 
X = tank distance from centerlinep 
.6 = height of mass center of entire spacecraft above tank location 
G= height of gimbal axis above tank location 
M = differential propellant mass between left and right tank
 
P (unbalance.mass)
 
MT = total spacecraft mass. 
Under extreme conditions a major propellant mass unbalance is possible 
during cruise and orbit phases such that the required offset angle a 
could increase to values greater than 20 degrees. Practical upper gn­
bal angle limits are 8 to 10 degrees. 
Table 4-1i lists representative values of maximum mass unbal­
ances Mp that are within the correction capability of a gimbal angle 
max
of 8 degrees. These values change during the transit and orbit phases 
as a result of the changing total spacecraft mass MT and center-of-mass 
location £T due to propellant depletion and staging. The table also shows 
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Figure 4-28. Thrust Vector Gimbal Deflection with 
Propellant Unbalance 
Table 4-11. 	Maximum Permissible Propellant Mass Unbalance 
'Controllable by 8-Degree Thrust Gimbal Deflection 
Proelan Maximurn 
Mission and- Mission Propellant Mass Permissible 
Propellant Type Phase Oxidizer Fuel Unbalance 
Mass 
Mercury Orbiter 
Earth-storable Transfer 614 364 4Z5 
propellants Orbit Z7.2 18.1 83.0 
Space -storable Transfer 292 Z03 Z94 
propellants Orbit Z7.2 i8.1 83.9 
Outer Planet Orbiter 
"
 364 96.'6Earth-storable Transfer 614 
propellants Orbit 163 109 1402 
Space-storable Transfer 29z Z03 90.2 
propellants Orbit 109 72.6 t04Z 
t Each tank 
2 Propellant mass unbalance can exceed controllability limit: 
requirespropellant equalization before main thrust initiation 
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the propellanf mass contained in one okidizer and one fuel tank, to indi­
cate'the potentii. fbr unacceptable mass unbalance conditions. It is 
lapp renc thatproppllant equalization prior to thrust initiation is neces­
sary 	undet.thes6 donditions. 
Any rsidual mass unbalance is quickly reduced to zero after 
thrust initiation .'with excess propellant flowing from the more fully to 
the less fully loaded tank achieving hydrostatic equilibrium. 
4.7 	 PAYLOAD.SPACECRAFT MODIFICATIONS 
AND INTERFACE REQUIREMENTS 
Accommodation of the propulsion module(s) affects the payload 
spacecraft and requires configuration changes and subsystem modifica­
tions to various degrees depending on the specific mission to be per­
formed. One of the ground rules followed in selecting the propulsion 
module design was to hold the impact on the payload spacecraft to a 
modest level. 
In the foregoing sections,most of the required modifications of the 
payload spacecraft and interface requirements were discussed in the 
context of structural design, operational modes, attitude control, thermal 
interfaces, influence on communication performance, and power require­
ments. In the following paragraphs specific modifications and interface 
requirements for Pioneer class and Mariner class payloads and those 
affecting payload spacecraft in general will be summarized. 
4. 7. 1 Spacecraft Modifications of Pioneer Class Spacecraft 
Pioneer Inbound Mission 
The required changes are primarily those imposed by the use of 
the large spin-deployed sun shade, i. e. , influence on spacecraft dynamics 
and attitude control, and by the greater proximity to the sun in a Mercury 
orbiter mission than that for which the payload spacecraft was originally 
designed. The last requirement necessitates a change from the cylindri­
cal to a conical configuration of the Pioneer Venus solar panels. In 
principle, the nominal craise orientation and the communication mode 
of the despun, articulated high-gain antenna are retained in the new 
mission application. 
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The following specific changes in the payload vehicle are required 
in addition: 
6 	 Relocate thermal louvers to top of payload spacecraft 
o 	 Provide payload instrument insulation against spacecraft 
heat 
o 	 Eliminate auxiliary propulsion tanks, thrusters, etc. , 
and place on propulsion module. 
Pioneer Outbound Missions 
The 	basic orientation and operation modes of the Pioneer outer 
planet spacecraft are preserved. However, the fundamentally different 
mass properties resulting from the addition of the propulsion module 
place the center-of-mass significantly below the deployment plane of the 
Pioneer spacecraft appendages, This necessitates the addition of a 
deployment counterweight to the magnetometer boom. A simultaneous 
boom deployment sequence is required. 
Strengthening of the deployed appendages which cannot be retracted 
for high thrust operation becomes necessary and is accomplished 
partly by structural reinforcement and partly by, spin rate increase. 
(The spinrate increase is alsQ required: for increased attitude stability 
in the presence of unavoidable small torques due to thrust 'Vector offsets 
from the center of mass.) 
Thermal control design changes are necessary because of radiation 
blockage due to addition of the propulsion module. A detailed analysis 
of thermal balance will be required to determine whether the originally 
aft-facing louvers should be relocated on the side walls of the central 
equipmen t mod ule. 
The 	following specific changes in, the payload vehicle are required: 
* 	 Relocate bottom-mounted payload instruments 
o 	 Remove auxiliary propulsion system apd place on module 
e 	 Strengthen RTG and magnetometer booms to withstand 
1/6 g maximum acceleration and magnetometer boom to 
accept larger deployment load 
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o 	 Add deployment counterweight to magnetometer boom 
a 	 Provide spin-up logic to 15 rpm for thrust phases 
o 	 Relocate low-gain antenna and boom (possibly to aft struc­
ture of propulsion module if not jettisoned) 
o 	 Avoid side-sun conditions early in transfer phase by using 
low-gain/medium gain communication capabilities 
o 	 Possibly lengthen magnetometer-boorn because of stronger 
spacecraft magnetic field. 
4. 7. 2 Modifications of Mariner Class Spacecraft 
Mariner Inbound Mission 
The 	payload spacecraft was originally designed to operate with its 
centerline pointing atthe sun, using a frontal sun shade to protect all 
spacecraft elements but the solar array and the high-gain antenna. The 
Mariner Mercury orbiter, constrained to side-gun orientation by the 
dynamics of the orbit entry maneuver at Mercury, must use a side­
mounted sun shade. This shade rather than the frontal sun shade is also 
used to protect the spacecraft during the cruise phase. 
The solar array must be reoriented in accordance with the side-sun 
- attitude requirement. Side-sun orientation of the spacecraft is compatibl, 
with earth coverage by the articulated high-gain antenna. A deployment 
arm. extension is required to provide for better earth viewing past the 
propulsion modules and the side-sun shade. 
For 	structural stiffening of the deployed solar panels against axial 
acceleration two guy wires are used, held by a support mast at the top 
of the experiment platform. The mast also supports th-eployed mag­
-netometer boom by a separate guy wire. 
The 	following specific changes in the payload vehicle are required: 
* 	 Remove front sun shade and replace by side shade 
o 	 Relocate solar panel support structure 
* 	 Extend solar array rotation capability to conform with 
stowage and side-sun facing requirements 
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O 	 Add guy wire supports and center mast to support solar 
panels against 0. 48 g thrast acceleration 
o 	 Extend high-gain antenna boom deployment arm as re­
quired to give unobscured view to earth at all times 
o 	 Relocate magnetometer boom to clear side sun shade 
* Remove auxiliary propulsion system and place on module. 
Mariner Outbound Missions 
The 	basic orientation and operation modes of the Mariner outer­
planet spacecraft are preserved. The maximum thrust acceleration of 
only 0. 1 g is small enough to be tolerated by the deployed RTG and ex­
periment support booms which therefore need no structural strengthening. 
Experiment booms such as the 40-foot (12., 2-m) magnetometer boom may 
require structural reinforcement or must be retracted during main thrust 
applications. 
The following specific changes in the payload vehicle are required: 
o Relocate low-gain antenna and boom (possibly to aft 
structure of propulsion module if not jettisoned) 
o 	 Strengthen magnetometer boom and possibly lengthen it 
because of stronge.r spacecraft and propulsion module 
magnetic fields 
-	 Avoid side-sun conditions early in transfer phase 
o 	 Remove auxiliary propalsion system and place on propul­
sion module. 
4. 7.3 Design and Configuration Changes 
Affecting All Payloads 
In addition to the specific changes discussed in the two preceding 
subsections, the following design and configuration changes are-required 
on all payload spacecraft: 
Add data handling and telemetry capabilitY for propulsion" 
system engineering data 
Add command capabilities for propulsion moduLe opera­
tion including automatic sequences as requir'c-c 
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O 	 Add electrical interfaces, modify electrical distribution 
and add propalsion module control electronics 
O 	 Add thermal control design features, especially in Pioneer 
Mercury orbiter (designed only for 0. 7 AU solar approach 
distance) ; modify thermal control louver layout, etc. 
* 	 Add micrometeoroid protection as required by mission 
profile 
o 	 Modify payload instrument support features as required 
by propulsion module attachment 
o 	 Increase power capacity to meet heating requirements of 
propulsion module; provide for increased pulsed loads of 
added pyrotechnics and solenoids or servo-driven valves. 
Modify overall power budget as required. 
* 	 Change attitude control electronics to reflect new mass 
properties and large mass property changes, including 
staging effects. 
4.8 	ACCOMMODATION ON SHUTTLE ORBITER 
Launch of Pioneer and Mariner class interplanetary spacecraft by 
the Shuttle orbiter and its upper stages imposes payload accommodation 
and interface requirements that are outside the scope of the present 
study. This study only addressed specific technical problems involved' 
in accommodating the propulsion modules as part of the payload. Con­
current studies by Jet Propulsion Laboratory (Reference 5) have 
covered accommodation of Mariner class vehicles in greater depth. 
Of particular concern are handling, loading, integration and general 
safeguarding of propulsion modules containing large amounts of habzardous 
propellants, especially fluorine. Safety of the Shuttle orbiter must not be 
compromised by this propellant load. The problem area was the subject 
of a concurrent separate TRW study sponsored by JPL (Reference 8). 
Results obtained in that study are reflected in the conclusions presented 
here. 
4.8. 	1 Conformance with Cargo Bay Dimensions 
Approximately half of the length of the cargo bay is used by the 
Shuttle upper stage which may be of the Centaur or Transtage class or, 
for higher performance requirements, the projected Space Tug. 
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Figure 4-29 shows typical stowage arrangements for Pioneer class 
Mercury and outer planet orbiters in the Shuttle cargo bay, assuming a 
Centaur D-IS upper stage. The deployment mechanism at the aft end of 
the cargo bay includes a trunnion on which the upper stage pallet 
can be rotated to the erect position, 45 degrees from the Shuttle center­
line. It uses some of the available cargo bay length. Figure 4-30 shows 
the upper stage rotating 45 degrees from the stowed to the deployed con­
figuration. The next step in the launch sequence, separation of the 
upper stage/payload vehicle stack from the cargo bay with the aid of the 
Shuttle manipulator armis not shown in the figure. 
The configuration drawings (Figures 4-9, -i3, -16, and -18) 
showed that the cargo bay provides ample space for the stowed payload 
vehicle because of reasonably short modules and interstage adapters. 
Table 4-iZ lists the total length of each payload stack above the interstage 
adapter for the Pioneer and Mariner class vehicles both for inbound and 
outbound missions and the remaining unused cargo bay length. 
4.8.2 	 Structural Interfaces 
An important consideration in selecting the propulsion module con­
figuration was to minimize bending loads by keeping the .overhanging 
payload vehicle stalck reasonably short. Structural analysis presented 
in Appendix C indicates that loads on the support structure, even for the 
heaviest gross payload weight considered, are not so large as to require 
a lateral support against the hull of the Shuttle, or an extended support 
pallet. This 4implifies installation of the payload vehicle on the Shuttle 
orbiter and avoids attachment provisions on the side of the propulsion 
module. -
Table 4-13 summarizes pertinent structural load characteristics 
during Shuttle launch, based on the acceleration load profile presented 
in Table 4-3. Structural analysis (Appendix C) showed that ascent loads 
are critical for central support cylinder and tank support truss design. 
The high forward-pointing accelerations that would occur during emer­
gency landing are critical for the design of the separation rings and 
Vee-bands. These loads are alleviated by the fact that prior to abort 
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Figure 4-30. Deployment Procedure of Shuttle Upper Stage with Pioneer Orbiter 
Table 4-iZ. 	 Height of Total Payload Stack and Unused Cargo 
Bay Length for Three Mission Classes 
Propulsion Shuttle Upper Stage Payload Stack Total Height Unused Cargo 
Mission Module Assumed Elements ( I  of Payload Stack z Bay Length3 
'Type 
in (ft) in (ft) 
Mercury orbiter A Centaur D-IS P n+ z PM 6. Z3 (20. 42) 2.01 (6.58)
 
B Space Tug Min + 2 PM 6.58 (21. 58) 0.79 (2. 58)
 
Outer planet orbiter A Centaur D-iS/SPM P + I PM + SPM 6.05 (19.83) 2.16 (7.08)

out 
B Space Tug/SPM Mou t + I PM + SPM 4.93 (16.17) Z. 46 (8.08) 
Comet missions A Centaur D-iS/SPM Pout + I PM + SPM 6.05 (19. 83) 2.16 (7.08) 
Low AV-range B Space Tug/SPM Mou t + I PM +SPM 4.93 (16.17) 2.46 (8.08) 
High AV-range A Centaur D-IS/SPM Pout + 2 PM + SPM 7.45 (24.4Z) 1.02 (3.33) 
B Space Tug/SPM Mout + PM + SPM 6.07 (19.9Z) 1.3Z (4.33) 
ILegend: P.n' rout' inM out - Pioneer, Mariner, inbound, outbound 
2 Payload stack height measured from launch vehicle interstage adapter separation plane 
3 Data based on projected location of payload mounting flange of Centaur D-IS (Shuttle Station 946.18) and Space Tug 
(Station 935.99) 
all propellants will be dumped overboard for safety reasons. The gross 
mass of the propulsion module(s) is thus reduced by up to several 
thousand kilograms. 
Table 4-13. Structural Load Characteristics During Shuttle Launch' 
ModuleStructural Elements and Loads Module A B 
- SS ES -SS ES 
t. Central Support Cylinder 
Critical load condition . 
PEQ (Ibf) 100, 600 64, 400 168, 500 103,800 
M.S. on buckling 0.21 0.05 0.17- 0.17 
Z. Main Tank Support Struts 
Critical load condition " G®53 
Compression (psi) 61, 830 64,400 66,300 52, 300 
M.S. on compression 0.91 0.05 0.80 1.06 
3; Separation System (Vee-band) 
- Critical load condition 0, ®.0 0.0 
- Required preload on band (lbf) 9,860 5, 220 10, 200 8,300 
M.S. (preload) 0. Z6 1.39 0. zz 0.50 
Preload plus tension (Tbf) 14, 790 7,830 15,300 12,450 
M. S. (tension) 0.35 1.55 0.30 0.60 
Notes: Loading conditions a~e identified in Appendix C (see also Table 4-3).Q crash (axial loads), (D crash (lateral loads), acting in combination,
® landing, @ boost, @ liftoff. 
Stiffness critical design for support struts, Item 2, results in high margin of 
safetA on compression 
All loads are derived for Modules A ahd B in tandem 
Propellant masses are those from first designiteration, Table 4-1­
(conservative estimnates) 
For detail and nomenclature, see Appendix C 
4. 8.3 Shuttle Safety Implications 
Results of the concurrent study by TRW of safet.y inplcatibns of 
launching payload spacecraft with liquid fluorine propulsion'EvsiL.rn 
have been reflected in the design concept. Of particular inu4rest ir'e the 
following: 
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o All handling and loading procedures must be conducted 
with the caution appropriate for handling hazardous pro­
pellants in large quantities 
a Thermal protection of the cryogenic tanks is required 
during ground hold to avoid excessive temperature in­
crease and overpressure 
a Remote warning provisions must be available to alert 
ground handling and Shuttle crews of the occurrence of 
a leak, especially of fluorine 
a Double-walled tanks 
the event of a leak 
are used for propellant retention in 
a 	 Provisions for safe dumping of propellants (especially 
liquid fluorine) must be available on the launch stand to 
prevent hazardous exposure of crews and equipment in 
the event of a leak 
a 	 Rapid disposal of propellants during the ascent and orbital 
phases must be possible in emergencies using available 
exhaust ports on the Shuttle hull. 
Propellant dumping becomes necessary during the ascent or orbital 
phases either due to unsafe conditions on the propulsion module or as 
part of the abort preparation for other reasons. The oxidizer and fuel 
will be disposed of sequentially to preclude a hypergolic reaction. The 
corrosive oxidizers NZO 4 or LF2 dissipate rapidly on exhaustion from 
the dump line and thus do not pose a hazard to the Shuttle orbiter or any 
equipment carried by it. 
Further discussion of safety implications and disposal of propel­
lants will be presented in Appendix B. 
4. 8.4 Shuttle/Propulsion Module Interface Provisions 
Figure 4-31 schematically illustrates interface provisions required 
to accommodate the propulsion module(s) on the Shuttle orbiter. It 
shows a coolant line for liquid nitrogen, to be used during ground hold 
for maintaining the cryogenic temperature on the LF2 tanks; dump lines 
which separately connect to the oxidizer and fuel tanks; an electrical 
umbilical connector for power supply and control of the propulsion module 
prior to separation from the launch vehicle; and the structural interfaces 
at the launch vehicle adapter. 
4-94 
TANDEM 	 LN 2 COOLANT SUPPLY 
PAYLOAD SHROUD PROP MODULES 
-ELECTRICAL UMBILICAL 
-- 2K TUG2 
PAYLOAD
 
SPACECRAFT s -

TO PROPELLANT 
DUMP LINE 
SHUTTLE PAYLOAD BAY ENVELOPE \ATTACH FITTING AND
 
SEPARATION DEVICES
 
U
 
Figure 4-31. 	 Shuttle Interfaces Schematic Considered in 
Propulsion Module Design 
The JPL study (Reference 5) indicates a requirement for a payload 
shroud, primarily to protect against contamination and acoustic vibra­
tions during the launch phase. Two options were explored by JPL (see 
Figure 4-3Z and 4-33): 
a) 	 A disposable shroud removed from the Shuttle bay with the 
payload spacecraft and jettisoned prior to upper stage ignition 
b) 	 A reusable shroud remaining in the Shuttle cargo bay; extri­
cation of the payload vehicle from the shroud by way of open 
clamshell doors. 
Tradeoffs required in selecting shroud configurations involve 
weight, complexity, and cost. Study of shroud designs was outside the 
scope of this study. As seen on the design drawings, sufficient lateral 
space was allowed to install a shroud between the Shuttle bay and the 
payload vehicle. 
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4.9 PROPULSION MODULE WEIGHT SUMMARY 
Weight estimates for propulsion Modules A and B for space­
storable and earth-storable propulsion systems are listed in Table 4-14. 
These estimates reflect the results of structural analysis (Appendix C) 
and include the updated results from the performance iteration (see 
Section 3. Z-). The total weights are in reasonably close agreement with 
inert weights used in the last step of the performance iteration. 
Weight estimates for sun shades and support vary between 33 and 
60 lbm for the four propulsion module designs. The weight of ACS 
thruster assemblies (10 for Module A, 16 for Module B) is included in 
the propulsion subsystem. The comparatively low unused propellant 
weight (i percent) is explained by the absence of expulsion bladders and 
the avoidance of surface tension devices in Module A (teardrop tanks) 
and in the oxidizer tanks of Module B. The weight estimates are con­
servative, allowing a 10 percent margin for structural weight uncer­
tainty and 6 percent for overall weight contingencies. 
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Table 4-14. Multi-Mission Propulsion Module Weight Summary in kg (ibm) 
Component Earth -Storable 
Module Ak 
Space -Storable Earth-Storable 
Module B3 
J Space -Storable 
Structure 
Primary 
Secondary 
Uncertainty (10%) 
77 
60 
10 
7 
(170) 
(13Z) 
(ZZ) 
(16) 
59 
47 
6 
5 
(130) 
(104) 
(14) 
(1Z) 
91 
73 
10 
9 
(200) 
(160) 
(21) 
(19) 
68 
54 
7 
6 
(150) 
(120) 
(16) 
(14) 
Propulsion Subsystem 
Propellant tanks ( 1 )  
lHelnm tanks + helium 
Engine 
Ginbal system , 
Propellant control system 
Lines and fittings 
Heaters and IUIU's 
ACS thruster assemblies 
89 
39 
20 
12 
5 
5 
1 
7 
(197) 
(87) 
(44) 
(26) 
(12) 
(10) 
(2) 
(16) 
74 
29 
1i 
16 
-
5 
5 
1 
7 
(163) 
(65) 
(24) 
(35) 
-
(1 Z) 
(10) 
(L) 
(16) 
118 
52 
23 
12 
10 
5 
5 
1 
10 
(260) 
(115) 
(51) 
(26) 
(22) 
(12,) 
(10) 
(2)
(22) 
100 
39 
15 
16 
10 
5 
5 
1 
10 
(ZZ0) 
(85) 
(33) 
(35) 
,(ZZ) 
(IZ) 
(10) 
() 
(22) 
Thermal Insulation 
Sun shade and Support 
Contingency (6 percent) 
3) 
' . 
5 
18 
IL 
(10) 
(39)' 
(Z5) 
5 
27 
10 
(12) 
(60) 
(ZZ) 
4 
15 
14 
(8) 
(33) 
(30) 
4 
15 
14 
(8) 
(33) 
(25) 
Paropulsion Module Weight (dry) 
Usable Propellant 
Unused Propellant 
Th&l hert W eght" 
200 
894 
9 
09 
(441) 
(1971) 
(20) 
(461) 
176 
551 
5 
181 
(387) 
(1215) 
(12) 
(399) 
241 
i272 
13 
154 
(531) 
(2804) 
(28) 
(551 
198 
781 
8 
205 
(436) 
(172Z) 
(17) 
(453) 
.T'otal Module We 0 ht (Wict) 1103 (24iz) 732 (1614) 15Z5 (3363) 986 (2175) 
•(1, 0 d o-o420 erchAbt'fot 'secondary tank wall 
*(2)*vo'{tsts slated are Per Mercury orbiters. Outer-planet orbiters require about iz kg less for this item. 
(3),e'l pipe would 'dadto about 10 kg weight reduction in Module A (space-storable) 
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5. 	1 DESIGN APPROACH, SYSTEM CONSIDERATIONS, 
AND TRADEOFFS 
The propulsion system design approach followed in- this study first 
established parametric characteristics for use in performance calcula­
tions, then defined preliminary configurations based on currently avail­
able technology or -projected technology advances, and then finalized the 
four designs (i.e., for two payload classes each with two propellant 
combinations). Conservative design techniques were used to the extent 
possible. Study constraints specified by NASA are listed in Table 5-i. 
Table 5-i. 	 Specified Propulsion Module Characteristics 
and Design Constraints 
A. Propellants shall be F21INH 4 (fluorine/hydrazine) and N2 0 4 /MMH(nitrogen tetroxide/monometh lhydrazie). 
B. 	 The mixture ratio shall be nominally 1. 5 for F IN 1H and I. 65 
for N 2O4 /MMH. Variation about these nominaP vaues shall be 
made in order to-achieve equal volumes of oxidizer and fuel tanks, 
taking into account the densities, residuals, and ullages for 
propellants. 
C. The thrust level of Module A shall be no greater than that which 
vill result in a final acceleration of 0.4 earth g for the smallest 
payload, 340 kg, (750 lb ). 
The thrust level of Module B shall be determined from considera­
tions of the effects of acceleration on the payload vehicle and on 
the penalties incurred due to finite thrust during capture at 
Mercury.
 
D. 	 The specific impulse shall in each case be assessed on the basis
 
of thrust level, chamber pressure, expansion ratio, nozzle
 
cooling requirements, and other factors that affect overall
 
performance.
 
E. 	 Propellant tanks shall be-nonvented and be designed with a burst
 
safety factor of Z.
 
F. 	 Pressurization systems for oxidizer and-fuel shall be separate and 
be designed to match the requirements peculiar to the propellant 
served. The pressurants shall be high-pressure helium unless 
it can be demonstrated that circumstances dictate another choice. 
G. 	 The selection of materials for propellant tanks shall be based upon 
long-life compatibility of propellant and material, stage per­
formance, and cost. 
H. 	 Each multi-mission module shall have multiple restart capability 
to accommodate midcourse maneuvers, povered swingbys, planet 
orbital injection, orbital plane changes, and possibly orbital trim 
maneuvers. 
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Principal design and operations requirements include: 
* 	 Long storage in transit and between thrust operations 
up to i0 years storage in transit (References i, 2) 
o 	 Long-life reliability 
o 	 Space Shuttle safety 
O 	 Severe thermal environment on the Mercury mission 
a 	 Numerous physical and thermal radiation interfaces 
with the payload spacecraft, the Shuttle orbiter-and 
its upper stages. 
For the earth-storable (N 2O4 IMMH) propellant combination, the 
entire- design of the propulsion system was based on flight-proven tech­
nology. The design concept reflects TRW's experience with such earth­
storable propulsion systems as the Multi-Mission Bipropellant Propul­
sion System (MMBPS) and was influenced by JPL's Mariner and Viking 
propulsion system designs which use comparable technology. 
For space-storable propulsion systems, the design approach draws 
on the propulsion system previously studied by TRW under JPL contract 
NAS7-750, "Space-Storable Propellant Module Thermal Technology," 
(Reference 4) and on recent LFZIN2H4 propulsion system developments 
by JPL. The design approach in this case cannot be based on flight­
proven technology (at least not for fluorine). However, the design con­
cepts formulated are consistent with ground test experience gained on 
technology programs for rockets and other systems using LF 2 . 
Design of thd four stages was accomplished by: 
o 	 Selection of preliminary specific impulse and-mass 
scaling characteristics 
a 	 Calculation of required propulsion system size 
* 	 Establishment of module-(stage) configuration consistent 
with acceptable mass balance and flight stability criteria 
o 	 Layout of major propulsion elements, i.e. , tankage and 
engine 
o 	 Definition of propulsion component characteristics 
o 	 Definition of actual propulsion component sizes. 
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The design progressed from tankage and pressurization considera­
tions to engine considerations and engine design. As technology decisions 
were made, the basis for system parameter optimization was established. 
Key system parameter selections were engine thrust, chamber pressure, 
and nozzle area ratio. 
5. 2 SYSTEM DESCRIPTION 
Key propulsion parameters are listed in Table 5-Z. Schematic 
diagrams of the earth-storable and space-storable propulsion systems 
are shown in Figure 5-I. These schematics reflect a) the experience 
described above, b) concurrent work by TRW on JPL contract 954034 
"Study of Safety Implications for Shuttle Launched Spacecraft Using 
Fluorinated Oxidizers," (Reference 8) and c) results of the present study. 
The LFZ/N 2 H4 schematic is derived from that in contract NAS7-750 
(Reference 4) which served as a state-ol-the-art relerence and point of 
departure. The technology of N2 O4 /MMH and LFZ/N 2 H4 propulsion 
systems is summarized in Tables 5-3 and 5-4. Materials considerations 
are listed in Table 5-5..* 
The propulsion systems consist ot separate fuel and oxidizer pres­
surization, tankage, and engine subsystems. 
The helium pressurization subsystem consist of tanks, isolation 
valves, till valves, filters, regulator valves, an optional heat exchanger, 
check valves, and servicing valves. 
The helium pressurization bottles are connected thermally to 
corresponding propellant tanks. A single, separable joint upstream ot 
the tank isolation valve allows pressurization system disconnection. 
The tank (or propellant containment) assembly consists of the pro­
pellant tanks, an emergency relief valve with double redundant burst 
-discs, isolation valves at the tank outlet and at the pressurization inlet 
ports, and remotely operated fill and dump valves. 
Engine assemblies consist of two propellant filters, two orifices 
for adjusting mixture ratio; two engine control valves; and a thrust 
chamber assembly consisting of an injector, a combustion chamber and 
,see also the technology review in 	 Appendix A
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Table 5-Z. Key Propulsion Parameters 
Module A 
Parameter N2 0 4 /MMH F 2 /N 2 4 
Thrust N (Ib 1 ) 
Selected thrust 
Outer planets orbiters 
Mercury orbiter 
900 
3600 
(200)1 
( 800)2 
900 (ZOO) 1 
3600 (800) 
Mass kg (Ibm) 
Module propellant, usable 894 (1966) 551 (1212) 
Module inerts g09 (460) 175 (385) 
Payload spacecraft mass, inbound/outbound 340/408 (750/900) 340/408 (750/900) 
Throw mass, inbound/outbound 549/617.(1208/1357) 515/898 (1133/1975) 
Total initial mass 2547 (5603) 1792 (394Z) 
t Selection based on acceleration limit (rounded down) 
2Selection based on upper size limit (800 ibf in all cases) 
Module B
 
N20 4 /MMH F/N2 4
 
900 (200) 900 (Z00) Z
 
3600 (800)2 3600 (800) 2
 
i27Z (2798) 781 (1718) 
247 (543) 198 (435) 
550/680 (1213/1500) 550/680 (1213/1500)
 
797/927 (17531Z040) 748/878 (1646193Z)
 
3588 (7894) Z508 (5518) 
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B. F/N 2H4 SYSTEM SCHEMATIC 
Figure 5-1. N z0 4/MMH System 
Schematic 
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Table 5-3. Sunmary of N20 4 /MMH Propulsion Technology 
Component Area Existing Technology(e. g., Mariner Mars '71) Other Available Technology Selected Technology 
Propellant containment 
material kPa (psi) 
Heat treated 6 AI-4V titanium 
= 1,120,000 - 1,225, 000 
('60, 000 - 175,000), SF B = 2 
Alunimrnu, 
less steel 
cryoformed stain- 6 AI-4V titanium 
a = 1, 120,000 (160, 000), 
SyB = Z 
Pres'surant containment Annealed 6 Al-4V titanium Heat treated 6 AI-4V titanium(160, 000 psi) Heat treated 6 AI-4V titanium 
Pressurant isolation Pyrotechnic-actuated piston 
shears parent metal 
Electric motor actuated Electric motor actuated 
Propellant isolation Pyrotechnic-actuated piston 
shears parent metal 
Electric motor actuated Electric motor actuated 
tn Propellant acquisition Bladders and standpipe Centrifugal, surface tension Settling by ROS/centrifugal 
0' Engine operating modes Bipropellant Bipropellant/monopropellant 
dual mode 
Bipropellant 
Engine cooling method 
Sspsps 
Boundary layer conduction 
radiation nozzle, I = Z88 sec 
Radiation cooled or ablative, 
Isp = Z96 sec 
Radiation cooled 
Isp Z96 min 
Thermal control Absorptivity emissivity control Radioisotope heater units Absorptivity/eniesivity 
RHu - outbound 
- inbound, 
Micrometeoroid-protection Aluminum honeycomb Beta (quartz fiber) cloth Titanium bumper or Beta cloth 
Structure 
'J.:Yical Earth-Storable 
Beryllium tube truss, 
and steel fittings 
Performance Characteristics 
magnesium Titanium tube truss 
fittings 
- aluminum Titanium tube truss 
fittings 
- aluninun 
Vp; Sec ,, Z88-z96 steady state 296 minimum, 310 nominal 
Stage mass fraction, 
Npopllant/stage 
• 
h 
0.85 approximately Should be development goal 
Notei ultimrate 
* 'U 
stiength, ar yield strength, SFB burst safety factor 
B 
0 
OI-n 
Table 5-4. Summary of Sp4ce-Storable Propulsion (F 2 /IN2 H4 ) Technology 
Technology Area 	 Imminent Technology Other AvailableTechnology 	 SelectedTechnology
 
Propellant containment 6 Al-4V titanium 2219 aluminum or nickel liner 	 6 Al-4V titanium (double-wall for 
LFZ) 
Propellant isolation Aluminum, nickel or gold metal- Nickel metal-to-metal seal 
to-metal seals 
Propellant acquisition Capillary devices Settling by RCS 	 Settling by R(CS or centrifugally 
U1 
Engine operating modes ' 3ipropellant or dual mode 	 Bipropellant
-.1 
Engine cooling method Graphite/ablative with throat Graphite radiation cooled, pyre- Graphite/ablative 
insert lytic or other graphite 
Propellant thermal control/ PBI insulation, Beta cloth Aluminum honeycomb PBI insulation, Beta cloth 
micrometeoroid protection overwrap overwrap 
Expected Performance Characteristics 
s ec 363-376 	 370 minimum, 376 nominal 
Stagb.neass fra,cti6n. '0.85 approximately 	 Should be technology goal 
Table 5-5. Materials Selection' for Use with LF2 
Application Candidates Status Selected 
Tankage Titanium 6 Al-4V Promising - under Titanium, may use 
investigation nickel liner 
Aluminum ZZ19 Promising 
Stainless steel Proven for -8 years service 
on ground 
Lines Titanium If available Titanium or nickel 
liner 
Stainless steel 304L Alternate 
Monel 
Controls Nickel alloys Preferred Propellant isolation 
Stainless steel Often used. Should be Engine oxidizer valve, 
satisfactory for this appli-
cation except propellant 
if not nickel 
isolation valve. 
In passivated state with propellant-grade LF2 
Tentative, based on JPL test data 
deLaval nozzle. Engine assemblies are separable by a single joint up­
stream of the propellant filter on the engine assembly. 
Thrust is initiated by opening the pressurant and tank isolation 
valves, allowing time for line filling and stabilization, and actuation of 
the engine control valves. Thrust is terminated by closing the engine 
control valves. Prior to main thrust initiation, a short period of 
auxiliary thrust operation is required on the three-axis stabilized system 
(Module B) to assure propellant settling (see Section 4). 
0 
In the case of an extended shutdown where oxidizer is trapped in the 
propellant line between tank and engine, the line can be cleared by venting 
first fuel, then oxidizer, to space. Depending on the thermal characteris­
tics of the final configuration, such dumping of fuel may not be necessary. 
5.3 PROPELLANT STORAGE AND ACQUISITION 
5.3. i Tankage Requirements and Materials 
Placement of tanks and selection of the four-tank configuration was 
discussed previously in Section 4. Table 5-6 summarizes requirements 
for the tanks. The tankage material selected for the earth-storable 
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rable 5-6. Propellant Storage Criteria 
Requirements 
FZ1 N O4' NzH 4 and NMH propellants 
Micrometeoroid protection 
Propellant tanks shall be nonvented and be designed for a burst 
safety factor of 2 
Propellant tank/attachments designed for 3 -g launch acceleration 
(upper stage acceleration of about 5 g) 
-..-. Potential requirement for 9-g crash landing 
Suggested Additional Criteria (determined in the study): 
Up to 10-year storage' -
System designed for storage at less than 1/4 operating pressure 
Pressurized tanks shall not fragment in the event of failure 
(leak-before-burst criterion) 
Minimum number of components "wet" with oxidizer during 
Shuttle transportation 
A possible requirement for propellant dump capability to :e 
determined 
Typical Operating Characteristics for Propellant Tanks are: 
Operating pressure, typical Zi.3 bar (300 psia) 
Storage pressure, maximum I-1I.2 bar (14. 7-165 psia) 
Storage conditions, typical, in transit to planet 
BlanketTemperature 
0C (OF) 
Vapor 
. Pressurebar (psia) Pressure bar (psia) -
F 2 -188 (-306.6) 1 (14.7) None 
4 1.21.2 (70.1) 1 (14.7) He at 1 (14.7) 
NZH 4 25 (77) 0.02 (0.278) -Ie at I (14.7) 
MM- 25 (77) 0.065(0.960) He at 1 (14.7) 
NZO4/MMHpropellants is 6Ai-4V titanium alloy, used on-the TRW MMBPS, 
JPL Mariner, and JPL Viking propulsion systems. 
For the space-storable LF 2 /NZH 4 combination, recent testing by 
JPL indicates the suitability of 6Ai-4V with LF 2 . This titanium alloy, 
significantly lighter than aluminum alloy 22i9 and other materials has 
been selected for its higher system performance. 
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2 ro ell1t'Acquisition 
/lodule-A 
Main probdlant acquisition for Module A is provided by centrifugal 
force for bothrnxyain propellants. For the NzO4 IMMH system, bipropel­
lant.AGS. thrusters operating from the main propellant tanks are used. 
For the L t'Z/N H4 system, monopropellant ACS thrusters operating 
2 2 -4 tank are uged.from the m ainNH 
Module B 
Propellant acquisition for Module B main propellants (LF2I 2H4 
or NO 4 /IvM!-H) is provided by settling thrust from the ACS system, 
except for the N2 H4 tank which uses a capillary device. In the LFz/ 
N2 H4 stage the same capillary device also feeds the AGS system. For 
the NZ0 4 / M H system, both propellants are settled by the inonopropel­
lant ACS operating from a separate NzH4 tank containing a capillary 
device. 
The use of capillary acquisition devices is considered permissible 
in the fuel tanks but not in the oxidizer tanks. Other techniques, in­
cluding the use of a "trap tank" and check valve (to trap enough propel­
lants so the main thruster can provide its own settling), have been used 
on previous systems. However, they were rejected because they require 
considerable development and may introduce reliability problems. 
These selections for Modules A and B were based on the following 
reasons:
 
i) T eflon bladders are used for earth-storable propellants in 
present NZ0 4 /MMH systems. Teflon compatibility with 
LFj is not suitable for LF Z applications. In addition, 
bladders and capillary acquisition devices require significant 
effort'to develop and have possible failure modes. 
2) 	 No suitable data is available to confirm the suitability of capil­
lary devices with either N 2 0 4 or LF 2 . for storage periods as 
long as 10 years. There is a possibility of malfunctions due 
to corrosion products from the capillary ducts which could 
clog filters or engine injectors downstream.' Thus, capillary 
acquisition devices were limited to the more benign NZ­ 4 
tankage on the basis of reliability and least technical risk 
(Reference 33). The Martin Company indicates the possible 
5-Io 
feasibility of capillari devices for LW2 by nmer'sion tests of 
such devices for test periods of 30 days. h-iowever, the cor­
rosion mechanism of LF Z acting over longer periods (up to 
±0 years) and stress corrosion was not considered. TRW tests 
of aluminum and titanium materials in LF Z indicated sig­
nificant corrosion continuing after several months (Refer­
ence 18). 
5. 3. 3 	 Propellant Tankage Configuration - Spinner 
For Module A, the spinning spacecraft, initial propellant position 
is known. Centrifugal force orients the propellants away from the spin 
axis. After axial thrust has been applied, propellants settle into a 
position which depends on the relative centrifugal and axial acceleration 
forces.
 
Tanks having conical drainage spouts tangent to the sphere both at 
the lowest point (when it is in a vertical attitude) and at the outermost 
point (.for the spinning case) are recommended. This allows propellant 
acquisition and complete drainage under all conditions of spin and 
acceleration and during ground handling with minimum use of tank pene­
tration and welds. The use of teardrop-shaped tanks with 90-degree 
included angle conical spouts is simple, reliable, and consistent with 
the goals of this study. This acquisition and drainage technique is 
used on hydrazine tanks in a spin-stabilized earth orbiting spacecraft 
built by TRW. 
5.3.4 	 Propellant Tankage Configuration ­
Three-Axis Stabilized System
 
The three-axis stabilized payload vehicle operates in a limit-cycle 
attitude-control mode with initial propellant position unknown. Some 
positive propellant acquisition method or settling by the attitude control 
system is required. 
A small spout at the bottom of the tank allows complete drainage 
in ground handling and in flight. Propellant settling thrust is required 
prior to main engine operation and can be accomplished with a hydrazine 
thruster as described earlier. 
.5-I1
 
5.3. 5 R dundant Tank Wall for Oxidizers 
Because of the potential hazard of leakage of LF 2 or N2 0 4 oxidizer 
into the shuttle cargo bay, use of a double wall tank was considered in 
other studies as a safety precaution (Reference 8). For this study, it 
was assumed that a double wall would be required by NASA for LF2 but 
not for N 2 0 4 . The second fluorine tank wall would also require passiva­
tion. With adequate spacing the second wall can serve also as a micro­
meteoroid bumper shield. The weight of such a wall is estimated to be 
about 25 percent of the basic tank weight. 
5.3.6 	 Propellant Storage Thermal Effects 
Thermal Operating Conditions 
For best engine operation, the propellants must be at predictable 
temperatures so that flow rates are reproducible. The earth-storable 
propellaiits can be maintained at a comfortable range above freezing by 
insulation and heaters. 
The liquid fluorine for the outbound missions and Mercury mission 
with Module B, can be maintained at a convenient temperature near its 
normal boiling point. Thermal analysis of the Pioneer class Mercury 
orbiter (tandem configuration, Module A) indicated that space storige of 
liquid fluorine must be accomplished at a higher temperature than for 
the outbound missions. By using a deployed cylindrical sun shade of 
15-foot radius with the selected configuration, the lowest:fluorine storage 
temperature that can be achieved is about 1i7°K (-250 0 F). At this tem­
perature, vapor pressure is ii. 2 bar (65 psia) and specific gravity of 
the liquid fluorine is only 1. Z5. 
With this increased storage temperature, the propellant tanks must 
be large enough to accomnmodate the fluorine at this temperature and the 
engine must operate with the fluorine in this condition. 
The temperature margin during launch and deployment is at least 
30 0 C (55°F) assuming 86 0 K (-305°F) storage on the ground. Less pres­
surization gas will be required since vapor pressure augments this 
function. 
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As a consequence, the design chamber pressure of the engine 
always must exceed the vapor pressure (approximately ii. Z bar
 
(165 psia)). The desired engine combustion chamber pressure thus is
 
at least 200 psia. This also conforms with preliminary chamber­
pressure optimization results dictated by other factors. The current
 
state of technology suggests limiting the design chamber pressure to
 
3.6 bar (ZOO psia). 
5.3.7 Tank Size and lixture Ratio 
Tank sizes were dictated by propellant requirements of the Mercury 
orbiter mission with a 10 percent additional total volume above the mar­
gins required for thermal expansion, outage, ullage, etc. Further con­
straints were equal tank size for cost effectiveness as required by study 
guidelines. 
The resulting propellant storage conditions are shown in Table 5-7. 
Storage conditions for earth-storable propellants are comparable to 
present systems. Tank size allocations are given in Table 5-8. 
The desired mixture ratio for the earth-storable propellants was 
-achieved without difficulty. However, thermal expansion of the LF Z, 
caused by the high temperatures near Mercury, decreases the LFZ/NZ H 4 
misture ratio below optimum of i. 5 if tanks were fully loaded originally. 
The near-optimum mixture ratio of 1. 5 still could be achieved by in­
creasing the tank size or by putting all propellant reserve (20 percent) 
in the NZH 4 tank and using part of the fuel as monopropellant in the 
auxiliary thruqters. The latter solution permits flexibility in fuel (N 2 H4 ) 
allocation between primary and auxiliary thrust functions and helps to 
maintain a favorable mixture ratio in spite of the large margin of LF Z 
thermal expansion. 
5.4 PRESSURIZATION SUBSYSTEM 
Pressurization subsystem weight-is significant because the volume: 
of gas at tank pressure must generally equal the volume of the -propellant 
tank. The weight of the pressurant helium bottle appr'oxina'tes the 
weight of the tank. 
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Table 5-7. Propellant Storage Conditions 
Properties F. N2 f 4 N 2 0 4 MMHL 
Assumed maximum storage 130 (-230) 322 322 32Z 
temperature, OK (oF) Vapor pressure = 300 psi- (iz0) (120) (iz0) 
Specific gravity at 1.1 0.98 1.375 0.84 
maximum temperature 
Density at maximurnm . 0 9.98 1.375 0.84 
temperature, kg/l (b/ft 3 ) (68.6) (61.5) (85.8) (53.0) 
Operating, nominal .5/I7 294 294 294..... 
temperature, -K (OF) (-306'')/(-Z50-'') (70) (70) (70) 
Specific gravity 1.5 1. 01 1.45 0.87 
Density at nominal 3 1./.5 1. 01 1.45 0.87 
temperature, kg/i (lb/ft3 ) 93. 6/78--. (62.4) (90.5) (54.3) 
Mixture ratio, equal . 2 /NZU 4 N 2 0 4 /MMH
 
v°l~ucne 1.50 1. 69
 
Based on conservative assumption that propellant can expand until vapor pressure 
equals maximum tank operating pressure during Shuttle ascent and preseparation
 
phase in orbit. This allows approximately 18°F of heat rise from a Mercury
 
heat pulse.
 
Normal boiling point
 
Mercury orbiter only
 
At nominal temperature
 
Tanked for maximum temperature, nominal tank sizing
 
Table 5-8. Tank Size Allocations for Equal-Volume Tanks 
3Fz/N.H4 Tank Volume c MPU'/4 x 904 kg/r (56. 5lb/ft
3) 
3NZ0 4 /MMH Tank Volume = MPUI4 x 797 kg/n (49.8 lb/ft
3 ) 
Items included in tank volume margin (percent): * !-
LF z NZH 4 N 2 0 4 MMH C) -
Thermal expansion 36.3 3 5.5 3.6 
Outage 1 1 2 2 C 
Ullage 0 6 1 1 
Acquisition 0 0 1 1 
Propellant reserve 0 20 9 11 
Miscellaneous 1 1 1 1 
38:3 31 19.5 19.6 
Mixture ratio, equal-volume tanks 0 1.69. 
Conclusions: 
1) Tank sizing o.k.
 
Z) Mixture ratios can be as shown above
 
3) Isp performance previously presented
 
4) No need to change conservative assumptions if 10 percent propellant reserve
 
5) Common tanking of RCS propellant further improves F 2 /NH 4 mixture ratio
 
MPU - mass propellant usable 
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The weight can be lowered if exhaustion of pressurant occurs 
prior to exhaustion of propellant causing tank pressure to fall at the end 
of the operations. This slightly reduces thrust and limits maximum 
thrust acceleration of the vehicle. With separate helium pressurization 
systems for fuel and oxidizer, storage bottle material, storage pressure, 
storage temperature, and the need for a heat exchanger are main 
considerations. 
Titanium alloy 6 Al-4V was selected for pressurant bottles. The 
-potential weight savings of fiber composites does not justify the addi­
tional costs and technical risk involved in long-period storage. For the 
•I)
 
earth-storable propellants NZ0 4 and MMHI cryogenic storage of pres­
surant is unnecessary. For liquid fluorine, cryogenic storage of the 
pressurant is essential. For example, storage at room temperature 
increases bottle weight by the ratio of the storage temperatures (e. g., 
294 0 K (530 0 R)for room temperature versus 86 0 K (-305°F), the ratio is 86 0 K (1550R) 
3.4Z). For the LF, pressurant tank, pressurant storage at cryogenic tem­
peratures with pressurant bottles thermally connected to the LF Z tank was 
selected. A good thermal path prevents the helium from becoming over­
pressurized during ground and launch operations or because of thermal 
conditions at Mercury. 
Heat exchange, sources to raise the temperature of the helium prior 
to its application to the propellant were evaluated because expansion in 
the helium pressurant bottle results in chilling of the helium remaining 
in the bottle; the quantity of helium needed depends on its temperature in 
the propellant tank; and use of helium with a lower temperature than the 
propellant can overpressurize the tank after a firing. 
The preferred range of temperature differzences between the pres-­
surant gas and cryogenic propellants is typically from 0 to 56 0 K (100°R) 
over propellant temperature. Potential heat sources are the propellant 
being used, engine heat, and heat in the structure. The selected method 
is use of the N2 I{4 to heat the pressurant. 
5.5 ENGINE DESIGN 
5.5. 1 Design Considerations 
Desired characteristics for the engines based on mission require ­
ments and state-of-the-art practice are summarized in Table 5-9. 
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Table 5-9. Desired Engine Characteristics 
Characteristics NZ0 4 /MMH 
Module A 
Z 4 
Module B 
4 /MMH LF2 Z/NH4 
." -
Cr1 
Propellant to consume, kg (lbm) 
Thrust levels, outbound/Mercury, 
Chamber pressure, bar (psia) 
Mixture ratio 
N(lff) 
894 (1967) 
900/3600 (200/800) 
7-14 (100-200) 
1.6 
551 (1z) 
900/3600 (200/800) 
14 (200) 
1.5 
1Z7Z (2798) 
900/3600 (200/800) 
7-14 (100-z00) 
1.6 
781 (1718) 
900/3600 (260/800) 
14 '(ZOO) 
1.5 
O, Operating duration, sec 
Allowable cooling methods 
Selected cooling method 
2852/713 
Radiation, ablative, 
regenerative, duct 
Radiation 
ZZ78/569 
Graphite lined, 
ablative 
Graphite lined, 
ablative 
4057/1014 
Radiation, ablative, 
regenerative, duct 
Radiation 
3230/807 
Graphite lined, 
ablative 
Graphite lined, 
ablative 
Specific impulse, see 
Deliverable, sec 295-300 376 300-310 376 
For the earth-storable propellant combination N2 0 4 /MMH, directly 
applicable data and data on the closely related N O/Aerozine 50 (A-50) 
propellant combination is available. From this data, parametric data 
can be directly taken or scaled. 
After the stage was defined, existing hardware was evaluated. - Key 
propulsion system tradeoffs are thrust, engine operating (chamber) pre­
-sure1 and engine nozzle area ratio. 
5.5. 2 *Selection of FZ!NZH 4 Engine Thrust 
The Module B spacecraft performing the Mercury orbit insertion 
naneuver is the most thrust sensitive of the four possibilities. There­
fore an analysis was first made to. size the engine for this application, 
then the resultant design was optimized and evaluated for the other 
applications. 
The engine weight effect shown in Figure 5-Z (bottom) was esti­
mated to be a linear function of thrust with a coeffi'cient, W of 
A3.6 kg/kN (Z9.9 lbm/225 lb.). For thrust levels above 5000 N (IfZ5 lbf) 
an additional structural penalty was added to account for module design 
modifications required to accommodate the large-r engine. 
2600 
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t: 2400 
Z " OPTIMUM THRUST 
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Z- 2001 10I0-­
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I I 	 I I 
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Figure 5-Z. 	 Weight Vs. Thrust Level 
'(Module B, Mercury Orbiter) 
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Figure 5-Z also shows the estimated initial module mass for a 
Module B spacecraft performing the Mercury orbit insertion maneuver 
without reflecting the engine weight effect. This curve was determined 
as a function of thrust for a two-stage spacecraft of fixed payload, struc­
tural factor, and specific impulse and reflects the greater gravity losses 
associated with lower thrust (see Sections-3 and 4). The combined effect 
of engine weight ana initial vehicle mass as a function of thrust, obtained 
by adding the two curves, can be summarized as follows: i) for thrust 
'levels below ZOD0 N (450 lbf) the effect on initial mass predominates, -and 
further reduction of thrust would cause significant spacecraft weight 
penalties; 2) for thrust levels above 6000 N (1350 lbf), engine weight and 
propulsion module structural design considerations more than offset the 
savings in gravity loss, with the net effect of an increase in spacecraft 
weight; 3) there is a flat optimum thrust range between 3000 N (670 lbf) 
and 5500 N (iZ40 ibf) where the effects tend to cancel each other. Since 
the selection of thrust level is not critical in this range, a thrust of 
3600 N (800 lbf) was selected pending evaluation of other criteria. 
For the Module A spacecraft, the general shape of the cuives is 
similar to those shown in Figure 5-Z, except that for this lighter-weight 
spacecraft, the optimum thrust range falls between 1875 N (410 lbf) and 
3600 N (800 lbf). Hence it is feasible to use the same 3600 N (800 lbf)­
thrust engine for the Module A spacecraft with a minor weight penalty of 
only about 5 kg (ii lbm). 
Engine Volume Considerations 
The initial pr6pulsion module design concept of Module A allowed 
a total length of approximately 8i cm (32 in.) for the LF/NH 4 pro­
pulsion system, and 86 cm (34 in.) for the N 2 O4 /MMH propulsion 
system, based on the assumption that stage length is dictated by the 
outer tank diameter. Similarly, for Module B the allowable length is 
91 cm (36 in.) for the LF 2 INzH4 propulsion system and 96 cm (38 in.) 
for the N 2 O4 IMMH propulsion system. The diameter of the cylindrical 
shell containing the engine is 147 cm (58 in.) for both modules. 
As shown in Figure 5-3, a 3600 .N(800 lbf) thruster can easily 
meet these constraints for chamber pressures of 13.6 bar (200 psia). 
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Figure 5-3. Main Engine Thrust Vs. Total Length 
Side mounting of the propellant valve would permit a chamber pressure 
of 6.8 bar (100 psia) at a thrust of about 3±00 N (700 lbf) or 3600 N 
(800 lbf) at a chamber pressure of approximately 0.9 bar (160 psia). 
Therefore, volume considerations do not significantly restrict engine 
thrust selection. 
Subsequent design iteration of the propulsion module structure 
made it preferable to increase the stage height to 114 cm (45 in. ) for 
both Modules A and B. This permits even greater freedom of choice 
for engine assembly length and mounting provisions. However, the 
above results indicate -that a significant height reduction could be accom­
modated if necessary (e. g. , for improved mass distribution) without 
unduly restricting the engine design. 
Thrust Level Constraints Imposed
 
by Payload Spacecraft
 
Thrust level tolerance of the payload spacecraft structure, es­
pecially the deployed appendages is quite limited, as previIv.... 
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discussed in Section 4 (see Table 4-2). In all cases except for the Pioneer 
Mercury orbiter, where the payload (Pioneer Venus spacecraft) is de­
signed to withstand several g's of thrust acceleration, these structural 
load tolerances impose limits on the choice of main engine thrust level. 
This leads to selection of two different thrust levels, 900 N (Z00 ibf) and 
3560 N (800 libf), for the outbound- and inbound-mission propulsion 
modules (A and B), respectively. As previously shown in this section 
(see Figure 5-2) the selection of 800 lbf is nearly optimum for the 
Mercury orbiter missions. 'A thrust level of 200 lbf is as large as can 
be tolerated without major payload structure redesign by the outer­
planet orbiters and is large enough to hold orbit insertion losses to a 
reasonably low level (see Appendix F). 
5.5.3 Chamber Pressure Selection 
Chamber pressure selection for the LF 2 /NzH 4 engine was made 
on the basis of weight optimization which included the effects of chamber 
pressure on engine weight, specific impulse, and on propellant tank, 
pressurant gas, and pressurant tank weights. Figure 5-4 shows the 
results of this analysis. A chamber pressure of 5.44 bar (80 psia) was 
selected as a base point and weight differences were calculated for each 
of the variables as a function of chamber pressure. Assumptions used 
in these calculations were as follows: 
i) The propellant tank pressure was assumed to equal the 
chamber pressure plus 6.8 bar (100 psia). 
2) For propellant tank pressure below 15 bar (ZZ0 psia) the tank 
walls are-minimum gage and therefore tank weight is cponstant 
for pressures below this amount. 
3) Pressurant and pressurant storage weight are combined and 
are a linear function of pressure over the entire range. 
4) The engine weight effect was derived from data given in 
Reference 17. This reference determined the weight of an 
ablative LFz/N 2 H4 engine of 4080 N (600 lbf) thrust for a 
chamber pressure range of 5.44 bar (80 psia) to 13.6 bar 
(200 psia). The data was extrapolated to 3600 N (800 lbf) by 
increasing engine weight by 33 percent. The shape of the 
curve reflects two opposing effects characteristic of ablative 
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Figure 5-4. 	 Propulsion Module Inert Weight Vs. 
Chamber Pressure (Earth-Storable System) 
thrusters. As the chamber pressure increases, the size'of 
the nozzle decreases, tending to decrease the engine weight. 
However, increasing the chamber pressure also increases heat 
transfer rates which in turn'increases the required ablative 
naterial thickness. In the region between 5.44 bar (80 psia) 
and 8. Z bar (iZ0 psia) the predominant effect is a decrease in 
nozzle size and engine weight with increasing chamber pres­
sure. However, above 8. 2 bar (120 psia) the two effects off­
set each other, and engine weight remains essentially constant. 
5) 	 The effect of specific impulse was determined on the assumption 
that' each second of specific impulse was equivalent to Z. I kg 
(4. 6 	ibm) of inert weight. The specific impulse was calculated 
on the basis of a fixed area ratio of 60. With that assumption 
specific impulse is only a function of the kinetic reaction 
effect of pressure. Isp is nearly constant above a pressure 
of 13.6 bar (200 psia). 
Combining all of these effects shows that the optimum (minimum 
weight) 6ccurs in the range of 10. 1 bar (150 psia) to 13.6 bar (ZOO psia). 
A similar analysis was performed for the NZ0 4 /MMH engine. The 
results are shown in Figure 5-5. The pressurant and propellant tank 
effects are both linear over the range of interest and are shown as a 
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Figure 5-5. 	 Propulsion Module Inert Weight Variation 
Vs. Chamber Pressure (Space-Storable Systems) 
combined single curve. The engine weight was estimated on the 
following assumptions: 
i) 	 Below a chamber pressure of i3.6 bar (200 psia) the thruster 
is radiation-cooled, above 13. 6 bar (200 psia) it is ablatively 
cooled. (This assumption is generally consistent with current 
high-temperature material technology.) 
Z) For radiation-cooled engines in this thrust class most of the 
weight is in the valves, injector, and combustion chamber. 
The weight of these components are thrust sensitive but rela­
tively insensitive to chamber pressure. Therefore it was 
assumed that over the range of interest, 5.44 bar (80 psia) to 
3. 6 bar (200 psia), the weight of the thruster remains 
constant. 
3) For the 	ablatively cooled-engines, the basic engine weight was 
estimated to 	be i1.4 kg (25 ibm) heavier than the radiation­
cooled engine. For reasons previously discussed with regard 
to the LFZ/NZH4 engine, it was assumed that between 13. 6 bar 
(200 psia) and 20.4 bar (300 psia) the engine weight is constant. 
5-ZZ
 
4) 	 The specific impulse assumption for the N 2 0 4 /MMH engine 
was based on a constant exit area rather th'n a constant area 
ratio. This assumption results in a more significant effect 
than was used for the ,LFZ/NZH4 engine analysis. 
The 	combined effect shows that the optimum point is at 13.6 bar 
-(200 psia) with a flat range between 10. 1 bar (150 psia) and 13.6 bar 
(200 	psia). Hence the selection of a chamber pressure of 13.6 bar 
(200 	psia) is suitable for both engine types. 
5.5.4 Area Ratio Selection 
To determine the optimum area ratio for the 3600 N (800 lbf) 
engine, the increase in payload capability due to increase in specific 
impulse with increased area ratio was traded against the concomitant 
increase in engine nozzle weight. The specific impulse variation with 
area ratio was based on I versus E data given in Figure 5-6.sp 
The trade ratio for payload weight. 
380 and Isp is Z. 08 kg/sec (4.6 ibm/ 
sec). The nozzle weight varies with 
370 the area ratio as expressed by 
2
 
W = 	3.35 
This relation is, derived from 
the following assumptions: 
0 50 100 150 200* 
AREA RATIO(Ae/AT) i) The nozzle is a cone with a 
15-degree half angle 
Figure 5-6. Variation of Specific. 2) The nozzle has a constant 
Impulse with Nozzle Area Ratio skin thickness (0. 125 in.) of 0. 32 cm 
33) 	 The material density is, z. Z5 g/cmZ. (140 lbr/f .. 
The results- of the analyses, shown in Figure 5-7, indicate that the 
optimum value of E is approdmately 100. This area-ratio fits the avail­
able envelope and was. selected for both engine sizes used in Modules A 
and B. 
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6. ENVIRONMENTAL PROTECTION AND RELIABILITY 
In this section the thermal and micrometeoroid environment in 
which the multi-niission propulsion module is to operate will be discussed 
and environmental protection approaches will be presented. This section 
also includes a brief discussion of reliability requirements of long life 
missions and approaches used for reliability enhancement. 
Because of the variety of mission classes, payload spacecraft 
types, and propulsion module designs investigated it was not possible 
within the scope of this study to cover environmental and reliability 
factors in-depth. Only factors critical to mission success are identified 
and analyzed. 
6. 1 -THERMAL ENVIRONMENT 
The mission classes encompassed by this study present thermal 
environments that vary from negligible external heat input at Uranus 
distance (19.Z AU) to 10.6 solar constants at Mercury's perihelion dis­
tance (0.31 AU), plus potentially large infrared radiation from Mercury's 
dayside. Under these eitreme environmental conditions propellants must 
be maintained within specific temperature ranges to limit vapor pressure, 
prevent freezing and decomposition, and achieve near-optimal propellant 
utilization, at a favorable mixture ratio. Permissible temperatures 
range from -300 to -Z30 0 F (-184 to -146°C) for liquid fluorine, and 
between -60 to +40°0% or -51 to +4400 (lower limiits) and 100 0 F or 380 
(upper limit) for earth-storable propellants. 
Because of the low radiation potential of the fluorine tanks at the 
selected temperatures, effective protection or isolation against external 
heat input from sources such as solar flux, spacecraft heat dissipation 
and heat from other components of thie propulsion module, is essential. 
Earth-storable propellants, on the other hand, must be tkierxmally pro­
tected to prevent freezing and to minirnize"heater requirements.. 
6. 1, 1 Mercury Thermal Radiation 
Of particular concern in the Mercury orbit missibn is .the"space T 
craft's exposure to high solar heat flux on one side: :and tbbiagh ierin 
thermal flux on the opposite side whenever it passe's'loseito the subs.olar 
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region: Figure,-6- shows thermal radiation contours at Mercury (from 
the'prevyoisly.u bted study by Martin Marietta, Reference 10). 
SOLAR IR'FLUX AT Y _AU='41:3 mW./CM 2 SU 
mW/CH2 ' AT PERiHELION '- 0 
AOCH Lo" 2AP "T 	 0° 
4A i (R n Fiur 	 6- I? RaitonCnous5uraet 
140 io 35 1 6 140looO 	 0i
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.. "... . ". 	: -- 00 

12 0 200/1a 1200
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•140 160' IS0 

Figure 6-1. 	 IR lRadiation Contours, Surface to 
4000 km Altitude (from Reference 10) 
In contrast to the solar flux the planetary heat flux is not colli­
mated, being distributed over solid angles as large as i. 5r steradians 
at low orbital altitudes. Heat shield protection against planetary flux is 
less effective than against solar flux, and a mission profile must be 
selected that avoids passes of the subsolar region at the very low initial 
periapsis altitude of. 500 km (see Section 4). 
The heat flux during passes of the subsolar region was integrated 
to determine the total thermal input for low and intermediate altitudes. 
Figure 6-2 shows the heat flux as a function of time from periapsis for 
the specified initial orbit with eccentricity of 0. 8 and periapsis altitude 
of 500 kilometers, and for a modified orbit with 2500 kilometers altitude 
(e = 0.71). Worst-case thermal conditions corresponding to Mercury's 
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Figure6 -2. Mercury Orbit IR Flux Time Histories' 
perihelion distance are assumed. The diagram compares the flux time 
histories. for polar orbits-with periapsis locations at the subsolaripoint 
and at 6Z degrees north latitude. The peak heat .fluxis reduced by 
62 percent as a result of raising the orbital altitude but only by 19 percent 
as the result of periapsis latitude change. Integrated Mercury heat flux 
(in watt-minutes per cm ) varies in the four sample orbits, as shown 
below. 
-Periapsis Periapsis Altitude 
Location 500 km 2500 km 
At subsolar point 29.z 21. 1
 
At 62 N latitude 23.9 16, 5
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Actually, the integrated flux is not as much reduced by the altitude 
increase as might be expected since, due to the lower velocity at periapsis," 
the exposure time increases as noted in Figure 6-Z. 
These results were taken into consideration in defining heat shield 
requirements for the spinning and nonspinning propulsion modules and 
in determining the required periapsis raising maneuver to be performed 
by the spacecraft soon after arrival in Mercury's orbit. Thermal pr.o­
tection requirements also are a critical factor in selecting the orbit 
insertion mode at Mercury (see'SectionlA). 
6. 2 	 THERMAL CONTROL APPROACH 
The thermal control approach used in the various mission classes 
and for the two propulsion module types have been discussed in.Sece­
tions 4 and 5 in the context of design approaches. Of principal concern 
are the following factors: 
" 	 Thermal control of the cold fluorine tanks during Shuttle 
launch, ascent, and orbital phases 
o 	 Protection of cold tanks against heat inputs originating 
from the spacecraft or components of the propulsion 
module (warm tanks and engine assembly) 
* 	 Protection against external heat inputs from sun and 
Mercury 
* 	 Pr6tection against plume heating 
o 	 Protection against heat soak-back during and-after the 
main thrust phase. 
6. Z. i Thermal Design Concept 
A summary of thermal control requiremients and-approaches taken 
'is given in Table 6-i. The thermal control design concept adopted for 
the 	F IN H 4 stage is shown in Figure 6-3. The fluorine and helium 
pressurant tanks are covered with nonporous foam. The N2 H4 tank is 
insulated with multilayer aluminized Mylar. All propulsion components 
are insulated to maintain their required temperatures. Heaters must be 
provided to make up for the heat loss to space. Fot i-meter diameter 
tanks, approximately 1Z watts per tank are required to maintain a 200C. 
fuel 	temperature. Titanium struts are used for tank support. These 
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Table 6-i. Surnmary of Thermal Control Techniques Applied in Three Mission Classes 0 
Thermal Control Technique Used 	 0 
Module A Module B 
Thermal Control 
SS IRequiremnent/Problem Area 	 ESI SS ES a 
Launch Mode I
 
- Same as IS
Li'Z cooling - on ground Use LW2 coolant 

Same as A/SS

- in flight on Shuttle Passive (thermal inertia) 

Protection from RTG heat 
 Water-cooled jackets on RTG's while in Shuttle bay IMercury Orbit Mission 
Multilayer insulation blanketsKeep noncryogenic propellants warm 
Radioisotope and thermostat-controlled heaters 
Same as A/SSKeep LFa tanks cold 	 Minimize conductive heat input (long struts) 

Assure direct radiation of excess heat to Same as A/SS
 
space (no insulation'blankets)
 
Selective thermal coatings Same as A/SS
 
Itr Solar flux protection Spin-deployed sun shade -Side sun shade
 
Spin-deployed sun shade LF. tank shield
 
0, 
Mercury Ill radiation protection 
Local LF Z tank heat shieldsShielding against solar panel heat 
Midcourse maneuver exposure to sun Accept short-duration exposure (thermal inertia) Same as A/SS ! 
Outer Planet Orbit Missions 
Keep noncryogenic propellants warm Multilayer insulation blankets 
RHU's and thermostat-controlled heaters 
Keep LF2 tanks cold 	 Avoid side-sun early in transit Same as A/SS
 
Add frontal sun shade Same as A/SS
 
Accept short duration exposure Same as A/SS
Midcourse maneuver exposure to sun 

Comet Rendezvous
 
Same approach as in outer plane( orbiters
Rendezvous at R > I AU 

Use side sun shade (needs additional study)
Rendezvous extends to R < I AU(e.g., Encke, = 0.34 AU) 
ISS - space-storable propellants; ES - earth-storable propellants; A/SS - Module A with SS propellants 
PAYLOAD SPACECRAFT 
SIDE-MOUNTED EQUIPMENT BAY 
LOUVERS 
GROUND 
GU 
- / ., 
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CONDITIONING 3LANKETS 
COOLING COILSF2 AND He 
-. F TN K2 - N24TN 
TANKS He (ANK 
I 
IILECTRIC PLUS 
RADIATION 
SHIELD FOR 
. RHU HEATERS TANK ISOLATION 
TANK SUPPORT -- SUPPORT 
STRUTS Ii 'RIN 
(6 PER TANK) 1 
CLOSEOCELL STAGE SUPPORTCLOSED CELY '6 (TYPICAL) 
FOAM INSULATION ENGINE RADIATION 
ON HE AND SHIELD 
F2 TANKS 
Figure 6-3. Stage Thermal Control Concept 
struts are not insulated and are sufficiently long such that they in effect 
act as radiating fins and result in a slight heat removal from the LF 2 
tanks (Reference 3). 
Liquid nitrogen cooling of the fluorine tanks is required during 
ground-hold and perhaps also during Shuttle ascent and orbital operations. 
However, with an adequate tank volume margin for fluorine expansion 
liquid nitrogen cooling during transportation on the Shuttle may be avoid­
able (see Section 5). This question still requires further study. 
Protection against heating from the stowed RTG's for outbound 
Pioneer and Mariner configurations is provided by water-cooled jackets 
around the RITG's. However, the RTG's will remain in close proximity 
of the fluorine tanks after separation of the stowed spacecraft from the 
Shuttle cargo bay, until appendage deployment upon completion of the 
interplanetary injection phase. A heat shield against radiative heat 
transfer from the RTG's- must therefore be provided. 
Return of the spacecraft to ground in the event of an abort would 
impose a severe heating problem from the RTG's which, at this time, 
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are no longei shielded by a cooling jacket; however, the necessity for 
dumping of propulsion module propellants prior to abort dictated by safety 
considerations eliminates this potential problem area. 
Plume heating'during the thrust phase of the solid propellant kick 
motor and during main engine thrust of the propulsion module has been 
considered as a potential thermal control problem. However, the burn 
time of the solid motor is so short that the heat pulse can be readily 
absorbed by the fluorine tanks. The maii engine plume -only gives 
negligible thermal inputs even during maximum firing periods of 25 
minutes because of the low radiation intensity of the engine exhaust. Heat 
soak-back after a prolonged main thrust burniig phase will require fur­
ther analysis after the layout of propulsion system hardware, valve loca­
tions, and fuel lines are more fully defined. 
6. Z. Z Short-Term Sun Exposure of Fluorine Tanks 
Short-term exposure of the fluorine tanks to solar illumination 
during off-nominal attitudes as required for the powered Venus swingby 
and other midcourse maneuvers can be tolerated without adverse thermal 
e,ffects. Figure 6-4 shows. LF 2 tank temperature rise per hour as a func­
tion of solar distance for a representative tank size and oxidizer weight. 
For the smaller propellant weights and tank sizes determined during the 
design iteration, the resulting rates of temperature rise would increase 
by about 10 percent from the data given in the figure. The short exposure 
of the tanks required during the Venus swingby maneuver will not increase 
the temperature by more than 6°F and, therefore, does not present a 
problem. Terminal guidance before arrival at Mercury can probably be 
performed with auxiliary thrusters and therefore no reorientation from 
the cruise attitude is required. Tank exposure for even one hour at Mer­
cury distances would lead to a temperature rise of 5 °K (9°F) and should be 
avoided. 
As a consequence of propellant depletion and the resu'iing'reduction 
in the F. tanks' thermal inertia an increase of heating ates. from the" 
values given in Figure 6-4 will occur. Implications of this elffect on­
operational modes (e.g., the question 6f propulsion -module "etention)" 
require further study. 
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Figure 6-4. 	 F2 Tank Heating Rate Dne to Side-Sun 
Exposure Versus Sun Distance 
6. 2.3 Analysis of Sun-Shade Sizing Requirement 
A parametric analysis was performed to determine the required 
size of the sun shade. Figure 6-5 shows temperatures and view factors 
for the upper LFZ tanks -which have less view to space than the lower 
tanks. Results of the analysis indicate that a shade diameter of approxi­
mately 9. 2 rn eters (30 feet) would be required.- A differentiated pattern 
of thermal coatings is used for the LFZ tanks such that inward-facing 
areas of each tank (which see primarily either the warm tanks or the 
spacecraft) have a low-emittance coating to minimize heat absorption 
from these sources. Surfaces with a better view to space have a high­
emittance qoating. 
The sun shade has an outer. layer of Beta cloth with a sheet of 
aluminized Kapton bonded on the inside. This results in a stable, low 
absorptance -high emittance surface. To minimize radiation to the LF 2 
tanks, 20 layers of aluminized Kapton are then fastened to the back of 
the shade. 
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Figure 6-5. Effect of Sun Shade Diameter on LF Z 
Tank Temperature 
6. 2.4 Fluorine Tank Thermal ControlbyHjeat Pipes 
Evaluation of the design concept for a spin-deployed cylindrical 
sun shade for Module A and consideration of development and test costs 
for this configuration have led to a search for possible alternatives that 
would use existing technology. The concept of a centrifugally actuated 
heat pipe for fluorine tank thermal control in the Mercury mission appears 
promising. However, this concept was introduced at a late stage in the 
study which allowed only a cursory examination of its characteristics. 
The technique is illustrated in Figure 6-6. The F 2 tanks are coupled 
to an aft-mounted radiator by nitrogen filled heat pipes. Because the 
spacecraft spin axis is normal to the solar vector this panel has a very 
low environmental heat input and can reject heat absorbed by the F 2 
tanks at the low temperature required. 
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Figure 6-6. 	 Heat Pipe Concept for LF Z Cooling 
on Spinning Module 
The heat pipes are attached to the outboard F tank surface and 
configured such that the radiator plate is inboard. As a consequence, 
centrifugal action due to spacecraft spin motion aids in pumping the 
heat pipe working fluid, (LN2)? from the radiator, where it is condensed, 
to the F tank where it is evaporated. A wick and internal threading 
provide liquid control and assure that the working fluid wets the heat 
° pipe wall. Heat pipe operating pressure at -i57°C (-Z50 F) will be 
approximately 300 psia. 
Relying on centrifugal action to pump the coolant has the additional 
advantage of providing a "one-way" heat pipe. -If the r adiator becomes 
temporarily warmer than the F 2 tank, e. g., due to infrared radiation 
from Mercury, the heat pipe will not act in reverse direction and transfer 
heat into the LF 2 tank since such a reversal would involve a flow against 
the centrifugal force. The radiator or hot portion of the heat pipe will 
thus become 	depleted of liquid working fluid and the heat pipe action is 
suspended.
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A potential problem with this design is the difficulty of ground 
testing in the flight configuration. The pipes would probably have to be' 
tested individually and in an orientation such that earth's gravity force is 
partially neutralized. A tilted orientation by about 15 degrees against 
the horizontal would simulate the effect of spin action (0. 25 g) on the 
radial segment of the pipe located at the radiator plate. 
In the tandem arrangement the heat pipes for the upper module. 
LF2 tanks must extend across the separation joint and to the radiator 
plate at the-bottom of the lower module. These pipes are broken when 
the lower module is jettisoned. A second heat pipe and radiator plate 
(confined to the upper module) will be necessary to provide thermal 
control during the rest of the mission if the upper module is to be 
retained. 
This thermal control concept has the following principal advantages: 
o 	 Replacement of large spin-deployed sun shade by a ­
smaller (stationary) one. This saves weight and cost and 
reduces operational constraints 
o 	 Elimination of moving parts, hence greater reliability 
* 	 Lower development risk; easier, less costly verification 
tests 
0 	 Reduction of solar pressure unbalance 
o 	 Fluorine tanks can now be covered by thermal blankets 
and thus be given more protection against temporary 
heat inputs 
o 	 The system can be designed for lover oxidizer tempera­
ture fluctuation and-thus easier mixture ratio control. 
6.3 	 MICPOkiETEOIOID, ENVIRONMENT 
Micrometeoroids of cometary and asteroidal origin encountered 
by the spacecraft during the inbound and outbound missions can cause 
potential damage to exposed spacecraft components. In the context of 
this study, the possibility of propellant tank penetration by suc particles 
and design approaches for tank protection are the principal concern. 
An analysis of micrometeoroid exposure of the propulsion module 
indicated that probably ,the most severe environment is encountered 
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a) in the Saturn orbit mission, during ring plane crossings 
close to the planet, and subsequently, during the nearly 
equatorial orbit phase, even at increased periapsis 
distances. 
b) in the Mercury orbit mission, due to extended exposure to 
increased meteoroid flux levels close to the sun. 
6.3. 1 Particle Impact Rates for Planetary Orbiters 
With respect to the outbound cruise in the Saturn and Uranus orbit 
missions the following observations -are relevant. Prior to the asteroid 
belt crossing by Pioneer ±0 and ii it was generally assumed that the 
particle flux in this region was many times denser than at earth's distance 
from the sun. Consequently, these spacecraft were designed to withstand 
the estimated relatively high flux at the densest part of.the asteroid belt 
(10- particles per cubic meter of mass greater than 10 - 3 grams) in 
accordance with NASA's micrometeoroid spatial density model defined 
in SP-8038 (Reference 26). 
Actually, the meteoroid impact measurements made by both 
Pioneer 10 and i indicate the penetration flux in the asteroid belt to be 
smaller by a factor of 3 than that near i AU, whereas the NASA model 
predictions suggested that it would be greater by a factor of 5. 
These results are of great importance to the design of outer planet 
orbiters, particularly since they represent actual penetration measure­
ments on exposed sheet metal samples of two thicknesses, rather than 
only visual observations of particles encountered. 
Results of a calculation of particle impacts sustained during the 
crossing of Saturn's ring plane, based on the current NASA model of ring 
particle flux (NASA SP-809i, Reference 27) are shown in Figure 6-7. A 
solid line shows the estimated upper bound for a ring plane crossing at 
2. 3 planet radii under representative encounter conditions that are 
stated in the legend of the graph. A much less conservative estimate 
of the number of impacts sustained, using a 90th percentile particle flux 
estimate is shown by a dashed line. The upper bound of the number of 
particles of 0. 01 gram or larger striking the protective shield would be 
about three per ring crossing. The 90th percentile flux estimate projects 
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Figure 6-7. Estimated Impacts Sustained During 
Saturn Ring Crossing 
only 0.3 particle impacts. Note that the assumed ring crossing distance 
of Z. 3 Saturn radii is, also on the conservative side since in 'demission 
profile being considered the spacecraft will remain outside the perimeter 
of ring A, (R = 2.Z9 RS). Just inside this perimeter, i.e.., 600 km 
c-loser, to the planet, the estimated particle, numnber.densitr.is six.times., 
greater than at 2.30 RS . A closest approach distance of 2.5 planet radii 
was specified by the mission guidelines. By an appropriate aim point 
selection relative to Saturn's equator the ring plaiie crossing can be 'placed 
at considerably greater distances where the particle.flux density is lower. 
A periapsis -raising maneuver, to be performed at th.e.f-ist:apo'ansis p's­
-sage, will reduce the number of particle impacts dcdring sibsezuent cLose 
approaches and later on, during the equatorial orbital:ml ioh pha'se: " 
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Table 6:-Z "lstspreliminary results of particle- impact rate analysis 
for-niilligraan-size particles using conservative estimates of particle 
:flat[Satu rhand r Reference areasMelcury. for determination of the 
impa~t. rates are'the exposed cross sections of all four propellant tanks, 
totaling i. Land 2 6 m for propulsion Modules A and B, respectively. 
Table 6-2. 	 "Comparison of Estimated Micrometeoroid Impacts
During Mercury and Saturn Orbit Missions 
Meteoroid Impacts (m ; 10-3 grn) 
Module A Module B 
-Mission -Exposure (Area: 1.1 m ) (Z.6 mz ) (i ) 
Low (4) High(') Low(/) High ) 
Saturn i passage at 2.5R S 0.23 2.35 0.55 5.5z 
Orbiter i passage at 4 R S 0.08 0.79" 0.19 1.86 
2 years in orbit (4) 1.96 19.60 4.65 46.5 
(periapsis 4 RS) 
MercuryOrbiter I revolution ofMercury (88
earth days) 
0.050 0.16 0. i 0.37 
1.5 year at close 0.131 0.63 0.47 1.50 
solar distances 
(iyear in Mercury 
orbit + 0. 5 year of 
transfer phase) 
Notes 
(1) 	 Reference areas (t. t and 2. 6 m z ) are upper and lower cross­
sectional areas of four tanks for Modules A and B. 
(2) 	 Low estimates correspond 90 percentile of upper bound valuest7 
-for Saturn orbiter and to R 5 law of micrometeoroid density for 
Mercury orbiter. 
(3) -	 High estimates correspond to upper bound values for Saturn orbiter 
- 7-and to R 5 law of micrometeoroid density for Mercury orbiter. 
(4) Two year 	orbit ai Saturn assumes orbit insertion at 2. 5 R and 
22 subsequent passages at 4 R S periapsis distance (32-day 
- orbit period). 
The low and highestimates for particle flux densities at Mercury 
use a distribution that depends on a R - 5 or R 5 law of cometary 
meteoroid flux in interplanetary space as function of solar distance R. 
-iA less conservative assumption (R law) would reduce the flux at 
Mercury's closest approach to the sun (0. 308 AU) by a factor of about 
i. 8 compared with results obtained for the R- i " 5 law. While the Saturn 
mission profile can be modified by expenditure of extra propellant with-. 
out sacrificing scientific objectives, the Mercury mission which is next 
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in severity from a particle impact standpoint could only be changed by 
reducing exposure time and hence scientific data return. 
6.3. Z Particle Flux Near Comets 
The particle flux environment in comet rendezvous mission requires 
further study. Flux densities vary with each comet and with the comet's 
activity level in the given encounter year. Some comets exhibit great 
changes in acitivity level between apparitions. The flux densities en­
countered in the rendezvous mission also depends strongly on solar 
distance, on spacecraft distance from the comet' nucleus and on the 
geometry and depth of comet tail penetrations to be performed by the 
U 
spacecraft. 
Results from an Encke (1984) rendezvous study by TRW (Reference 
- 3 412) indicate a 10 gram particle flux of the order of 10 - 3 to i0 - parti­
cles per m per second at a distance of 20 km from the nucleus, i.e., 
an impact rate of about 0. f to i particle per hour. The flux density 
varies inversely with the square of the nucleus approach distance. The 
particle impact hazard can thus be readily controlled by mission profile 
selection. Since the particles are of low density and are streaming at a 
low relative velocity, the effect of particle impacts is felt less strongly 
by the propulsion system, than by other exposed subsystem components, es­
pecially scientific instruments. With respect to the propulsion module, the 
effect of particle impact and deposition (adhesion) is likely to be a degra­
dation of thermal blankets or thermal coating effectiveness, 
6.4 MICROMETEOROID PROTECTION APPROACH 
The most vulnerable parts of the propulsion module are the propel­
lant tanks. The mnicrometeoroid protection approach was aimed at giving 
the tanks adequate protection so as to survive impacts of particles in the 
I to 10-milligram mass range without damage. Impact probability of 
larger particles decreases by a factor of 3 per order of magnitude of 
mass increase in the Saturn ring environment and by a factor of 7 per 
order of magnitude in the interplanetary environment and at Mercury. 
The design approach used to protect the propellant tanks relies on 
the protective containers (stainless steel or titanilum) around the tanks 
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that have been adopted as safety device to preclude propellant leaks into 
the Shuttle bay. The skin of these outer vessels acts as micrometeoroid 
bumper with the outer tank wall spaced about I inch (Z. 54 cm) from the 
inner wall. The multilayer insulation blankets and, in the case of the 
LF2 tanks, the foam layer and Beta quartz cloth covering provide addi­
tional shielding. 
A skin thickness of 0. 008 inch (0.2 mm) of the outer tank wall (6 Al­
4V) at i inch spacing, provides effective bumper protection against 
i milligram particles, based on HEAO design data. Actually, a wall 
thickness of at least 0. 02 inch (0. 5 mm) is required for rigidity, extending 
the effectiveness of the micrometeoroid bumper against impact of par­
ticles of about Z orders-of-magnitude greater mass. This should be ade­
quate to give a high probability of preventing catastrophic impact damage 
even for the highly conservative estimates in Table 6-2. 
6.5 RELIABILITY 
Reliability criteria that are applicable to the design and operation- of 
the multi-mission propulsion module, and to long-life planetary missions, 
in general, are outlined in this section, and design approaches adopted on 
the system and component levels to achieve a high mission success proba­
bility are discussed. The different mission environments, duty cycles 
and lifetime requirements to be met by the same propulsion system, and 
the introduction of advanced propulsion technology impose novel relia­
bility problems which have been addressed in this study. 
6. 5. 1 Reliability Criteria 
6.5.1.1 	 Mission Environment. 
Thermal and micrometeoroid environments of the different mission 
types, and design approaches to protect the propulsion module against 
environmental damage or degradation were discussed in the preceding 
subsections. 
The trapped radiation environment that might be encountered in the 
planetary orbit phase has been omitted from previous discussion. In the 
Saturn orbit mission, with closest approach distances of Z. 5 i S initially, 
and 4 RS or greater after orbit modification, a sustained high-level flux 
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of charged particles that would degrade spacecraft components is unlikely. 
At Uranus, the specified initial periapsis of 1. I R U ray expose the space­
craft to higher levels of particle flux, but any assumptions regarding the 
existence of such a flux at Uranus are only speculative. Nevertheless, a 
periapsis raising maneuver may be necessary early in the orbital mission 
phase. 
Probably the most adverse environment of any of the'missions from 
a reliability standpoint is the intense solar flux at Mercury which necessi­
tates a complex thermal design with novel mechanisms and new failure 
modes, at least for the spinning spacecraft (Module A). As a mitigating 
factor, this mission is by far the shortest in the specified mission spec­
trum, and the spinning spacecraft is inherently simpler and, presumably, 
more reliable than the three-axis stabilized spacecraft type. 
6.5.1.Z 	 Lifetime 
The propulsion module must be designed for a wide range of mis ­
sion durations. The Mercury mission with a 2-year transit phase and, 
possibly, a Z-year orbital phase has the shortest duration; the Uranus 
mission, up to 10 years in transit and 2 years in orbit, the longest. All 
missions except the Mercury orbiter can be classified as long life 
missions. The scientific mission objectives can be achieved only upon 
arrival and successful orbit insertion at the target planet, during I to 2, 
or even 3 years in orbit. Design approaches to achieve high long life
 
reliability will be discussed below.
 
:6.5. 1. 3 Operational Phases and Cycles 
The main engine is largely inactive during long intervals of the 
transit and orbital mission phases. However, the-auxiliary (AGS) 
thrusters will be in use almost continuously. The propulsion module 
must therefore be maintained in operating -condition throughout the mis ­
sion. As previously discussed, the total number of ACS limit cycles 
required in the Mariner-class Uranus mission can be as large as 
Z x i0 5 cycles *in two of three channels. 
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A question that still requires further study concerns the possible 
alternative of keeping primary and auxiliary thrust functions separate, 
in order to raise overall propulsion system reliability. 
6.5. 1.4 Reliability Characteristics of Long-Life Missions 
In a previous study performed by TRW under NASA Ames sponsor­
ship (Reference 28) a general design approach for increasing reliability 
of Pioneer outer planet spacecraft in missions of 8 to 10 years duration 
was developed. A "fail safe" design policy was adopted in that study 
which is directly applicable to propulsion module long life requirements; 
1) 	 The system should be designed with appropriate redundancy, 
workarounds and backup capabilities which will eliminate as 
many electronic, mechanical, and electromechanical failure 
modes as sources of spacecraft failure as practical. When 
redundancy or backups are employed, circuits, interfaces 
between units, and switching circuits should be designed with 
fault isolation so that a failure in one unit does not propagate 
into, or does not interfere with the operation of, the redundant 
units or backup modes. 
Z) 	 Electrical or electromechanical random single-point failures 
should be eliminated from equipment which must successfully-. 
operate at a high duty cycle throughout the mission, and from 
equipment which is especially critical to the success of the 
mission. For the purposes of this single-point failure cri­
terion, failure or degradation from predictable wearout shall 
not be regarded as random, and the design should be capable of 
surviving a single-random failure in addition to expected wear­
out failures. Equipment subject to wearout shall be sized to 
accommodate the design life of 10 years. 
The above design policy is intended as a guideline, but with some 
• 	 0* 
flexibility. In implementing the policy in specific cases, competing 
factors - such as cost, practicality, schedule, weight, redesign, or 
repackaging of existing equipment, possible introduction of higher proba­
bility failures, increased risks of operator errors, etc. - should be taken 
into 	account. 
Figure 6-8 is an example of reliability versus weight tradeoffs in
 
the Pioneer outer planets spacecraft design leading to discrete incre­
ments in reliability by optimum redundancy weight -allocations in various 
subsystems. Figure 6-9 shows the estimated reliability improvement 
for the Pioneer spacecraft as a function of time. A similar approach is 
to be followed in the multi-mission propulsion module design. 
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Figure 6-8. 	 Summary of System Reliability/ Weight 
Tradeoff (8-Year Mission) 
Based on results of other recent system reliability studies by TRW 
(Reference 29) some general observations on long-life mission reliability 
are relevant 	in the context of the present study: 
0 	 Current reliability estimation techniques are conservative. 
o 	 Satellite and space probe failure predictions are con­
sistently higher than failures experienced in flight. For 
example, Pioneers 6-9 and 10-11 have established a much 
'higher reliability than predicted or specified. 
o 	 Underlying reasons for this discrepancy are piece-part 
failure rates and-quality control data of early spacecraft 
still being used as major part of the data base. This 
a heavy bias 	toward unrealistically high failureO, TH' introducesREPRODUCIBILITY rates.PAGYE IS P'YORIGINAL 
a Random failure rates approach a constant level as time 
increases (see Figure 6-10).
 
o Effect on 	propulsion module design philosophy 
- Maximize long-life mission reliability (e. g. , Uranus 
orbiter) by minimizing design elements subject to 
wearout failure 
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- If failures are primarily of random type then mission 
durations of 8, 9 or 10 years are not critically different 
from a reliability standpoint 
-C Long-life missions with high reliability should be feasible 
in mid-1980's without prohibitive extra cost. 
To conclude this general discussion, it can be expected that with 
proper attention to redundant design and avoidance of predictable wear­
out failures, the desired long-life reliability can be achieved. The design 
approach will be discussed in the following subsections. 
6. 5. Z Propulsion Module Design for Long-Life Reliability 
6. 5. 2. I Component Reliability 
Mission durations range up to 10 years, while present systems 
have demonstrated operability for approximately 2 years. For 10-year 
-durations, aspects usually not considered, such as propellant tank life 
under pressure and/or corrosion, will become important. Long-term 
operating life, and storage life, as well as combination effects also 
increase reliability requirements on other components. 
A reliable, long-life system design must take into account best 
available data-on environments to which the components will be ex­
pos-ed. The planetary orbiter missions will be performed after the 
environments at the target planet will have been sampled by previous 
flyby missions and will be fairly well understood. One exception will be 
the Uranus mission- a 1985 projected launch date would precede the 
encounter date. of a Mariner Jupiter Uranus mission launched in 1979 
or f980. 
Tradeoffs performed during this study considered eqhipment re­
dundancies, competing technologies, weight, cost, and practicality of 
implementation. Real-time life testing in a simulated. enviroment of 
components intended for very long mission life generally is hot feasible.. 
'Therefore, some overdesign and/or component iredundancy,-is needed. 
Primary reliability concerns in the conceptual desiin phase included 
propellant acquisition, pressurant regulation, valvi Actiiatdr irnplemenL 
tation, propellant isolation and corrosion effects on tanks iid'prQoellnt 
lines. Problem areas needing further research duii ng thse'sibseque.nt 
technology and hardware devel6pment phases are listed in Section 6. 5. 3 
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Projc6l!ntStorag6 and Acquisition 
C6rcosion- i s a principal concern in subsystems in contact with 
the oxidizc-." Impurities, such as water, can aggravate oxidizer 
corrosivityancd lead to a slow pitting that may cause slow leaks in'tanks 
-or valyes.. The selected design approach is to minimize the number of 
components :that:ar3: exposed to the oxidizer and to keep tank pressure 
low in ordei to reduce stress-corrosion. The main tanks can remain 
unpres sutized initially until first use. 
During operation, the tanks are pressurized with warmed pres­
surant. This permits tank pressure to relax after isolation from the 
regulated source during periods of inactivity and reduces the potential 
for stress-corrosion. 
Passive surface tension propellant acquisition devices suitable 
for N 2 0 4 , MMH and NzH4 tanks are currently being developed and per­
fected. As substitute for conventional expulsion bladders, they will 
* avoid problems of leak, rupture, fuel and oxidizer corrosion, and degra­
dation due to RTG radiation. They will thus provide much higher
 
reliability in long-duration missions.
 
The state of the art in materials compatibility for LF Z tanks is
 
not highly developed. Capillary acquisition devices will therefore be
 
avoided which could corrode and cause clogging of downstream filters,
 
etc. In the spin-stabilized Module A a bladderless tank design using
 
centrifugal action for propellant acquisition was selected. For the three­
axis stabilized Module B, -use of auxiliary thrusters (ACS thrusters) as 
settling rockets was chosen to accomplish propellant acquisition. For 
both LF2 and N 2 9 4 use, the same choice was made, although capillary 
devices are believed to be less problematic with NZ0 4 . Capillary devices 
will be used in the hydrazine tanks which feed the ACS thrusters. 
Valves 
The chemical stability of ordnance material for squib-actuated 
isolation valves is another unknown for long space storage, especially 
in the RTG environment. Another concern is the power requirement for 
ordnance firing or, alternatively, the long-life integrity of wet slug 
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chargr-storA5't: ernic:sittnta!ut, capacitors als (tivict'1 tot -firing. . IL,­
caust, -f thse C.olCnuid ,nd iiv)or-actuated valves are nreferra 
Prcsur roe uao: 
The reilative :;r.t:; o, c:onvcntional pneu:atic jpresinlre regtuiators 
and zn!-canicai pressre switchez; operating in , baun-g-Lang lfdE 00li an 
on-of" valve were co:nsidcrci. Pmniatic regolators wre selec:ted, as a 
conservatve aproaclh s ince they arc expected to !iave few,:r, an-t better 
known failure. nedes. 
6. 5. S vSysten -!cilb ity 
'tank leakavt 
In the unlikely event of :r, ,lant tank "e nut ration by a nlicro­
mnc teoroi d, approximately one-fourth of t.':C 'r: lat r :!flIt inling in the 
modtule will be lost. However, cipendirg one it tnIe cf occ.rrence t'c 
rn;.tson sav a partial succ,#ss. Such an evo:nt is inoretill ;,:hicve 
likely to occur after orbit insertion tl:an (::rinR the transit phitse, Con­
sidering the microintte:)roid fl,,x (:e:si.ies d:sctssncr lhfore, ;tn'l in 
this case would i:npair mneuveri:ng capa:)ility for the remaining part 
of the orbital phase. 
tei nropellant loss should occur wafor arrival itthe target
 
pla:1lt the reduced AV capabili ty r: still prrrn:t s-,ccve:;sfl in­i>- or:)it 
sertln, e. g., at Saturn. Hovever, ti rn;tss nnhalancci resuti-.g from 
a rnijor prop1l.aznt loss would lead to a large principal-axis tilt angle 
a;nd, hence, lo;ss of coTnm 'u,tcatlm;n capahiliy, in .. case ,f spin,,In 
To make use of the pot,: tia rFC ;cy of'iietfnher-taxk co:.g.:ra­
tion selected, .tppro!riate isolazio' of the two fuel tank; .til two ox'i-.er 
t ,; Irom eachx ot'ir is :tccissary. te-ise ,a ,ak <)(Q:-:Ii(t o: 
tank wouzld cause the loss of tint entire reniaii:xi4 ftuel (,J.- oxidizer) and 
iprcssura:t. [he i:oi .alvies niu!t be comitroiled auto:natl:a iy to 
preve xnt propell.. in Me Unlan: ia ged tank fro: lea.king out thron; jh the 
nvtnifold Jine. L,ong communication tit;,.: dclay:i preclildc tine";' rtn:maditl 
action by g ro:nd co::m-nnd in trost cases. 
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With a partial loss of propellant, the main engine may have to 
operate at an off-nominal mixture ratio, at a significant performance 
loss. Since nominal mixture ratlis are of the order of i. 5 to i. 6, loss 
of an oxidizer tank would cause the mixture ratio to change to 
i/Z x 1.6 = 0.8. The engine can possibly be made to operate at a 
greatly reduced mixture ratio by programming the isolation valve to act 
as a secondary (bang-bang) pressure regulator. By lowering the oxi­
dizer tank pressure to approximately 50 percent the remaining oxidizer 
and fuel can be utilized. The resulting specific impulse loss could be 
20 or.30 percent. Loss of a fuel tank is even more severe since the 
main engine would not be operable with the resulting mixture ratio of 
i. 6/0.5 = 3. 2 (or 2. 7 if the fuel reserve of 20 percent is taken into 
consideration). To restore the system to operational condition would 
require a partial venting of the oxidizer tanks. Further study is required 
to determine feasibility and implementation of such operating modes 
which would require a complex automatic onboard correction program. 
Auxiliary Propulsion System Reliability 
Wearout failures are to be expected, particularly in the ACS system, 
because of the large number of operating cycles required of each thruster 
during long-duration missions, both in spinning and nonspinning spacecraft 
applications. The maximum number of limit cycles per control channel 
of Module B in Saturn and Uranus missions are estimated in excess of 
2 x i05. Pulsed thrust operations by Module A thrusters, while generally 
lower, still will be of the order of 105 cycles. Sufficient ACS thruster 
redundancy is provided to reduce the effect of single-point wearout failures 
on mission success probability. With a total of 16 ACS thrusters in 
Module B and 10 in Module A, several backup modes are available to 
retain full attitude -control and AV-correction capability after a single 
thruster failure, and at least partial capability in most cases as a 
result of an additional thruster failure in any channel. 
Design Conservatism 
To achieve high system reliability a conservative approach was 
used in defining the propulsion system design, including the following: 
t) Use of separate pressurant systems for fuel and oxidizer 
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2) 	 Use of a safety factor of Z.0 
3) 	 Use of a pneumatic gas regulator 
4) 	 Avoidance of thin-gauge materials (e. g., capillary devices 
in oxidizer tanks) 
5) Unpressurized storage'of the propellants during inactive 
mission phases 
6) Use of heated pressurant to permit automatic pressure 
decay in propellant tanks after pressurant shutoff 
7) Redundant sealing of tanks after each propulsion event t6 
prevent minor corrosive leakages 
8) Capability for venting of the engine lines to prevent 
corrosion 
9) Inclusion of additional propellant reserve (10 percent) for 
contingencies. 
6.5.3 Areas for Further Study and Research Related to Reliability 
Recommended areas for further study include:
 
i) Mechanization schemes for optimum redundancy
 
2) Component and system design requirements related to con­
trols redundancy 
3) Component and system design requirements to provide partial 
(degraded) mission capability in the event of component failures. 
The following areas require additional research and development: 
i) Propellant corrosion (stress corrosion) of materials used in 
tanks and valves 
Z) Deyelopment of very high-reliability ACS thruster valves 
3) All aspects of LF IN H, propulsion design2 2 4 
4) All aspects of system safety engineering, especially for 
LF21N2 H4 (with emphasis. on Shuttle launch requirements) 
5) 	 Design and utilization of double-wall tanks as related to system 
reliability aspects and safety during transport by Shuttle orbiter 
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7. SYSTEM PERFORMANCE ASSESSMENT 
Characteristics of the selected propulsion module design for space­
storable and earth-storable propellants were used to update earlier 
performance estimates for the various missions under consideration, 
following the iteration process outlined in Section 3 (see Figure 3-6). 
The 	results presented in this section show an appreciable performance 
improvement of the multi-mission propulsion module; sized for Mercury 
orbiter requirements, in the outer-planet orbiter and comet rendezvous 
nissions. 
7. 	i INITIAL PERFORMANCE ESTIMATES AND 
PERFORMANCE IMPROVEMENT OPTIONS 
Initial propulsion module size selections and inert weight estimates, 
based on Mercury orbiter requirements for two modules operating in 
tandem, were obtained by assuming the empirical scaling relations 
between propellant and inert weight given in Section 3.3. The first step 
in the iterative propulsion module sizing procedure resulted in generally 
unfavorable performance of the multi-mission module in outer-planet 
orbit and comet-rendezvous missions since the tank sizes, and hence 
inert weights (listed in Table 5-1), were overly large. 
A performance improvement in multi-mission applications of the 
propulsion module is achievable primarily by size and inert weight 
reduction. The following improvement options were explored: 
-i) 	 Lowering the maneuver requirements for the Mercury orbiter 
and'thereby reducing the size penalty for other missions 
2) 	 Reducing inert weight by design iteration and improved weight 
estimates based on structural analysis. 
A reduction of the maneuver requirements for the Mercdry orbiter 
resulted from adopting a less demanding mission mode with launch on 
iZ March 1988 (see Section 2. Z. i) as reference mission. Thzis.mission 
mode was identified by NASA Ames Research. Center dtiring.the.stfdy.as 
a possible alternative to the mission mode specified hnitially" with" 
launch on 9 June 1988. The new mission mode reduces idear velocity 
requirements by about 350 m/pec and permits a rnore..than prg'portionally' 
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large ,size.,red-uctiof-of the propulsion module. Thig was used as the 
basi's for r&sizin vodules A and B. 
A chinge'in initial orbit characteristics at Mercury (a lower peri­
apsis altitude and higher eccentricity than specified in the study guide ­
-lines) wquld.also.contribute to a reduction of AV requirements and, 
hence, ,size 5edtictibn'of the multi-mission propulsion module. How­
ever, these options would a) increase the difficulty of approach guidance 
and b) compromise orbital stability and were omitted from further 
consideration. 
7. 2 	 UPDATED INERT WEIGHT ESTIMATES 
Updated weight estimates of the four selected. propulsion module 
designs were obtained on the basis of structural analysis (Appendix C) 
for the initially selected propellant weights. Results are shown in 
Figure 7-i. The updated inert weights follow a trend that differs 
markedly from the initially assumed scaling relations (shown by dashed 
lines). In the propellant mass range of interest this can be expressed 
approximately by 
W. 0.1W +120kg2. p 
for both the earth-storable and space-storable system designs. The 
fixed mass of iZ0 kg (265 lbm) includes the sun shade and support struc­
ture used in the Mercury orbit mission, estimated as 27 kg (60 lbr) 
For the outer-planet orbiters this value is about 15 kg (33 ibm) lower. 
Actually, the inert weights established by structural analysis do 
not depend linearly on propellant mass because of the following factors: 
SOnly the support trusses and tank weights vary in propor­
tion to propellant mass 
* 	 The weight of the cylindrical center hull increases in pro­
portion to the square root of the load since the design is 
based on critical buckling loads 
.o 	 The heavy end ring structures on each propulsion module 
are essentially independent of propellant mass, being 
stressed by the crash load requirements of the Shuttle 
orbiter with propellant tanks empty. 
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This departure from the more usual structural weight character­
istics of propulsion systems is due primarily to the tank mounting 
arrangement, the multi-mission/tandem configuration constraints, and 
Shuttle launch and abort load requirements. The tank mounting arrange ­
ment was adopted partly to facilitate load path separation with two 
propulsion modules mounted in tandem, partly to facilitate thermal 
separation of warm and cold tanks (in the space-storable propellant 
case), and partly to neet mass distribution constraints in the spinning 
.Module A configuration. 
Figure 7-i shows that inert weights are reduced primarily for 
the earth-storable configurations for Module A and Module B where a 
performance improvement is most important. 
/ 
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Figure 7-i. Initially Assumed and Revised Stage Inert Weights 
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Extending the results obtained for the multi-mission propulsion 
module to custom-designed modules leads to a similar scaling law, 
since the principal factors listed above give rise to a similar dependence 
of structural weight on propellant mass. Except for lower compression 
and bending loads during launch and lower tension loads during maximum 
survivable crash landing accelerations similar load profiles are in effect 
for a single propulsion module at a given propellant-mass. The esti­
mated reduction of fixed-weight components of the custom-designed 
stage leads to an inert weight scaling law of the form 
I 
W'. =0.W1 W +80kg.
1 p 
applicable to earth- and space-storable propellants. 
7.3 	 M.ERCURY ORBITER PERFORMANCE 
The revised scaling law was used to obtain updated propulsion 
module sizes and inert weights based on the modified Mercury orbiter 
maneuver requirements discussed above. Table 7-i lists the resulting 
Module A and Module B mass characteristics and tank sizes for earth­
storable and space-storable propellants. It also lists the injected gross 
spacecraft mass and indicates which launch vehicles are adequate to per­
form the mission. Comparison with the initial propulsion module data 
(Table 4-1) indicates a major size reduction in the earth-storable ver­
sions of Modules A and B. 
- The performance analysis of Module B' assumed an optimum vari­
able thrust vector pointing program for Mercury orbit insertion and 
determined the optinum thrust initiation time. Module A uses a fixed 
thrust orientation nearly tangential to the flight path at periapsis but 
only with a small in-plane thrust vector offset to satisfy the side-sun 
protection constraint (see Section 4.6). 
7.4 	 PERFORMANCE COMPARISON OF EARTH-
STORABLE AND SPACE-STORABLE SYSTEMS 
IN OUTER PLANET MISSIONS
 
7.4.i Propellant Mass 
Figures 7-Z and 7-3 show updated propellant-mass requirements 
for Pioneer and Mariner payloads with earth-storable and space-storable 
propulsion systems, as functions of flight time to Saturn and Uranus. 
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Table 7-I. Performance Characteristics of Merc~ry Orbiters 
(Launch iZ March 1988; C 3 = 25 8 knm /sec2 ) 
Flight Vehicle, Weight, kg (lb, Candidate Shuttle Injected Weight 
Propellant Type Propell t 
WeightM 
Inert 
,eight (1)  
Gross 
Weight 
Upper Stages 
(Nokick stage required) 
Canability 
kg (ibm) 
Pioneer ( 40 kg)/TandemModule _3?) 
Earth-Storable 894 209.4 2546 Dual Transtage 3900 (8600) 
(1971) (462) (5614) 
or 
Centaur D-IS 5250 (11,600) 
Space-Storable ... 551 
(1215) 
175.1 
(386) 
1792 
(3951) 
or 
'titan 3E/Centaur D-iT 
(for reference only) 
3300 (7277) 
Mariner (550 kg)/Tandem 
Module B
( 3 ) 
Earth-Storable 1272 247.Z 3588 Dual Transtage 4000 (8820) 
(2805) (545) (7912) 
or 
Centaur D-IS 5300 (11, 700) 
Space-Storable 781 
(1722) 
198.1 
(437) 
2508 
(5530) 
(')Each module
 
M2 )Module A uses fixed thrust orientation, 5 degrees offset from optimum (near-equatorial orbit)
 
(3)Module B uses variable thrust pointing program (near-polar orbit) 
'2.5 \ SATURN ORBITER URANUS ORBITER 
' \ \ 
\oPAYLOAD * 	 4 KG 
22.0 \PL 	 PL * MIDCOUSE AND ORBIT 
TRIM ALLOWANCE 150 lA/SEC 
EARTH-STORABLE 
T 	 EARTH-STOLE1.5 r 

0. :5 	 MAXIMUM 
. . . CAPA CITY 
OFF-LOADED1.0 	 1 > PROPELLANT 
04SPACE-STORABLE 
0.5 - . -1TL! 	 I'-"---­
t0 1.5 2.0 2.5 3.0 3.5 4.0 
FLIGHT TIME(0 3 DAYS) 
Figure 7-2. 	 Propellant Requirements for Saturn and Uranus 
Orbiters (Pioneer Payloads, Multi-Mission Module) 
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Figure 7-3. 	 Propellant Requirements for Saturn and Uranus 
Orbiters (Mariner Payloads, Multi-Mission Module) 
Only one payload weight (408 kg) is assumed as typicalfor Pioneer class, 
and one (680 kg) for Mariner class orbiters in deriving the propellant 
requirements shown in Figures 7-Z and 7-3. Other payload weights will 
be considered parametrically in Section 7.4.4. On each of these curves 
the propellant capacity of the multi-mission propulsion module is indi­
cated by limit valuei PL" These points also designate lower limits of 
achievable flight times (TL) regardless of launch vehicle capability. The 
amount of propellant to be off-loaded for flight times greater than T L 
is indicated by the difference between the required propellant mass and 
PL.
 
7.4. 2 Saturn Orbiter Performance 
Performance characteristics of Saturn orbiters derived from the 
above propellant requirements are shown in Figure 7-4 for Pioneer and 
Mariner payloads, earth-storable and space-storable systems. The 
graph also provides comparisons of multi-mission and custom-designed 
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Figure 7-4. 	 Performance of Pioneer and Mariner Saturn 
Orbiters. Earth-Storable (ES) and Space-Storable (5) Propulsion Systems. 
propulsion module performance. The shaded areas between the upper 
curves (multi-mission module performance) and the lower curves 
(custom-designed module performance) represent design options that 
are customized' to some degree having a lower weight penalty than the 
multi-mission design. 
The graph shows the injected v/eight capabilities of thelaunch 
vehicle candidates by a second set of curves, differentiated as to2 
spinning and nonspinning payloads. Intersections with the corresponding 
payload performance curves determine the m inimumq flight times in each 
case. The lower limit of achievable flight times is nbt alvw~ys deter­
mined by the intersection of payload and launch vehicle curves, _n some 
instances, e.g., for Pioneer missions launched hyfSpace Tu'g. the"min 
mum flight time is actually determined by the time T L that corresponids 
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to the 	maxirnu: prope.lla:t capacity of the multi-mission modul,. Dashed 
cursqs e,:tes.ing bcyond the propellant capacity limit do not repr:esElt 
actual perfc r:ancc characteristics but only indicate the (idea!) .lininiu 
flight time it; the absence of the propellant ln; it (Pl). 
Frer: these results it is apparent that the selected siz: of Module A 
is'actually too sniall for no;t effective use of the Space Tug as upper 
stage for I'ioneer Saturn orbiters, 'his means use of the rnulti-mission 
molule im!o Ses longer trip timne5 to Saturn in exchange for reduced trip 
times to Uranus (see below). 
To summarize Saturn orbiter performance character'stics, 
Mariner class snacecraft of 680 kg launched by Space Tug/SPM (1800) 
require flight titnes of 1600 dftys or much more depending on the type 
of propulsion module and bitpropellants used. Pioneer class orbiters 
(408 kg payload) launched by Centaur D-1S/SPM (1800) require flight 
times of 1750 days and more. Wit. Space Tug as launch vehicle, more 
appropriate for Pioneer orbiters with an earth-storable, multi-mission 
module, the minimurn flight time would be 1480 days. 
7.4.3 	 Uranus Orbiter Perfornmance 
Figure 7-5 shows the corresponding performance plot for Uranus 
orbit missions. Only the Space Tug/SPM (1800) performance curve is 
shown in this graph. The performance of a Centaur class upper stage 
would not be adequate for Uranus missions. Flight times range from 
about 2750 to 3860 days for Pioneer orbiters, and from 3450 to 3750 days 
for Mariner orbiter.s with space-storable propulsion asswning payload 
weights of 408 and 680 kg respectively. Mariner orbiters with earth­
storable propulsion require at least 3840 days with a custorn-designed 
propulsion module and about 4700 days with a multi-mission module. 
These data do not reflect the use of the propulsion module for C3 
augmentation maneuvers which will be discussed below. 
7.4.4 	 Effects of Payload Mass Variation and 
Chans 
-
i_ Launch Vehicle Performance 
Performance data shown in Figures 7-2 to 7-5 were based on the 
assumption of fixed payload weights for Pioneer and Mariner type space­
craft. Actually. a range of payload weights for each spacecraft family 
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F'igure 7-5. Performance of Pioneer and Mvariner UranusOrbiters. 2arth-Storable (ES) and Space-
Storable (SS) Propulsion Systems. 
was specified in the work statement. Figures 7-6 and 7-7 show per­
formanCe plots for parametric payload weight changes in Saturn and 
Uranus orbiters with multi-mission propulsion modules and space­
storable propellants. It can be seen that the advantages of reducing 
payload w/eight in terms of m~inimumn flight time are greater for missions 
to UranuIs than.to Saturn. 
The format of these graphs permits direct analy~is of the effect of 
launch vehicle performance variations to be expected in the future as 
Shuttle upper stages become more firmly defined. F or convenient 
reference a set of launch vehicle performance characteristicsis showvn 
in Figures 7-6 and '7-7 together with the paramnetric payload curves. 
Depending on whether a spinnling or nonspin ning flight spacecraft is 
considered, the dashed or solid launch vehicle performance curves apply. 
Lower flight time limits T L defined by propellant capacity are indicated 
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Figure 7-6. 	 Saturn Orbiter Performance for Several Shuttle/ 
Upper Stage Candidates, with Payload as 
Parameter 
in the graphs by (nearly vertical) dashed lines in the range of 1500 to 
1600 days for Saturn orbiters, and in the range of 2800 to Z950 days for 
Uranus orbiters. 
For Saturn orbiters the higher-performance upper stage candi­
dates give flight times close to the T L limits only for the upper range of 
payload mass. For the lower payload mass range the lower performance 
stages are more appropriate. In Uranus orbit missions the TtL limit is 
commensurate with or below the minimum flight times achievable by 
any of the upper stage candidates shown. 
7.4. 5 Performance Improvement by C 3 
Augmentation Maneuver 
The effect of 	C3 augmentation (see Section:3. 5) is significant pri­
marily for missions 6f long duration where the slope of the performance 
curves in Figures 7-3 through 7-7 levels out, and the location of their 
intersections, designating minimum flight time, becomes increasingly 
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Figure 7-7. 	 Uranus Orbiter Performance for Several Shuttle/ 
upper Stage Candidates, with Payload as 
Parameter. 
sensitive. Thus an augmentation of launch -vehicle capability by 100 kilo­
grams or more, achievable by an expenditure of several hundred kilo­
grams of extra propellant, can produce flight time reductions of more 
than 150 days in Uranus missions with flight times of about 10 years. 
This is illustrated in Figure 7-8 for three values of payload mass 
withSpace Tug-/SPMV (1800) assumed as launch vehicle. The ipper graph, 
shows the propellant mass required without tile C3 augmentation maneu­
ver (see scale on the right) as function of flight time and the off-loaded 
propellant, AWp, available partly for C3 augmentation and partly for 
meeting higher velocity requirements as flight time increases (left 
scale). The- lower graph shows the launch vehicle performance curve 
with and without the augmentation maneuver, based on data previously 
discussed in Section 3. 5,(Figure 3-16), and three payload curves. Even 
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.Figure 7-8. C3 Augmentation Effect on 
Uranus Orbiter Performance 
with the assumption of zero coast time between upper stage burnout and 
propulsion module ignition the flight time reduction is only modest and 
becomes progressively smaller with reduction of payload weight. Some­
what larger reductions would be achieved with lower performanLe launch 
vehicles. 
Unfortunately, the very long flight times characteristic of Mariner 
Uranus orbiters with earth-storable propellants cannot be reduced to an 
acceptable range because of the very limited C augmentation effect 
attainable by these propellants. 
Table 7-Z summarizes applicability of the C3 augmentation method 
and shows that it is of only limited usefulness partly because the propul­
sion module does not offer sufficient spare propellant capacity or the 
maneuver mode is too inefficient because of significant gravity losses 
with only 200 lbf (890 N) of thrust. 
7-1Z 
Table 7-2. Applicability of C3 Augmentation Technique 
Propulsion Type, 
Mission Class Applicability Remarks 
and Module Type of Technique 
O Earth-storable propulsion No 	 Negligible benefit in all cases of
 
practical interest
 
o 	 Space-storable propulsion,
 
multi-mis sion module
 
- Saturn orbiter 
Module A No 	 Negligible flight time reduction 
Module B No 	 Negligible flight time reduction 
if Space Tug/SPM (1800) 
available 
Yes 	 If only lower performance upper 
stage available and 180-day flight
time reduction important 
- Uranus Orbiter 
Module A No Negligible flight time reduction 
Module B Yes If 160-day flight time reduction 
important enough 
o Custom-designed propulsion Yes 	 If 160-Z40 day flight time reduc-
Modules A or B, Uranus orbit tion is important enough
 
misons
 
A practical objection to its, use is the necessity for maneuver initia­
tion immediately after launch vehicle separation. This implies the nee d 
or Mariner spacecraft with append-.for attitude control modes, for Pioneer 
ages stilt stowed. For the selected propulsion module size the benefits 
attainable by the C 3 augmentation maneuver are too small to warrant the 
added design complexity and also the possible decrease in propulsion 
system reliability resulting from its implementation.-
If the capacity of the solid kick Stages used at launch were no
 
greater than that of the Burner ii (2300) or .of the TE 364-4, 'the ad­
vantages of C3 augmentation would no doubt outvzeigh"the a rgumrents
 
against it.
 
7.4.6 Mission Characteristics Summary 
Table 7-3 summarizes mission characteristics for represeitative 
(fixed) Pioneer and Mariner class payload vehicles' in.3aturn'and Uanus 
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Table 7-3. Outer Planet Orbiter Performance Summary. Payload weight.408 kg 
(Pioneer) and 680 kg (Mariner) 
Propellants/ 
Type 
TripTime Z ys) 
Propellant
rpatCapacity ofMM Modulekg ( ) 
Propellant
PInertMass 
kg (ib) 
nTotal 
Mass 
kg (lbm) 
InjectedMass' 
kg (lbr), 
Saturn Orbiter 
Pioneer ES/MM 
CD 
14803 
1400 
894 (1971) 894 3(1971) 
910 (2007) 
617 (1360) 
579 (1277) 
151 1 
1489 
(333Z) 
(3283), 
SS/MM 
CD 
17204 
16004 
551 (IZ5) 480 (1058) 
480 (1058) 
583 (IZ86) 
536 (il8Z) 
1063 
1016 
(Z344) 
(2240) 
Mariner ES/IMM 
CD 
Z60 
1920 
iZ7Z (Z805) 930 (2051) 
860 (1896) 
927. (Z044) 
846 (1865) 
1857 
1706 
(4095) 
(3762) 
SS/MM 
CD 
1730 
1570 
781 (17ZZ) 725 (1599) 
680 (1499) 
878 (1936) 
828 (1826) 
1603 
1508' 
(3535) 
(3325) 
Uranus Orbiter 
Pioneer ES/MM 
CD 
3200 
30z0 
894 (1971) 570 (1257) 
560 (1235) 
617 (1360) 
544 (1Z00) 
i17 
1104 
(2617) 
(2434) 
SS/MM 
CD 
Z860 
Z750 
551 (IZ15) 
-
510 (i125) 
5Z0 (1147) 
583 (1286) 
540 (1191) 
.1093 
1060 
(Z410) 
(Z337) 
!i Mariner ES/MM 
CD 
SS/MM 
4700 
3840 
3750 
1272 (2805) 
-
781 (17ZZ) 
470 (1036) 
575 (1Z68) 
430 (948) 
927 (Z044) 
818 (t804) 
878 (1936) 
1397 
1393 
1308 
(3080) 
(307Z) 
(2884) 
o - CD 3460 460 (1014) 806 (1777) iZ66 (Z792) 
0 
.H 
=D 
Notes: 
1 MM - Multi-mission; CD - custom..designed 
2 Does not reflect C3 augmentation 
3 Dictated by maximum propellant capacity (50 kg launch weight margin) 
4Launched by Shuttle/Centaur D-IS/SPM (1800) 
orbit missions, including comparisons of spacecraft and propellant mass 
and 	flight times for space- and earth-storable propellants, and for multi­
mission and custom-designed propulsion modules. 
. The bar graph, Figure 7-9, shows minimum flight times achiev­
able 	in Saturn and Uranus orbit missions under the stated conditions. 
In summary, the performance comparisons shown above indicate 
the following: 
i) Flight time reductions achievable by space-storable propel­
lants for a given Shuttle upper stage are very significant
 
(i to Z years), particularly in the case of Mariner type

payloads. For equal trip times, the increase in payload
is about 100 kg. 
2) In missions with Pioneer type payloads the flight time reduc­
tion is important but not nearly as great, typically ranging 
from 0.5 to 1. 5 years in Saturn and Uranus missions, 
respectively. Payload advantages for trip times equal to 
those for earth-storable propulsion modules are 
also about 100 kg, 
3) 	 Only the use of space-storable propellants makes the multi­
mission module concept, with its attendant cost economy, 
feasible and attractive in Mariner class missions. 
4) 	 In the case of Mariner missions to Uranus a space-storable 
multi-mission propulsion module would lead to unrealistically
long 	flight times approaching that of a Hohmann transfer. 
5) A lower-performance Shuttle upper stage, such as Centaur 
D-iS/SPM (1800) is adequate for Saturn missions by Pioneer 
class vehicles. However, in the case of earth-storable pro­
pellants a flight time increase of over 800 days would result, 
corhpared with an increase of only 400 days for space-storable 
propellants, assuming multi-mission modules in both cases. 
6) 	 C 3 augmentation by using excess propellant capacity of the 
multi-mission propulsion module can reduce flight times by 
up to about 180 days (or more under some circumstances) in 
Uranus missions. However, flight time reductions achievable 
are too small, in most instances, to warrant operational and 
reliability disadvantages associated with its implementation. 
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7. 5 COMET MISSION PERFORMANCE 
Comet rendezvous performance of the multi-mission propulsion 
Modules A and B was analyzed, based on the maximum propellant 
capacities and inert weight data listed in Table 7-1. Figure 7-10 shows 
curves of:naximurn payload weight capability as function of AV expendi­
ture for earth- and space-storable systemns. Specified ranges of 'Pioneer­
and Mariner-class payload weights are indicated in the graph. 
Total AV requirements for the seven cornet rendezvous missions 
being considered are marked on the abscissa. They include the major 
midcourse (AV 2 ) and rendezvous mtneuvers (AV 3 ) listed in Table 2-4, 
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Figure T-iO. Payload Weight Capabilities of.Single 
and Tandem Propulsion Modulcs in 
Comet Rendezvous Missions 
plus 300 m/seb for guidance corrections and excursions at the comet. 
For Encke (having less uncertain orbital characteristics than the other 
comets) only ZOO rn/sec are assumed for extra maneuvers. 
The chart shows that only two of the missions (Tempel 2, '82, and 
Kopff, 191) can be performed -with a single propulsion stage. All others 
itequirethe use of two stages in tandem. Missions with the highest AV 
requirements (Faye '86, Perrine Mrkos '91, and Encke 187) could be 
accomplished only by adding propellant capability and/or by reducing 
payload mass significantly, i.e., even below the lower limits of the 
Pioneer and Mariner payload mass ranges indicated in the chart. Note 
that the maximum AV capabilities of the earth- and space-storable pro­
pulsion modules do not differ much for these payload mass ranges since 
both modules were designed.to handle a similar payload mass in the 
Mercury orbiter mission. 
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Table 7-4 lists weight characteristics of spacecraft with maximum 
payload weights in the Pioneer and Mariner class (408 and 680 kg, 
respectively) in the case of space-storable propellants. Evaluation of 
launch vehicle performance requirements shows that the four missions 
identified as feasible with these payloadweights are within the per­
formance range of Shuttle/Centaur/SPM (1800), except for the Mariner 
class mission to Perrine Mrkos (1990) which would require either a 
slightly larger (-200 kg) injected weight capability or a payload mass 
reduction of about 80 kg (176 ibm). 
Table 7-4. Characteristics of Comet Rendezvous Missions 
A Number Propellant Weight Initial 
Comet Mission AVtotal of Stages e Stage StageI Weight 
[lm/sec) Required Type kg (ibm) kg (ibm) kg 
I Tempel Z 2. 01 I 
I 
A 
B 
414 (913) 
623 (1374) 
- - 997 
1501 
(2198) 
(3310) 
.2 TempelZ Z. 879 2 
Z 
A 
B 
551 (1215), 
781 (1722) 
159 
285 
(351) 
(628) 
1468 
214Z 
(3237) 
(4723) 
3 Faye 3.760 2 A 
B 
551 (1215) 
781 (17ZZ) 
546 
845** 
(i04) 
(1863) 
1855 
-
(4090) 
4 Kopff 2. 521 2 
Z 
A 
B 
551 (1215) 
781 (1722) 
26 
91 
(57) 
(201) 
1335 
1948 
(Z944) 
(4295) 
5 Perrine Mrkos 3.082 2 
2 
A 
B 
551 (1215) 
781 (1722) 
240 
403 
(529) 
(889) 
1549 
2260 
(3416) 
(4983) 
6 Perrine Mrkos 4.06Z A 
B 
551 (IZ15) 
781 (17ZZ) 
700** 
1075** 
(1544) 
(Z370) 
7 Encke 4.110 * A 
B 
551 (1215) 
781 (17ZZ) 
7Z6*4 
111Z -* 
(1601) 
(2452) 
*0 
-J 
SAVtota I includes major midcourse CAY 2 ) and rendezvous maneuver (AY3 ) plus 300 m/sec for guidance 
corrections and for excursions at comet. (For Eneke only Z00 m/sec.-of extra maneuver capability 
are allowable,) 
In these missions propellant requirements exceed ta-ndem-stage capicity if payload mass of 408 (for 
Module A) and 680 (Module B) is assumed. Payload mass reduction of about 50 kg is required to 
make missions 3(B), 6(A and B), and 7(A) feasible. 
7.6 AUXILIA Y PROPELLANT REQUIREMENTS 
Only preliminary estimates for auxiliary propellant requirements 
were obtained within the scope of this study. They include midcourse 
and orbit trim AV requirements of 450 m/sec for the Mercury orbiter 
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and 150 rn/sec for the Saturn and Uranus orbiters. Table 7-5 lists pro­
pellant requirements for these maneuvers for the different mission 
classes, payload classes and propellant types considered. Propellant 
requirements for attitude control are also listed, based on data derived 
in Section 4-6 and on data derived in a recent TRW study of Pioneer 
Jupiter orbiters and Saturn/Uranus probe missions. 
Propellant weights previously listed in Table 7-i (Mercury orbiter) 
and 7-3 (outer-planet orbiters) include midcourse and orbit trim maneuver 
propellant for the above requirements. However, the weights listed in 
Table 7-5(a) are slightly larger to reflect the fact that actually only 
about one-half of these maneuvers can be performed by the main 
engines. The rest of the maneuvers require the use of auxiliary 
thrusters and are therefore performed less efficiently, namely at 
I ZOO sec for monopropellant hydrazine thrusters in Module A 
(space-storable) and Module B (both earth- and space-storable) and at 
I = z60 sec for bipropellant auxiliary thrusters in Module A withsp
 
earth-storable propellants.
 
Attitude control (ACS) propellant weights listed in Table 7-5(b) 
range between 24 and 4Z kg (52 and 93 lbm). These weights were not 
included in the performance analysis since up to 80 percent of this propel­
lant can be assumed as expended by the time the spacecraft reaches the, 
target planet.
 
- The effect of the added AV correction propellant on mission per­
formance of the outer-planet orbiters can be assessed by considering 
half of this as added inert mass at the time of.orbit insertion. The 
exchange ratio of added propellant miss to inert mass, Vp / Winert! 
ranges from 1-0 to 1. 5 in these missions. Thus, in the worst case a 
propellant mass of 20 to 30 kg must be added to compensate for-the 
incremental auxiliary propellant mass remaining at orbit iniertion. The 
effect is an increase of about 25 to 75 days in trip time toSaturn or 
Uranus, depending on the propellant expenditure timne-bitory. 
More detailed study of auxiliary propellant weight characteristics 
and their effect on mission performance is required as gniss~co -harac+ 
teristics in each case become more firmly defined. 
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Table 7-5. Auxiliary Propellant Requirements 
a) 	 AV Correction Maneuvers ( l )  b) Attitude Control Maneuvers 
Propellant Mass, kg (t ACS Propellant, kg (lbm).Tit Ppl as k IPropulsion 	 Transit Orbit SolarPropulsion -o time. Remarks Modue Time Time P rr .. Ren!rk.Module (days) Trasi Orbit Toa 	 (years) 1 .Compensation
 
Mercury Orbiter (AV 450 isec) 	 Mercury Orbiter 
A - ES 735 2lO (16-3) 45 (99) Z25 (496) 	 Values are 30 to 80 kglarger than those re- 'o A - ES z 2 "o (22) 20 (44) . Solar pr.sst.rc:: SS. 735 155 (342) 45 (99) 200(4.11) flected in total prO-	 -colapensatiose 2 SS 2 z 15 (33) '16 (35) Figure G-6 
Tleat7-11, M (Appendix G). 
-9, Saturn Orbiter Spin/precessionSS 735 216 (476) 65 (143) 281 (620) 
- A -ES 4.7 32 (62). propellant esti­
•u . tetes extrapolated 
Saturn Orbiter (AV=150 m/sec) 5 I 4; 3- 2453) from TRW'sSS 4.P 	 (53) Pioneer 4 
A - 1480 40 (88) 16 (35) 56 (13Z3) Values are up to 18k 9 o ProbeES StudyUr.u 
-4SS 17ZO 30 (66) 17 137) 47 (104) clu'W , Table0 larger than those in-	 N A - ES 8.8 L 42 (93) (Reference 25).,7 	 3 
13-	 ES Z160 58 (128) 29 (64) 87 (192) S r.8 32 (71) 
SS 1730 45 (99) 25 (55) 70 (154) 	 Mercury Orbiter 
Uranus Orbiter (AV 1 50 m/sec) 	 B - ES Z z 17 (37) 8 (18) See Table 4-10. 
w S3 2 2, 21 (46) 6 (13) A -ES 3200 32 (71) 16 (35) 48 (106) 	 Values are up to 18 kg o
 
larger than those in-
SS 3860 31 (68) 7 (37) 47 (104) cluq 	 3ibl. o i 
7 B -ES 5.9 3 4 (52) See Table 4.
*-ES 4700 43 (95) 29 (64) 71 (157) 
.E 
SS 3750 34 (75) 25(55) 59 (130) U SS 4.7 3 - (66) 
._ 
Uranus Orbiter 
B - ES 12.9 1 24 (53) See Table 4-9. 
(OlAssurning I/Z of &V corrections occur in transit phase, SS 10.3 1 3Z (71) 
1/Z in orbital phase. 
(2 )Assun~ng I/Z of correction maneuvers are performed by main (i)Solar pressure compensation for Mariner Mercury orbiter requires asymmetrical
thruster, others by monopropellant auxiliary thrusters. Reduced limit cycle (see Section 4. 6).
Ip (200 seconds average) reflected in data. (')These data represent spin/precession maneuver propellant in Pioneer missions,(3)Only A/ES auxiliary thrusters use bipropellant, average 	Isp = 260 sec. symmetrical limit cycles and reorientations in Mariner missions, 
7.7 PERFORMANCE NOMOGRAPI-IS
 
The nomographs shown in Figures 7-1 .and 7-12 permit convenient 
parametric performance evaluation for space-storable and earth-storable 
propulsion systems, e. g., assessment of variations in launch vehicle 
characteristics, maneuver requirements, propulsion module inert 
weights, etc. 
Curves shown in the upper left part of the nomograph represent two 
parameters of the rocket equationfor impulsive maneuvers, namely, total 
spacecraft inert mass and usable propellant mass. The upper right part 
of the nomograph gives injected mtass versus injection energy. Three 
launch-vehicle performance curves are shown, others can be added. The 
lower right portion shows AV requirements for orbit insertion, plane 
change and midcourse maneuvers of Saturn and Uranus orbiters with 
flight time as parameter. 
The example shown inFigure 7-13 gives the performance of a 
Saturn orbiter with a flight time of i700 days and a total maneuver capa­
bility of 2300 m/sec. The injection energy requirement is' iZ3 km /sec z 
The rectangle indicated -by dashed lines determines the propellant mass, 
inertrhass, and injected mass of the flight spacecraft corresponding to 
this-trip time,. Repeating this -evaluation fbr other trip times leads to the 
dashed curve Lp shown in the upper left area of the nomograph. The 
combined inert weight of the multi-mission propulsion module and pay­
load is indicated by a line designated L M
. 
The intersection PT' of the 
dashed line, LP, and the inert-weight line, LM determines the minimum 
flight time achievable by the system. For missions with greater flight 
time, i.e., points on line Lp above the intersection, the propulsion 
module has a. spare propel-lant, capacitythat"-can be read off the para­
metric lines WPR between the intersect point, PT' and the point of full 
propellant loading on line LM, The example shown in Figure 7-13 indi­
cates that with a total inert mass of 880 kg (Mariner payload plus propul­
sion module inerts) the full propellant load (780 kg) of multi-mission 
Module B is required to perform the Saturn orbit mission at the specified 
1700-day trip time. 
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Figure 7-11. 	 Mission Performance Nomograph 
(Space -Storable Propulsion) 
Note that the upper left section of the nomograph does not reflect 
can be accounted for by an increase inorbit insertion losses. These 
actual AV requirements. 
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F-igui:.e 7--ig. 	 Mission Performance Nomograph 
(Earth-Storable Propulsion) 
The .dtapresented by the'nomograph complement those given by 
the performance graphs shown in Figures 7-3 through 7-7, and facilitate 
the assessment of parameter changes and tradeoffs. They permit a 
determination of exchange ratios, for example, those between AfV c'pa­
bility, inert mass and propellant mass. 
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Figure 7-f3. Mariner Saturn Orbiter Performance Example 
8. DEtVELOPMENT PLAN AND COST ASSESSMENT 
8.. iPROGRAMMATIC CONSIDERATIONS 
One of the principal objectives of the study was to assess the costs, 
both recurring and non-recurring of the four multi-mission chemical 
propulsion modules as a function of the number of missions they might 
serve, and to estimate the total time required to develop and bring the 
stages to operational status. 
Development of a propulsion module for either a custom design for 
a specific mission or a multi-mission stage will begin from the technical 
(state-of-the-art) and hardware bases in effect at the time. Components 
such as rocket engines, valves and controls and, possibly, tankage may 
be adapted from other programs. However the time frame and new 
handling and interface requirements for Shuttle launch imply that most 
components are of new or modified design. 
The new size, Shuttle launch requirements and long flight duration 
imply a full propulsion development cycle, even if an existing engine were 
to be used. 
For NzO4 /IvIMH propulsion systems, a complete technology base
 
exists, on which to start development except possibly for some aspects
 
related to long life, e.g. , corrosion and material life.
 
For LF 2 /N 2 H 4 systems, rocket propulsion hardware is in an ad­
vanced technology status with flight qualification of a systenr not yet 
accomplished, and a longer development cycle will be required than for 
NzO4 /MMH. It is assumed that systematic technology development will 
continue, to be followed by a development program aimed at mission 
applications such as those considered here. 
The main incentive for a multi-mission stage develoDnint is cost 
saving. For a single mission, a custom designed stage rayhave cost 
advantages, however slight, over a multi-mission stage. It'aiso 
will have performance advantages because its design and size is opti­
mized for this mission. Custom-designed stages, will be almost-identica 
except for tank size, and thrust level.' Differences in dcvelkpnentf 6st 
.for cus tom'and multi- mission stages then depend on tl) nissibn,.' 2) 
availability of hardware, 3) type and quantity of prope-Llanfs .... 
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'Stages. of N,O.; and MMH, and to a certain extent LF /N7H,4 if 
aeveloped soon, would uncioubtecdly uli.ze hardware adapted from the 
.TiRW MN !.Pf. or JPI. Mariner progra:ns. in order to assess the costs 
for the multi-mnission stages -unde.r the periormance, reliability and 
safety requirements described previously (and in Appendix B), new pro­
pulsion stage costs were developed as an upper boundary. 
In order to assess the :nuli-mission stage program cost relative 
to a mnimurn cost program, direct application of ani existing stage 
(TRI's MMBPS) with only structural and the:rmal modifications and an 
unmodified, existing 90-l 1 engine was considered for comparison. Such 
a stage adaptation, suitable for a i;oneer Jupiter orbiter, launched from 
a Titan Centaur, was studied by TRW under NASA/Ames contract 
(Reference 7) and serves as a reference. 
Between these cost levels will lie the various alternatives for pro­
pulsior. systen development. If development wore to proceed on a mnis­
sion-by-mission basis, each subsequent develop:nent may be less costly 
than the previous one but the total must obviously bu greater than a single 
development. 
Differences in tei propu!ion system hardware development items 
between the various stages are indicated by X's in the chart below. 
E.S. 
Nz0 4 /M
Module 
MH !,F
A 
S.S. 
2 IN-H 4 
I.S. 
N9 O4/M
Module 
MH Is, 
B 
S.S. 
2 IN2H-4 
Gimballed engine X X 
Bipropeliant ACS X 
ACS porooellant 
main tanks 
in X X 
Capillary propellant 
acquisition 
(N 2 -?4 only) 
X 
Sun shade, deployable X 
Cryogenic tank X X 
It is expected that nlssions to the outer planets will be performed 
earlier than the Mercury mr.ssions. This places emphasis on the 900 
Newton (200 lb,) thruster development having a higher priority than 3600 
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Newton (800 u rs . (it should le 11,t A that 9 u.s,;d a11) f thr',; NIAriI Ir 
i 00 'v.,ton (300 11) z0.)4 /MI (1 thrtl.str wlhic.h has . spec:fic illitulse 
of .90 see. ) 
" C0 	 ,IN3S8. z . 'IIN( G G Dr)o.; 
our ist o: ots and tn:ie recxnunitts arc an!:.:!zttd for et: 
four 	sta>', -o 1e and ":,cctn .S.opr estonted shov'i 
"n; 	fol'owin,c gutc7lit:cj wVrC use!. 
o IFonr bancline xntlti-r:tission stages were defined:A-N 0 /MM 'II, A'\- IN/.iiI , )/~ fi ,i~
AA20 4 2hM17%011L.. N4 I \:M!, aIndi4' () 
B -F';" IN 11. 
o 	 Stages :;ized and optiiizccd for o:. afl;n-.otrs "-....... 
tne 1 9P38 c Orliter "'>35-day fignbt, (-oX,'(i.lgat 
0 	 Syster-t perfor:nance of ti:; co:li,tlrtt:0! 'va:; ds'sess;, 
for the otte t ;~n 
o 	 ifii s;tage.,o' designs; wre preparcd for the other 
rnli using components from the "an:.fln Mercury.s.O.i 
'systern 
0 A d!evcl::tert :tart d:awe cd I .JI:tann"ar'" 1976, arna a ii­
ils..:n-cost delop'/.-lnopl :cheltle were estahln.hect. 
Fir.s :neais:; a fairly short .,c!Iecl [or the Nz0 4 / AMI. 
syste ;Ld a longer one for the F / IN ziH{*sysm., This 
(date is sugge.st"d to :a;s early an(! tt ei 
of-tfte-zirt b.rtc1h-m;ar<s Ler the wtxdy 
-, 	 'evelopment costs were gencrated c:m citncr/or (inde ­
pe(i.dent) l>tsis not oni the basis tha: two or norc stemis 
-are 'started at once 
o ost " for th". re ru:,!c( to T.... . pV 
rogran-"s. .ab.or, n.at.r].tls and ovt.aCd rate ass.I.•np 
:on ,v:.tiois .vcr tilt!ttly agrt,-e x. t :N AA ar re:;r.c: w 
Indu sitry 
,/:re expressd( iW "a-W(lad a 
date I Jatuar': !9,5 
o 	 Costs "("a ba:Cs. om . fied>.e 
o 	 It was ..s..n,e- tha progral:s ,,,ii 1;e r:on tdlctcd -ti 
iCCo.%anct: wit usuat sp,.cecrt prop,::sion :e'r,'qlnimfln 
procEeure s 
o 	 Stage hardwar is assturid to be delivered to he govern ­
ment to payload v'ehicle int<:ugration. 
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8.3 	 COST ELEMENTS 
Key 	elements of propulsion developent consist of: 
1) 	 The engine, often a pacing iten:: 
2) 	 Tankage, including propellant acquisition devices 
3) 	 Valves and controls 
4) 	 Attitude control systen. 
Other aspects of the system development which may pace development of 
the type of system described here include: 
1) 	 Materials and processes for LF 2 use 
2) 	 The sun shade (used by the Pioneer Mercury orbiter). 
The 	cost elements developed for this program are: 
* 	 Engine predcvelopnient 
* 	 Other predevelop:ncnt technology (i.e. , valves, 
materials and processes) 
* 	 ACS development 
* 	 Engine development 
* 	 System development 
Design and system definition studies are not included. 
8.4 	 SUMMARY DEVEIOPMIENT SCI[EDUiE 
8.4. 	1 N 0 /MM-1 Devclopmcnt Schedule 
Figure 8-1 shows a typical development schedule for an N20 4/MM.A 
propulsion stage. The first eight months shown represent an optional 
eight month technology cycle the purpose of which is to demonstrate 
the technology necessary to begin full development of a propulsion stage 
or module. Ifan existing engine can be used, the overall cycle can be 
shortened.
 
Time recuired from development go-ahead to flight-module delivery 
is 30 to 44 months with 36 months being typical. If an engine predevelop­
ment is required then the cycle is 38-44 months. Aerospace ground­
equipment deliverie: can precede the flight hardware deliveries. 
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LF2LNZ 4 Development Schedule 
Figure .8-Z shows the schedule anticipated for development of an 
LFz /N2 H 4 propulsion system. This development schedule is similar to 
that for N 2 0 4 /MMH except that technology- work is mandatory. An esti­
mated twenty months of technology work on engine demonstration, valve 
technology for engine and propellant isolation valves, and materials and, 
processes will be needed before a development comparable with the 
NZ0 4 /MIMH program could be started. 
Once started, the propulsion module development should progress 
with all deliberate speed from the base of technology established p re­
viously. Stretchout of the program would cause additional costs. 
Duration of the F 2 IN2 H 4 development program is thus apprbximately 
50 to 53 months. This compares with approximately 38 to 44 months for 
NzO 4 /MMH system. These estimates are based on the assumption that 
no-major technical difficulties are experienced. 
Since technical risk is higher in the LF 2 IN 2 H4 development pro­
gram the longer technology period is recommended, so that technical 
questions can be resolved prior to full commitment. 
Spacecraft-development cycles can be even longer. An obvious 
conclusion is that if fluorine propulsion is needed in 4 or 5 years, the 
needed technology work should be instituted so that decisions can be 
made at an early date. 
8.4.2 Custom Designed Propulsion Module 
N- 0 /MMH Propulsion Modules 
Custom-designed propulsion modules, developed to meeththe, same 
performance, reliability and safety requirements will be very 'similar 
in schedule and cost to a multi-mission module. 
Cost savings in development would result from use of eki'stihg hard­
ware. However, since each system must undergo system:tests and be­
cause the urge to modifyr is ever present, large savings a5r'not possible 
unless a complete propulsion system can be adapted. ,-:" 
Spacecraft propulsion systems which might be adaptd include the 
JPL Mariner with 440 kg capacity (970 lb m in 2 tanks), TRIkV s:A4 PS 
8-6
 
EVENT TITLES YEARI YEAR2
TECHNOLOGY START 
ENGINE PFEDEVELOPMENT/VALVE TECHNOLOGY/ I 
MATERIALS AND PROCESSES I -
PREDEVELOPMENT VALVE AND MATERIALS ._ . . . 
DEVELOPMENT GO AHEAD 
BREADBOARD FABRICATION AND TEST 
ENGINEERING MODEL FABRICATION AND TEST 
ENGINEERING MODEL INTEGRATION AND TEST 
DESIGN REVIEWS 
-NO. I 
NO. 2 
NO. 3 I 
PROCUREMENT CYCLE 
QUALIFICATION TEST PROGRAM 
UNIT FABRICATION 
UNIT TEST 
-------
- - - - - - -PROTOTYPE 
UNIr FABRICATION AND ACCEPTANCE TEST I 
ASSEMBLY AND'TEST 1 
PROTOTYPE MODULE DELIVERY I 
FLIGHT HARDWARE 
FABRICATION AND ACCEPTANCE TEST 
--
ASSEMBLY AND TESTj 
MODULE DELIVERIES' 
AEROSPACE GROUND EQUIPMENT 
ELECTRICAL AEROSPACE GROUND EQUIPMENT 
SYSTEM TEST SETS 
DESIGN REVIEWS--FABRICATION AND TESTDELIVERIES - -l---­
- - -- -
MECHANICAL AEROSPACE GROUND EQUIPMENT I 
DESIGN REVIEWS 
FABRICATION AND CHECKOUT 
. ' DELIVERIES 
J +A 
oov_ 

YEAR 3 YEAR 4 YEAR 5 YEAR 6 
J JN D JE M J - J M 
J-A5 z1MA J- MJ J ASJFM MJ A S 0 NjI 
i TM 
-- I ] 
(IF REQUIRED) TPCLBACKUP UNI 
EARLY DELIVERY-i 
- I 
I 
I O. 84 
Figur 8-£L3/z 4 ifiet 
Schedule 
8-7 
600 kg (1300 lbin in 4 tanks), or JPL Viking 1408 kg (3097 lb in Z 
tanks) capacity sytems. 
Orbiters based on these stages might be possible for the outer­
planet missions with Pioneer and Mariner class payloads;however 'either 
would require major repackaging. 
The estimated schedule and cost for an outer-planet orbiter based 
on repackaging components from these systems is 24-30 months and 
approximately 1/3 the cost of an all new multi-mis sion module or all 
new custom stage. Such a repackaged stage would have'the folloving 
disadvantages compared with multi-mission stages. 
i) Propellant expulsion bladders are of questionable
reliability because of the long flight time 
2) The system may not be suitable for Space Shuttle launch 
3) It would not have as high a mass fraction or specific impulse. 
Adaptation of any custom design to a new mission requiring a signi­
ficant tank or structure change will require a lead time of at least 18-24 
months *o build, wring out, and qualify. Engine and control conponent 
can remainthe same provided their original sizing is for the 800 lbf 
level. 
L_FI N z2 H 4 Propulsion Module 
The first custom or multi-mission propulsion module to be qualified 
and flown using LFz/N 2 H4 will incur significantly higher costs than sub­
sequent modules. However, costs of subsequent adaptation and requali­
fication should approach those of the NZ 0 4/MMH stages. No existing 
stages can be used for adaptation. However, some use of existing 
hardware on the N2 H 4 system may be possible. 
8.5 D.EVELOPMENT COST ESTIMATES 
Comparison of Multi-Mission and Custom Designed Propulsi6dY" 
Modules 
Shuttle-launched custom stages built to the same peifornan e, 
reliability and safety specifications as a multi-mission modal&,- are . 
very likely to have the same non-recurring cost. The differ, nce in tink" 
and test costs is insignificant within the accuracy oft estimating-. Recurring 
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cost would, of course be much higher for custom--designed stages. For 
non-recurringcustom-designed stages, system development, normally a 
cost, would continue tcbe a recurring cost. Each new configuration 
would require $5-7 million to modify and requalify assuming a single 
hardware set for requalification. 
Table 8-i shows the estimated non-recurring and recurring costs 
for the systems considered. The earth-storable cost data represent an 
all-new system designed for Shuttle launch requirements. As a basis of 
recurring cost data a production run of 10 propulsion modules is assumed. 
Cost data given in the table represent recurring costs of I out of a total 
of 10 modules produced. 
Table 8-I. System Cost Estimates for Multi-Mission Modules ($K) 
Module A I Module B Repackaged 
N ew Space- ExistingNew pac 
Storable StblCos ElmnsEarth-
th Storable __________ Storable__IStorableCost Elmens 
NON-RECURRING COST 
1. Configuration with 800-lbf engine 
Predevelopment 450 2,996 450 2,996 
Module development 15,510 Z1,330 15,510 Zi,330 5,100 
Sun shade ii50 
AGS engine, bipropellant 1, 640
 
AGS monopropellant requal 250 250 250
 
Gimbal actuators 
 300 300 
Total 	 17, 600 Z5, 726 16,510 24, 876 
Alternate Configurations 
2. Module with existing 96-lbf 15, 650 - 15,560 	 5,100 
engine 
. -­3. Module with 200-ibf engine 17, 580 25,550 
4. 	 Module with-two engines)ngines 19, 080 Z8,110 18, 010 26,876 
(ZOO- and 800Llbf) I 
RECURRING COST* 
Module system 1,170 1,470 1,170 i',470 9z0 
Sun shade, acceptance 200 
10 bipropellant ACSE Z73- . . . ­
10 monopropellant ACSE 250 
400 400 -.16 monopropellant ACSE 

Gimbal actuators 100: - 100
 
'917-Total 	 .1,443 1,920 _ 1,670 "-1,170, 
Based e a production run of 10 stages. Costs shown are for one stae" 
-8.-9 
Under non-recurring cost a breakdown of development cost items 
is given for Modules A and B with an 800lbf thrust engine. Costs for 
three alternate configurations are also listed but without a cost 
breakdown.
 
The recurring cost elements are very similar for each module 
irrespective of the type of configuration considered; thus only one set 
of cost data are listed in each case. 
There is approximately $8.4 million cost difference between 
the F INH 4 stage compared with the N 0 4/MMH stage. Of this, approx­
imately $3 million consists of technology expected to be needed to assure 
a low risk development,and $5 million is related to the additional engi­
neering, hardware and test costs during development. 
The sun shade required by the LFIN H4 Module A is also a 
significant cost item. 
Module A and Module B are not greatly different in physical size 
and have the same maximum thrust level. Except for the sun shade and 
fewer thrusters on the space-storable Module A they are similar in 
complexity. The only significant differences are in tank size. Lines, 
valves and engines could, and most likely would, ,be identical (and 
sized for 800 lbf). Since there is little difference in equipment and 
complexity, development costs are very similar. 
The repackaged existing stage is shown for comparison and repre­
s-ents the cost of repackaging the components of an existing N 2 0 4 /MmiH 
propulsion system in a new structure, with a monopropellant ACS sys­
tem and requalifying it for flight on Titan/Centaur as mentioned, pre­
viously (Reference 7). 
Table 8-2 lists the cost elements used to prepare Table 8-i. 
No facilities costs were included. 
Figure 8-3 shows cumulative costs of multi-mission module pro­
curement compared with single-module procurement for Module A with 
an earth-storable (left) and space-storablepropulsion system (right) 
as function of the number of flights. These results are based on cost 
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Table 8-Z. Cost Elements in $K (January 1976 dollars) 
NZ0 4 /NH LFZ/N 2 H 4 N 2 0 4 /MMH 
Cost Elements 
ZOO lb 800 lb 200 lbf 800 lb Repackaged 
Predevelopment - nonrecurring 
996
i. Engine predevelopment 430 450 980 
Z. LF valve programs 	 1,000 1,000z 

3. LFZ materials and processes 	 1,000 1,000 
Predevelopment package 430 450 2,980 2, 996 
Development - nonrecurring 
4. Module development (one engine) 15, 510 15,510 21, 330 Z1, 330 5,t00 
5. Sun shade, Module A only 	 1,150 1,150 
6. ACS engine 	 1,640 1,640 
7. Gimbal actuators 	 300 300 
8. Monopropellant requalification 250 Z50 Included 
Recurring 
9. Main system, I 	each of 10 1,160 1,170 1,460 1,470 1,170 
10. 	Sun shade Z00 200 
11. 	Set of 10 bipxopellant 273 Z73 
ACS engines 
12. 	Set of [0 monopropellant Z50 Z50 Z50 Z50 Included 
ACS engines 
13. 	Set of 16 nonopropellant 400 400 400 400 
ACS engines 
14. Gimbal actuators, set of Z 100 100 100 100
 
Basedoon a production run of P0 stages. Costs shovn are for one stage
 
MODULE A EARTH STORABLE MODULE A SPACESTORABLE 55.1 
50 
A= $6.0 M 
INDIVIDUAL 42.6 
Z PRCDUCTION 
z
4o0 =$5S19M 	 35.7 
MULTI-MISSION 
. a=S1.92M 
PRCDUCTIONS0 a=$ 1.44M 
30 
24.8 26.!. 
U 17.6 
1 	 2 3 4 5 6 I 2 3- t S 
NUMBER NUMBER Or M)SSIONSOF MISSIONS 
Figure 8-3. 	 Compayiso~l of Cumulative Cost of Individually Produced 
Propulsion Modules Vs. Multi-Mission Module Productioi 
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data in Table 8-i and the incremental cost of $5 to 7 million for indi­
vidual production mentioned earlier. The two bar graphs illustrate the 
rapid accumulation of higher costs in the individual procurement, 
amounting to differences of $17. 8 million and -$Z0.4 million for the 
earth- and space-storable systems, respectively, assuming 6 flights. 
It should be noted, however, that programmatic decisions to be 
made by NASA regarding the possibility of procuring several stages at 
one time rather than individual procurement have not been reflected in 
this analysis. If multi-mission stages would be procured sequentially 
with an appreciable time elapsing between procurements, not all of the 
cost advantage depicted in Figure 8-3 would necessarily be realizable. 
Table 8-3 lists cost elements for the repackaged existing stage. 
Costs presented here are based on the experience of TRW and other 
industry and government organizations. Accuracy of these earth­
storable stage cost estimates is considered 	good, and may be 
conservative if many existing components can 	be found which meet the 
system specifications. 
Table 8-3. Repackaged Stage Costs in $K 
Z, 7C01. 	 Nonrecurring (i set) 
1,4002. Nonrecurring propulsion cost-basic 
3. Monopropellant (included) 
4. System requalification: 
i. zooI Set hardware 
1,450 0Qualification testing 
370Test tooling 
180System engineering 
Z505. Structure 
250
6. Thermal 
7. Total recurring 	 5 100 
8. Deliverable stage hardware (includes $250K for 	 1,170 
ACS 	 thrusters) 
6, Z70 
"This analysis is representative of repackaging an existing stage 
(see Reference 7) 
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9. 	 NEW TECHNOLOGY REQUIREMENTS 
AND COST EFFECTIVENESS 
9. 	± TECHNOLOGY ADVANCES REQUIRED.
 
FOR MULTI-MISSION MODULE
 
A major study objective was to identifynew technology items neces­
sary or desirable to meet the performance objectives of the multi­
mission module most effectively, and to assess their cost effectiveness. 
New technology is necessary to accomplish some of the specified 
missions launched by the Shuttle and Shuttle upper stages. There is a 
critical need to conserve injected weight in some of the missions. The 
higher -performance, space-storable F 2 /NzH 4 propellant combination -is' 
needed to perform many of the Shuttle-launched missions with the IUS or 
even with the Space Tug. At the large propellant weight-to-inert weight 
exchange ratios typical for this mission range, a id0-kilogram saving in 
inert weight can yield up to 500-kilogram savings in total injected weight. 
Thus, the cost of propulsion technology development could avoid even more 
costly payload accommodation problems. 
Ln this context, time is an important element. The multi-mission 
module flight programs are intended for the mid-i980's with the advent 
of Space Shuttle. Technology advances are achievable if development 
starts inmediately. Available lead time must be factored into the 
technology-versus-cost assessment and could become-a sensitive factor 
if underestimated. 
The new 'technologies most necessary, and the benefits to be gained, 
are summarized i-n Table 9-I. 
9. 1. 1- Deployable Sun, Shade 
For spin-stabilized (Pioneer class) spacecraft missions to Mercury 
using LF 2 as ani oxidizer, an excessively high heat load would result if a 
sun shade were not used. The spin-deployed sun shade protects the tanks 
as they turn, yet allows them an adequate view factor to cold space. 
In Mariner class missions a simpler., stationary sun shade with 
deployable wings is used which is not a new technology item. 
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'Table 9-i. 'Summary of New Technology Requirements and Suggedted Innovatiois 
Improvement Categqry . Cost $M 
New Technolog 
1. Deployable 
Z. LF2 /N r4I4 
. 
sun shade 
800 lb. engine technology Demonstrate feasibility at I - 370 +sec. 
370 + e. 
. . *. 
Essential for Module A- for MOercury: " 
Essential for LF 2Mercury m 
4 
Esnilfr ecr sLn 
, i: 50 
Vsatns" 
3. LF 2 /N 2 H 4 200 lbf engin.e technology Demonstrate feasibility at Isp 370 + sec. Essential for LFi2 Mercury missions 0.981 
4. Long-life isolation valves for LF2 Essential for LF 2 /NH 4 systems 1.000 
5. LF 2 materials and processes technology Determine compatibility and passivation Essential for LF 2 /N 2 H 4 sygtems 1.000 
6. Improved Isp 200 lbf N 2 0 4 /MMH engine Demonstrate increase in Is state of the 
art to approximately 310 se. 
Beneficial 1.930 
N 7. 
8. 
1 
Development 
thrusters 
24proved800 lb N.O4/MIH engine 
sp I 
of Z lb, N 2 0 4 /MMH ACS 
Demonstrate increase in I SOTA to
~approximately 310 sec. s 
Reduce ACS propellant approximately 
1/3 for Module A with earth-storables 
Beneficial 
Beneficial 
.5 
1. 650 
Suggested Innovations 
9. Technology of N OA/N H4 
200 lb1 alternative to 6. 
engine - Allows common tanking of ACS and 
main propellant 
Beneficial 2.430 
10. Technology of N0 4 /N 2 
800 lb1 alternative to 7. 
H4 engine - Allows common tanking of ACS and 
main propellant 
Beneficial 2. 450. 
II. Development of 2 lbI N 2 0 4 /MMH 
bimodal engine 
12. Technology of N 2 0 4 /N 2 H4 bimodal 
engine 
Allows common tanking of ACS and 
main propellant 
Allows common tanking of ACS and 
main propellant 
Beneficial 
Beneficial 
3.000 
3.000 
Heat pipe would reduce cost to $0.2 million 
9. 1. Z Engine Development 
LFz/N 2 H4 800 lbf Engine 
An optimum Mercury mission necessitates an LFZ/NZH4 engine 
of the 800 ibf (3600 N) class (see Sections 3, 7). No fully developed or 
qualified engine of this type exists. JPL has demonstrated a prototype 
with approximately 360-366 seconds of Isp at the 6 00-lbf thrust level, 
but further progress is required before starting a full development pro­
gram. This engine is required for both Pioneer and Mercury class 
Mercury orbiters. 
LF 2 /N 2 H 4 200 Ibf Engine 
No fully developed LF IN H4 engine exists at the 200 lbf (900 N)2 24 
level. This engine is essential for Pioneer and Mariner outer-planet 
orbiters. 
9. 1. 3 Long-Life Isolation Valve for LWZ 
Mission durations of 10 years or more require a suitable propel­
lant isolation valve. The development of this valve is essential for all 
flights with LF 2 . The valve must not contain any metallic materials 
that would be in contact with fluorine or in any possible fluorine leakage 
path. This valve also could function as a propellant dump valve if 
properly sized. 
9.1.4 LIF2 Materials and Processes Technology 
Tank containment and the use of LF in a rocket engine over 
periods of 10 years raises unresolved questions of fluorine compatibility. 
Corrosion and pitting are the main concerns. 
TRW has used an LF 2 stainless steel storage tank in 'ground-based 
operations for 8 years; however, an analysis of stainless steel compati-­
bility and applicability in the orbiter missions has.not been performed. 
Storage tests of about I year of aluminum, and titaniim a.lloys in" liquid 
fluorine have yielded promising but not conclusive results: 
Laboratory testing also must answer questions of passivation p ro­
cedures for components before assembly and LF2 tankage passivation­
before shipment. 
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9. L. 5 Development of Improved NZ0 4 /IMMITEngines 
z00 lbf Engine 
Present engines for the N0 4 / MMH propellant combination in the 
90- to 300-pound (400 to 1300 N) thrust range have a specific impulse of 
285 to 295 seconds. Higher specific impulses can be obtained. If a 
higher level of performance c-an be shown to have a relatively -low 
cost, engine development may proceed on a firm technology base. 
This technology is beneficial for Pioneer and Mariner class-outer 
planets orbiters with N0 4 /MMH. 
I 800 ibf Engine 
An engine presently under development (Marquardt Shuttle RCS 
engine) for the Nz0 4 /AMAH propellant combination in the 800 lbf 
(3600 N) thrust range has a specific impulse of 285 seconds. Higher 
specific impulse (Up to 310 sec) can probably be achieved with further 
engine technology development. If demonstrated, this technology would 
great1, benefit Pioneer and Mariner class Mercury orbiters using -
N 2 0 4 /MMH. , 
9. 1.'6. Development of 2 lbf N 2 0 4 /MMH ACS Thrusters- and 
N 2 0 4 10-Year Life Capillary Acquisition Device. 
For Module A with the earth-storable propellant, increased payload 
performance can be obtained by use of bipropellant ACS. Development of 
a system with specific impulse performance of approximately 300 seconds 
appears technically feasible, -and estimates indicate itcould be flight 
qualified within 15 to 24 months. Its cost of $1, 650K is included in Table 8-i. 
9. 1. 7 -Development of N2 0 4/NzH 4 Engines 
Development of N 2 0 4 /N 2 H4 engines would allow commonality of 
axial (.AV) hydrazine fuel and ACS hydrazine with the result of flexibility 
and improved performance. A demonstration of engine performance and ­
stability is considered in the cost estimates in Table 8-1. 
Engine development could be initiated for a conventional liquid­
liquid injector or a bimodal (also called dual-mode) engine. A 
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bimodal engine is more flexible than a conventional engine: it can per­
form maneuvers without oxidizer by operating on residual fuel at a lower 
thrust than with both oxidizer and fuel. 
Technology development for a Nz0 4 IN2 H4 engine will benefit 
missions that are likely to use earth-storable propellants, particularly 
those that can be performed by Pioneer-class orbiters. 
9.2 SUGGESTED INNOVATIONS 
9. 2. 1 Concurrent Development of 200 and 
800 lbf Engines 
The requirements and schedule of Module A suggest that, during 
the development phase, components should be sized for the 800 lbf 
(3600 N) thrust level. The bipropellant valve designed for 800 lbf also 
will be suitable for ZOO lbf. 
Because missions to outer planets probably will precede Mercury 
flights, the 200 lbf engire should receive a higher priority. However, 
if this engine wmere developed first, the valve might not be suitable for the 
larger engine. 
Concurrent development would produce cost savings in program 
management, material procurement, design and engineering, and testing. 
Work could be coordinated: and new skills shared. If both engines shared 
a common test setup, further savings would occur. 
9. 2. 2 Concurrent Propulsion Module Development 
Common. Propellant 
Development of two propulsion modules concurrently, e. g., earth­
storable. Module A and Module B, would be very economical. Valves and 
pressurization could be identical. Structures could have the same con­
figuration. However, the larger load to be accommodated by Module B 
would require a reinforced central structure and stronger tank support 
struts than for Module A. Structural commonality would penalize 
Module A by at least Z0 to 30 kg of increased inert mass. Module B 
would require engine gimbals and have 16 monopropellant thrusters 
instead of 10 bipropellant thrusters. Otherwise, except for the tanks, 
they would be sL-nilar. It appears that totally independent efforts would 
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cost several million dollars more if both Pioneer-and Mariner missions" 
to Mercury and outer planets were to be used. 
Different Propellants 
Concurrent development of stages with different propellants also is 
possible. Although the tank size for earth-storable is larger than for 
space-storable proiellants, the fuel side of a N2 0 4 //M.MH system is quite 
suitable for use with N 2 H4 . Since the selected configurations of Modules 
A and B are so similar, itappears that commonality of structure, iuel 
tank and engine compartment could be achieved. This might allow a: 
beginning of the multi-mission module development before fluorine use 
has been approved. 
9.2.3 Conversion from N O4/MMH to LF2 IN2H 4 
A delayed conversion from N2 O 4 /MMH to LF 2 / N 2 H4 could be more 
costly because components will not have been -designed to accommodate 
both propellants. Mission scheduling would also be adversely affected. 
If more than one type of stage is to be developed, an initial design 
approach with thermal characteristics suitable for LF 2 /N 2 H 4 and a tank 
size suitable for N 2 0 4 /INLMH would be advantageous. However, overall 
desirability of such a development has not been established. 
9.3 	 ESTIMATED NEW TECHNOLOGY EVOLUTION, 
SCHEDULE AND MILESTONES 
4 depends 
and normal lead times for hardware and engineeriing. For the LF IN H 4 
combination, approximately $3,000,000 for predevelopment is required to 
The 	evolutionary schedule for N 2 O 4 /M - on fundingplans 
allow full scale development starting in fiscal year 1978. Thus, no 
flights with LF 2 /N 2 H 4 systems could occur before mid-1981 (or, with 
more conservative spacecraft lead time'estimates, not before 1982). 
Figure 9-1 shows mileposts for a scenario of technological evolu­
tion of-both types of propulsion systems, assuming prompt and adequate 
funding without undue haste in the conduct of the programs. 
Figure 9-i includes the schedule for repackaging existing com­
ponents into a structural configuration similar to the earth-storable 
multi-mission module for launch on Titan/Centaur (see TRW's Pioneer 
Jupiter Orbiter Study, Reference 7). 
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OPTIONS SYSTEMS FOR MODULE A OR MODULE B,2 YA 
I N2O4/MMH SHAPE WITHEXtSTING COMPONENTS (MINIMUM 
COST OPTION) 
START REPACKAGE 
DELIVER REPACKAGED SYSTEM 
LAUNCH OF MINIMUM COST SYSTEMS 
. 
2 MULTI-MISSION MODULE I - EXISCING TECHNOLOGY 
START DEVELOPMENT 
DELIVER FIRST FLIGHT SYSTEM 
FIRST FLIGHT-TYPICAL 
, 
3 N204/MMH, MULTI MISSION MODULE ADVANCED TECHNOLOGY 
START ENGINE PREDEVELOPMENT 
DEMONSTRATE ISp = 31e SEC 
COMMIT TO MISSION AND BEGIN MULTIMISSION MODULE 
DELIVER FIRST FLIGHT SYSTEM, 
FIRST FLIGHT 
, z ' 
. 
- . 
-
, 
LI= 4 LF2/N 2H4 MULTI-MISSION MODUL 
-d 
C,:i 
LF2 TECHNOLOGY 
DEMONSTRATE cIp = 370 + SEC 
START MODULE DEVELOPMrNT 
DELIVER FIRST FLIGHT SYSTEM 
FIRST FLIGHT 
-,t 
" 
*COMPARABLE TO PROPOSED PRIONEER JUPITER ORBITER STAGE (REFERENCE 7). 
Figure 9-1. Availability Schedule of Propulsion Module Types 
-	 Si m onths ..:ater, an alternate, newer, NZ4/4 MEvlH system with 
rnp,{6ved co nponen s could be ready. This stage could incorporate

advanceatechnoogy except for using an existing engine.
 
Eight months later, a system with an improved engine could be
 
available," If desi.ed,. N 04IN H4 engines could be available on the
 
24- 2
 
same schedule -A. LFIJN - system could be, available twelve months
 
.4 --' -! J - . . 2 4 
later. 
-9.4 -c'OST; 'FF-E-CTIVENESS ASSESSMENT 
'9.4. i Qualitative Assessment 
-Instead of making a 'quantitative cost-benefit assessment, overall 
system performance improvements made possible by advanced propil­
sion technology will be considered in a more qualitative manner. A 
recent J-PL study (Reference 2) evaluated cost-benefits accruing from 
-increasedASV capability in Jupiter and Saturn orbiter missions. A ,unit of 
.:value was defined and evaluated based on opinions of mission planners and 
scientists using a Delphi assessment technique. Examples of resulting
 
mission benefits versus time in orbit at Jupiter and Saturn are shown in
 
Figure 9-Za and b. In these cost-benefit graphs, the increment of
 
scientific value, gained by extension of time in orbit and by additional
 
orbital maneuvers, is estimated that accrues from the exploration'of 
.phenomena not observable in the preceding orbital phase. For example, ­
in the Jupiter orbiter mission the initial (referende) A.V requirement of 
i375 m/sec establishes the orbit and permits. continuation in the, initial 
orbit'for seqrral'years -at"a fixed rate of increase of scientific value per
 
.year. NeW maneuvers raising the total AV requirement to 1625, 1875,
 
and ultimately to,Z750 rn/sec increase the rate of change of scientific
 
value comparedI with the fixed rate of the mission with unchanged
 
orbital characteristics.
 
Broadening of the scientific and programmatic figure of merit may 
include criteria such as the -following:.­
* 	 - Payload, mass ircrease 
* 	 - Flight time reduction, with resultant increase in 
- reliability and mis sion cost reduction 
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Figure 9-2. Benefit Functions for Planetary Orbit Missions 
'FrinTPL study, Reference 2 
o. Mission flexibility improvement, e.g., increase of the 
launch window 
o 	 Improved planetary exploration strategy permitting 
scientific results to be taken into account prior to making 
mission profile changes ("adaptive" mission strategy) 
o 	 Increased probability of success by permitting maneuvers 
to escape hazardous environmental conditions (e.g., change 
in periapsis altitude to avoid high particle flux, high thermal 
flux, or possible early impact on the planet surface) 
* -,Reliability increase by adding weight for redundancy 
* 	 Payload cost reduction by'relaxing weight and size 
constraints 
* 	 Reduction of the booster cost through lower launch 
vehicle performance requirements 
* 	 Achievability of missions that would not be feasible without 
the advanced propulsion technology. 
Increased payload mass is aprimary concern in mission-planning 
and includes in part some of the other items listed above, such as added 
redundancy weight. Payload mass increase is inherent in the ability to 
perform planetary exploration by Mariner class rather than-only Pioneer 
class orbiters with the possibility of accommodating more sophisticated 
instruments, .such as higher-resolution-image systems, on the non­
spinning spacecraft. 
* Payload mass increase also implies cost reductions by permitting 
adaptation of existing subsystems and/or scientific instruments without 
-costly redesign. 
Another possible benefit of-payload mass increase is--tH ability 
to carry a planetary entry probe to the target planet. The addition of the 
entry probe means primarily added takeoff weight, not added inert weight 
during the orbital entry maneuver. However, it also requires additional 
onboard equipment such as relay communication system, and other probe 
support hardware. Mounting of the entry probe does not necessarily in­
crease-the height of the flight spacecraft. In the nonspinning configuration 
one or several probes could be mounted off-center without imposing mass 
distribution problems. 
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Greater mission flexibility is of particular value in connection with 
the use of the Shuttle orbiter as launch vehicle. An increase in launch 
window duration made possible by increased spacecraft propulsion 
capability will make the tight turnaround schedule between'Shuttle flights 
a less severe constraint on launch operations. 
Adaptive strategy of planetary exploration is becoming a matter of. 
increased interest to mission planners and scientific experimenters.' In 
all missions being considered the physical environment and potential 
hazards existing at the target planet or cornet are largely unknown at the 
start of the mission. With orbital periods of the order of 30 to 50 days in 
the "cas)e of outer planet missions there is wide room for orbit-to-orbit 
decision making on how to shape subsequent orbits by application of orbit 
change impulses. Many options exist for changing the orbital phase 
through repeated satellite encounters. A concurrent JPL study of Saturn 
orbiters (Reference 30), has established that major orbital plane changes 
and apsidel line changes can be achieved effectively by repeated flyby 
maneuvers of Titan with relatively small AV expenditures. 
In comet rendezvous missions, maneuver requirements to explore 
the comet more fully after, establishing rendezvous are quite modest, 
typically i00 to ZOO m/sec, depending on the comet, the length of time 
of stay with the comet, and range of excursions to be performed. Pre­
viously these missions were believed to be the domain of solar electric 
propulsion and have been awaiting the advent of that technology. As 
shown by the performance assessment, a wide range of possible comet 
rendezvous missions can be performed and thus the cost effectiveness 
of introducing advanced chemical propulsion is greatly increased. 
. Table 9-Z lists advantages achievable by using space-storable 
instead of earth-storable propellants versus specific benefits accruing 
in terms of scientific mission yield, mission success probability, cost 
reduction and program management factors. These factors are given a 
tentative value ranking, and scores of maximum benefits are indicated 
for each category by circled figures. 
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. Table 	9-2. Rating of Advantages Achieved by Space-Storable Proplisioi 
- -Cost Reductions-,---
Specific	 Sfit
4, .w 
O 0 .0 0 .o' 0b Categories of j44 10 . o g 0 
Advantages 
Achieved £ O 
04 '0 
2 3Payload increasex 	 x 1 1 
4 
Missions made feasiblexx xx 
(Uranus, comets) ,
 
xMore missions achievable by 
xx x . 4 
N 	 Flig ht im e red cion 
5
 
',x 
,.x -x'	 xLaunch window increase Increased AV capability/ 
adptive mission profile 	 0 
(e.g., satellite encounters) 
(ex oa 
Ide s inati on 	 .Flasard avoidance at .S, 
.
 
maneuvers),' 
® 3 '3 2,2"Score~ 
xNotes: ' . FRelaxed eight constraintsa components 5 
IRedundancy weight added for greater reliability 
other missionsAdaptation of existing hardwe to 
4 Additionai 	Shuttle traffic
 
capability implies simpler navigations
5 Higher AV 
9.4. Z Performance, Cost and Risk Considerations 
Cost-effectiveness analysis must take into account three principal 
criteria from which a figure of merit can be derived, namely performance, 
cost and risk. 
The performance criterion includes such factors as payload capa­
bility, flight time reduction, and extra naneuvering capability that .will 
enhance scientific mission yield. 
The cost criterion includes cost savings due to improved design 
approaches, simpler test procedures, etc., and reduced mission time. 
The latter aspect of cost reduction can be very significant. For example, 
in concurrent JPL studies typical mission cost per year of transit is 
assumed as $6 to 7 million, and cost per year in orbit- (which requires 
more intensive ground operations and support) as large as $13 million. 
The risk factor includes development risk, mission success (or 
failure) probability, and safety considerations, especially those involving 
ground handling and launch of the systent by the Shuttle orbiter. It inter­
acts with performance characteristics since higher payload potential 
implies, a greater redundancy weight allowance, and lower flight time 
implies higher success probability, as discussed in the preceding section. 
For purposes of cost-benefit analysis -the cost of technology im­
provement is accounted for as a separate"item from the cost reduction 
achieved by this investment. 
Table 9-3 lists major items of technology improvement identified 
in this study and cost estimates for this improvement, and assesses the 
benefits in each of the three categories (performance, risk reduction, 
and cost:reduction) in matrix fbrm; Only rough estimates of. the benefit 
in terms of percentage improvement are given. Further study would be 
required to establish more detailed estimates. These data are then 
used to determine an estimated cost effectiveness ratio, defined as the 
sum of the three benefits, divided by the respective technology cost 
increments also in percent, viz., 
Informal communication from I Chase, SPL 
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Tablei9)'3. Matrix-of Preliminary Cost-Benefit Estimates 
Technology Improvement "tem .o. 
Estimated Cost of 
01n,(a)poe nt C.RIP 
Estimated Benefits (percent) 
Performance Reduced Risk Reduced Cost 
o IACI1C o 
Cost-Effectivencs 
CE . 
, 
fRatiooDeelbpnent 
I. Development of space-storable propulsion
system (se.Table 871) - . . 8 16 30 to 100 10 to 20 10 to Z0 1.9 to*8. 8' . ig " 
2: Improved material b echnolv 
LF2 compatibility) 
(eg., 3 6 10 L 0 10 5 .High 
3. Additional development of safety pro-
visions for LFg ground handling and 
Shuttle launch(O) 
2 4 - 1O to 20 Z 5 to 5 ' High 
4. Increased specific impulse of earth-
storable propulsion systems 
(see Table 9-4) 
2 4 10 to 15 Z..5 to 3.8 Medium 
• 5. Centrifugally actuated.heat 
L F2 tanks 
pipe for 0.2 0. 7(c) 5 3 (c) 11.4 High(c) 
6. Biprbpellant ACS thrusters in 9 to 20 N 
(Z to 5 Ibf) range (see Table 9- 4 )(d) 
1.6 3.Z 5 5 3 4.1 Medium 
7. Longer life ACS thrusters 2 to 5 " High(') 
8. *Improved long-life reliability design 
techniques 
2 4 5 lO'to ZO .5 5 to 7.5 Medium 
(a)Assumes total flight spacecraft cost of $50M (average between Pioneer and Mariner type missions) as reference 
(b)ThCe ltcms for additional technology work, over minimum requirements subsumed under Item I 
(C)Required only for Pioneer Mercury orbiter. Reflects a lower reference cost ($30M) than other entries. 
(d)Recognizes earlier bipropellant ACS thruster development by Acrojet Liquid Rocket Compahy -(Reference 35) 
(e)Required particularly for Mariner outer-planet orbiters 
AP + + IAc 
P R C00CE ACT 
C 0 
Each contribution is assumed to carry an-equal weighting factor. 
The r-esults show that the development of space-storable propul­
sion technology, additional development of Fz safety provisions and 
materials technology, and longer-life ACS thrusters score high on this 
scale. Development of the heat pipe approach for LF2z tank thermal con­
trol in the Pioneer Mercury brbiter mission, although a specialized 
requirement, stands out as having the highest cost effectiveness. 
9.4.3 Figure-of-Merit Analysis Examples 
A more detailed quantitative analysis was performed on several
 
examples of cost benefits achievable by technology improvement.
 
The approach used here to evaluate cost effectiveness considers 
tile ratio of payload increment to cost of technology improvement. By 
this approach, various technology improvements can be compared to 
each other and to the average cost-of performance. 
Table 9-4 lists, five items of improvement in earth-storable pro­
-pulsion technology, the payload gain AM achievable by each, the benefit­
to-cost-ratio, the average cost of the payload, and the cost-benefit 
index given by 
AM/M 0CE  I7 oAC T/C --
This quantity is- directly related to,the ratio, CE defiiedfni: fthe preceding 
section, being one of the components of the fraction defining.CE. 
Items i through 3 in Table 9-4 were incorporated in the. design.' 
and in the cost schedules as they were clearly indicated -as-being neces­
sary.and desirable. Items 4 and 5 which involve the-proplellant .combina­
tion Nz0 4 /NzH 4 are alternatives to Items i and Z-and in-,,bive some srnll 
amount of technical risk. They also depart from study-guidelines -whici 
specified the more conservative choice of Nz0 4 /MME.Y 
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Table 9.4. Technology Benefit Analysis Examples (Earth-Storable Propulsion Technology Improvements) 
Item Technology Improvement 
• .. 
Improvement Produced 
_ _ 
ExchangeExhag 
Ratio 
_ _ _ 
Pala 
PGainaiootsRti (kg) 
CoytCost ($M) 
,cci iso 
eRecurringBeatio Paylon(kg/$M) (kg) 
® -® 
Mission 
PayloadCso 
($M) 
Average 
Cost ofCot-od 
Payload 
($SM)kg)® -® 
Cost-nenefit 
Index 
CdMex 
CM®Y® 
I ZOO lbf engine developmont 
- Outbound ModuleA 
ATp 15 sec 
1.86 kg/sec . 21.9 1.93 14.45 408 100 0.Z45 3.5' 
- Outbound Module B 2. 81 kgsecc 4Z.Z 1.93 21.88 680 100 0.147 3.2 
2 800 lb, engine development Al Z5 aec 
- Inbound Module A Z.42 kg/iac 60.5 1.95 31.06 340 100 0.Z94 . 9.1 
- Inbound Module B 3.53 kg/sec I 88.3 1.95 45.25 550 100 0182 . 8.Z 
3 Z lbf ACS thruster development 
- Inbound NZO 4 /MMH Module A 
- Outbound NZ0 4/MMIf Module B 
Weight saving -20 kg 
-l 
-1 
kg/kg 
kg/kg 
Z0.0 
20.0 
1.64 
1..64 
IZ.20 
12.20 
340 
408 
100 
100 
0.294 
0.245 
3.7 
3.0 
Co 
0 
- C 
0 P 
-
4 
5 . 
Alternative to Item I 
200 lbf NZO. /NH2 14 engine 
* 2 
- Outbound Module A 
- Outbound ModulofB± 
Alternative to Item 2 
o00lbf Nz0 4 /N 2 H4 engine 
- Inbound Module A 
IounMohI1 
nbound Module 
.-
Alap = 15 see 
+ Weight saving 9 kg 
Weight saving 13 kg 
lp . Z5 sec 
'I" 
+.Weight saving 9 kg 
Weigt saving 13 kg 
(1. 86 kg/sec. 
1 kg/kg) 
(2.81 kg/see, 
1 kg/kg) 
(Z.42 kgsee,c. 
kg/kg) 
(3.53 kg/sec. 
1kg/kg) 
36.9 
55.2 
69.5 
101.3 
2.3 
Z.3 
2.3 
Z.3 
12.14 
18.35 
30.Z 
44.05 
408 
680 
340 
550 
100 
to0 
100 
100 
0.245 
0.147 
0.Z94 
0.182 
2. 
Z.7 
8.9 
8.0 
fJ goalv 3bc 
L-7j 
All of the technology increments listed produce payload increases
 
at less than the average cost of payload delivered.
 
Values obtained in Table 9-4 show that all new technology items 
.considered are highly cost-effective. As shown in the last column the 
cost-benefit ratio is highest for Items 2 and 5. Future stidies and tech­
nology work should also consider N 0 4 /N 2 EH-4 as a propellant 
combination. 
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10. CONCLUSIONS AND RECOMMENDATIONS
 
i0. i 	 DEVELOPMENT OF MULTI-MISSION PROPULSION' 
MODULES FOR PLANETARY ORBITERS 
The following principal conclusions regarding the advisability of 
development of multi-mission propulsion modules are drawn from 
results of this study: 
o 	 Development of a multi-mission propulsion module even 
for only two of the specified missions rather than custom­
designed stages involves lower overall costs. 
o 	 Performance advantages of multi-mission space-storable 
systems over corresponding earth-storable systems are 
significant and include not only spacecraft gross weight 
savings, but shorter trip times to distant targets, 
greater mission flexibility and scientific yield, and 
lower launch-vehicle capability requirements. 
o 	 With larger, more sophisticated payloads (Mariner space­
craft) space-storable propellants are essential if all the 
missions in the sp&'Jcified s'et are to be performed. Some 
of the missions (Uranus orbiter) cannot be achieved within 
-	 practical time limits with the use of earth-storable 
propellants. 
0 	 With a lower payload weight (Pioneer spacecraft) all mis­
sions could be performed with earth-storable propellants, 
although less satisfactorily than with space-storable 
*propellants." 
0 	 Cost-benefit advantages overwhelmingly favor space­
storable over earth-storable propellants for multi­
mission propulsion niodules. 
0 	 The estimated development cost of a space-storable multi­
mission module exceeds that of earth-storable modules 
by less than $iOM. 
These conclusions are based to a large extent on including the 
three 	high energetic planetary orbit missions, namely, Mercury, Saturn, 
and 	Uranus in the mission set postulated for multi-mission application. 
Should the Uranus orbiter be given a lower priority, or be eliminated, 
the 	strength of the argument for space-storable propellants would be 
diminished to some extent. 
Seven comet missions in the late 1900's and early 1990's were in­
cluded, but onily as secondary objectives. Most of these comet missions 
i1-i 
can be performed if space-storable propellants, are available, but some 
only by using two propulsion modules in tandem, as in the case of the 
Mariner orbiter. Making the multi-mission module as small as possible, 
consistent with reduced flight times to the outer planets and efficient 
orbit insertion, limits the propellant capacity. Thus, in the tradeoff 
between planetary orbiter performance and comet-rendezvous mission 
feasibility, the former was favored in the design approach. 
10. 	2 ACCOMMODATION BY AND INTERFACES 
WITH PAYLOAD VEHICLES 
The overall systems viewpoint requires that the multi-mission 
module concept be implemented without imposing difficult and/or costly 
interface and accommodation requirements on the payload. The cost 
benefits achievable by the multi-mis sion module would be partially 
defeated if major redesign of the existing Pioneer and Mariner space­
craft were necessary. These constraints were taken-into account, but 
not all tradeoffs for a cost-effective overall systems approach wer6 
possible within the framework of this study. 
Future work should consider detailed structure and performance 
aspects of Pioneer and Mariner spacecraft, expecially the problem of 
structural reinforcement against high thrust accelerations. It is to be 
noted that even with a custom-designed propulsion nodule configuration 
some payload vehicle modifications are inevitable, e.g., reinforcement 
of the solar panel and the change in sun. shield location to accommodate 
the orbit injection pointing requirements in the case of the Mariner 
Mercury orbiter. Therefore, only part of the added cost -and weight 
penalties associated with such payload vehicle changes are chargeable 
to the multi-mission propulsion module concept when-comparing its 
effectiveness with that of the custom-designed propulsion module. 
10. 	3 ACCOMMODATION BY AND INTERFACES 
WITH THE' SHUTTLE AND UPPER STAGES 
The selected multi-mission stage design concepts satisfy size, 
weight, and structural constraints imposed by Shuttle launch. Safety 
requirements involving the use of fluorinated propellants were reflected 
in the design approach. Other handling, operational, and interface 
aspects were adapted from concurrent JPL studies. 
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10.4 TECHNICAL INNOVATIONS 
Innovations identified and investigated in the course of the study 
include: 
o 	 The use of double-walled propellant tanks for greater 
safety and added micrometeoroid protection 
o 	 Use of a spin-deployed sun shade for Pioneer Mercury 
orbiters. Sun shade stowage, deployment, and dynamic 
properties were investigated but still require further 
study 
o 	 Use of a spin-actuated heat pipe for LF 2 tank thermal 
control in the Pioneer Mercury orbiter. This heat pipe 
concept would reduce size and complexity of the deployed 
sunshade. A fixed sun shade may, in fact, be adequate 
with this thermal control approach. This concept also 
is recommended for further study. 
10.5 PROPULSION SYSTEM TECHNOLOGY ARE-AS 
RECOMMENDED FOR FURTHER STUDY 
In addition to the novel concepts listed above, the following propul­
sion technology areas are recommended for further study and research, 
particularly in relation to reliability improvement: 
i) 	 Propulsion-system design for optimum redundancy.. Methods 
for achieving at least partial mission success in the event of 
component failures. 
2) 	 Propellant corrosion (stress corrosion) of materials used in 
tanks and valves, including test and verification approaches. 
3) 	 Development of very high-reliability ACS thruster valves. 
4) 	 -Allaspects of system safety engineering, especially for 
LFz/NZH4 (with emphasis on Shuttle launch requirements). 
5.) 	 Design and utilization of double-wall tanks as related to 
system reliability aspects and safety during transport by 
the Shuttle orbiter. 
6) 	 LFz/NZH4 engine technology, especially probleAs of non­
equilibrium gas flow, combustion, pressure distribution, 
and cooling. 
7) Design and applicability of NZ0 4 /NZI 4 emgine. 
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